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РКЕКАСЕ 


The material in this book was assembled to support a series of lectures to be 
given by the authors in Europe in June 1965, under the sponsorship of the 
Advisory Group for Aerospace Research and Development, an agency of 
NATO. 

The general subject of Space Vehicle Control Systems is the subject of 
discussion with particular application to the present Manned Lunar Landing 
Program. The man-machine interaction along with requirements of the 
mission are first described. These mission requirements in terms of specific 
hardware along with the performance requirements and underlying reasons 
for choice are next explained. Lastly, the theoretical background, the system 
analysis and the derivation of the control functions to integrate the hardware 
into a precision guidance, navigation and control system are discussed. The 
book is organized into seven sections following the pattern of the lectures. 

Section 1 provides an historical background to the fundamental problems 
of guidance and navigation. The basic physical phenomenon and associated 
instrument techniques are discussed. 

Section 2 continues with background information going more specifically 
into the problems and approach of the guidance, navigation and control Οι 
the Apollo manned lunar landing mission. This section illustrates some of the 
basic philosophy and approaches to the Apollo tasks, such as the success 
enhancing decision to provide equipment that will perform all necessary 
operations on-board and using all ground base help when available. 

Section 3 concerns in detail the analytic foundation for performing on- 
board calculations for navigation and guidance. The achievement of a unified 
and universal set of equations provides an economy in on-board computer 
program to perform all the various mission tasks. 

Section 4 covers in detail the mechanization of the inertial sensor equip- 
ment of the Apollo guidance and control system. 

Section 5 provides the same visibility into the optical navigation sensors 
and measurement techniques. 

Section 6 provides background and specific techniques in the mechaniza- 
tion of on-board digital computers. Application to the Apollo mission 
illustrates several problems of interest such as the methods for providing 
reasonable and straightforward astronaut data input and readout. 

Section 7 concerns the specific problems and solutions of vehicle attitude 
control under conditions both of rocket powered flight and the free-fall coast 
conditions. The Apollo mission provides a diversity of examples of this area 
of technology in the control schemes of the command and service module, 
the lunar landing vehicle, and the earth entry configuration. 

The general problems of Space Navigation, Guidance, and Control re- 
quires a great variety of disciplines from the engineering and scientific fields. 
The successful completion of any one space mission or phase of a space mission 
requires a team effort with a unified approach. Of equal importance are the 
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software deliveries and performance with the hardware. This lecture series 
is an attempt to integrate many of the disciplines involved in creating suc- 
cessful and accurate space vehicle control systems. 

These lectures represent, on everyone’s part, an interplay between equip- 
ment and theory. While in each case emphasis may be on one or the other, 
in the whole equal emphasis is applied. 

All sections may be treated as separate entities; however, in the case of 
Section 3 through 7 it is helpful to have the background of Section 2. There 
is a cross reference between sections to avoid unnecessary duplication. 

It is observed that the authors have emphasized the Apollo mission and 
hardware as examples in their treatment of the subjects. This is partially 
because of their intimate familiarity with Apollo in the development work 
at the Instrumentation Laboratory of M.I.T. and partially because Apollo 
provides, in an existing program, an excellent example in its multiple require- 
ments and diversity of problems. Because Apollo is currently under develop- 
ment, no particular attempt has been made to make reference only to the 
latest configuration details. Indeed, the authors have utilized various stages 
of the Apollo development cycle without specific identification in every case, 
as they provide the guidance, navigation or control technique example 
desired. 

The authors wish to express their appreciation to NASA for the oppor- 
tunity to participate in the lecture series and for permission to use material 
from the research and development contracts NAS 9-153 and NAS 9-4065. 
They also recognize that this does not constitute approval by NASA of this 
material. In addition, they wish to thank the many members of M.I.T.'s 
Instrumentation Laboratory who are working on the Apollo system, for 
their inspiration and generation of material. 
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INTRODUCTION 

Guidance is the process of collecting and applying information for the 
purpose of generating maneuver commands to control vehicle movements. 
In effect, this process represents closure of the essential control feedback 
branch that has to be associated with structure and propulsion in order for 
any vehicle system to operate successfully. Strong airframes and powerful 
engines can provide the capability for flight, but without control to give 
stability, guidance to determine proper paths and to generate maneuver 
commands for realizing these paths, the most sophisticated and expensive 
craft are of no practical value. The finest airplane will not begin to serve 
as a means of transportation until the pilot takes his seat and assumes the 
functions of control and guidance. It is true that in recent times the demands 
of these functions have often gone beyond the abilities of human senses, 
human muscles and the speed of human thought processes. Man must now 
retain his hold on the command of many situations through his invention, 
production and application of inanimate devices that aid or replace his own 
limited powers for direct action. The collective brains of mankind are again 
demonstrating the ages-old truth that thought is very powerful among the 
factors that determine progress. Advances in the technology of control and 
guidance have been substantial during the past two decades, but these ad- 
vances have generated much misunderstanding, controversy and often strong 
opposition as the demands for attention and funding support have increased. 
However, the spectacular results that have been achieved, particularly in 
the fields of ballistic missiles, submarines, satellites and space vehicles, have 
tended to reduce this resistance and to encourage the development of a 
technology essential to the advancement and perhaps the survival of our 
country. 

A wide spectrum of possibilities for the future has already been revealed 
by results now in the records, but essential decisions associated with a con- 
tinuation of work toward pioneering improvements in performance remain 
to be made in the near future. Matters of national policy, strategy, tactics, 
economics, politics, company profits and human emotions are so inter- 
mixed with basic physical laws and technological developments that any 
significant clarifications of basic problems associated with guidance and 
control are certainly helpful in forming plans for constructive action. The 
authors of this paper hope to provide some assistance by a discussion of basic 
principles, requirements, mechanization features and natural performance 
limitations of components and of systems to meet the needs of military opera- 
tions. Representative numerical values for typical cases are cited, but specific 
results from particular equipments are not presented. 
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CHAPTER I—1 


PROBLEMS OF GUIDANCE 


The traditional method of directing the motion of a vehicle from a port of 
departure to a port of destination is based on the position and direction 
information generated by navigation. This situation is suggested by Fig. 1—1. 
Because the terminal phases of many missions are made to depend upon direct 
contacts with facilities at the destination, the accuracy required of naviga- 
tion is in general not very great. If navigation can bring a vehicle into an 
area extending a few miles around the destination, its function has been 
accomplished. For flights covering not more than a few hours it follows that 
performance inaccuracies not greater than one to three miles for each hour 
of flight are often considered satisfactory for navigation systems. Attacks on 
area targets with weapons able to cause destruction over areas several miles 
in radius is suggested in Fig. 1-2a. The purposes of such attacks can be 
served by control and guidance systems giving CEP's — Circular Error 
Probability (the radius in which half of a significant number of flights would 
terminate) with the order of one nautical mile. This inaccuracy should be 
substantially independent of range and time of flight. 

Any scheme of navigation or guidance that does not use direct contacts 
based on either natural or artificial electromagnetic (or acoustic) radiation, 
must depend upon the identification of points on the earth’s surface in terms 
of measured distances from established bench marks or by means of angles 
between local gravity directions with respect to coordinate axes fixed in the 
earth. The association of these directions with points on a theoretical mapping 
surface makes it possible to identify well-surveyed positions on the earth 
with inaccuracies somewhat less than one-tenth of a nautical mile. This 
means that a CEP of one-tenth nautical mile as the performance goal for 
the instrumentation of navigation and guidance systems is consistent with the 
map grids now available. Effective attacks on many military targets, such as 
bridges and hardened missile sites, which can be given map locations within 
one-tenth nautical mile require inaccuracies around the aim point of approxi- 
mately the same one-tenth mile order of magnitude. Figure 1—2b suggests the 
situation associated with a ballistic attack on a hardened missile site. 

Control, navigation and guidance always involve a reference coordinate 
system with axes having known working relationships with directions in the 
space used for defining the essential path of motion. This definition involves 
directions with respect to the reference coordinates, and also distances and 
motion between the guided entity and the destination or target. In practice, 
the reference coordinates may be established in several ways and the essential 
distances may also be indicated by various methods. Figure 1-3 illustrates one 
of the simplest situations for guidance with one airplane making an attack 
on another craft with guns. The problem is for the attacker to fly a path 
which causes projectiles from his armament to strike the target. His problem 
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centers around the line of sight to the target with reference coordinates for 
maneuvers fixed in the attacking plane. Usually roll, pitch and yaw axes 
fixed to the aircraft would be instinctively chosen for judging direction and 
magnitude of maneuvers. Success is achieved when the attacker flies so that 
his gunfire destroys the target. 

Navigation and guidance present situations that are more complex than 
the circumstances of an air-to-air duel because direct visual line-of-sight 
contact with the destination is not generally possible, so that a reference 
space outside the moving vehicle is necessary in order to describe positions 
and motions. When flight paths are between points associated with the earth’s 
surface it is natural to use earth’s coordinates established by north and the 
vertical for reference purposes. It is also reasonable to use radiation such as 
radio and radar for determining distance and direction. Situations of many 
kinds appear, depending upon circumstances, but it is possible to illustrate 
the principles involved in terms of the diagrams of Figs. 1-4, 1-5 and 1-6. 

Figure 1—4 suggests the situation in which ground-based equipment having 
a known orientation with respect to earth coordinates has artificial radiation 
contacts with the moving vehicle. When these contacts are by pulse tracking 
radar distance measurements are direct and give position when combined 
with indications of direction from tracking signals. Figure 1—5 illustrates the 
relationship of distances between points on the earth’s surface to angles 
between gravitational vectors at the points in question. Measurements of 
directions of gravity are generally associated with positions by the means of 
celestial navigation procedures. In these methods the gravity vector angles 
from lines of sight to selected stars are corrected for earth’s rotation and then 
related to map information. It is noted on the figure that an inaccuracy of 
60 seconds of arc (one minute of arc) gives a position inaccuracy of 6 000 
feet (one nautical mile), while inaccuracies of 6 seconds of arc and 1 second 
of arc correspond to 600 feet and 100 feet respectively. 

Figure 1-6 illustrates the indication of distance moved by a vehicle over 
the surface of the earth by integration of signals from an accelerometer with 
its input axis stabilized along the direction of vehicle motion. One integration 
of these signals from a given initial instant gives changes in velocity. A second 
integration gives changes in position. Assuming perfect orientation of the 
input axis during a one-hour time of flight, an average accelerometer in- 
accuracy of 30 x 10-* earth gravity leads to approximately 6 ooo feet 
inaccuracy in the indication of distance traveled. Under similar circumstances 
accelerometer inaccuracies of 3 x r0 5and 0.5 х ro *earth gravity produce 
approximately 600 feet and 100 feet respectively. The use of a vehicle-borne 
accelerometer implies that the means to stabilize the member on which it is 
mounted be aligned with the direction of the earth gravity vectors which 
identify positions on the earth’s surface. On the basis of numbers given in 
Fig. 1—6, initial alignment inaccuracies of 6 arc-seconds, 0.6 arc-seconds and 
0.1 arc-second will mean position inaccuracies of 6 000 feet, 600 feet and 
100 feet respectively. Additional inaccuracies of similar magnitude will 
accumulate if the orientational reference keeping the accelerometer input 
axis at right angles to the local gravity directions drifts at average rates that 
accumulate the given angular inaccuracies. 

It is convenient to express these drift rates in terms of earth’s rate for the 
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purposes of describing system performance. Earth's rate called an “eru 
unit is 15 degrees per hour or goo minutes per hour. One-thousandth of 
earth’s rate (called one milli-earth-rate-unit, one meru) is thus one minute 
per hour (0.015 degree per hour) which corresponds to a position inaccuracy 
of about one nautical mile per hour. This means that one-tenth nautical 
mile (600 feet) corresponds to one-tenth meru (0.0015 degree per hour, or 
6 seconds per hour) while 100 feet corresponds to 0.0167 meru (0.00025 
degree per hour, 1 arc-second per hour). It is to be noted that the numbers 
mentioned are only rough approximations. Any mechanization would require 
higher performance from its individual components in order to account for 
the interactions that inevitably exist in complete systems. 

In summary, it appears that radiation link inaccuracy is directly that of 
the instrumentation used. When gravitational directions are used to indicate 
positions, a 60 arc-second error gives one nautical mile error, with the corres- 
ponding error for 100 feet being one arc-second. If one-hour flight time is 
allowed to accumulate these errors the stabilization drift error must be less 
than 1 meru (0.015 degree per hour) for one mile error in an hour while a 
drift of 0.0167 meru (0.00025 degree per hour, 1 arc-second per hour) is 
required if not more than 100 feet position error is to be developed in one 
hour. When signals from an accelerometer with its input along the vehicle 
flight path are used to generate position change data, one mile error in one 
hour needs an accelerometer inaccuracy of about 30. Xx 10-5 earth gravity, 
while roo feet error in one hour needs accelerometer performance in the 
range of 0.5 x 10-5 earth gravity. 
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CHAPTER I—2 


GEOMETRICAL ASPECTS OF GUIDANCE AND 
CONTROL 


From the standpoint of basic geometry the problem of navigation and 
guidance is that of commanding vehicles to move so that they reach the 
vicinity of destinations or effectively hit pre-selected targets. In order for 
this process to be at all possible a reference space in which knowledge of 
relative location and motion between the guided vehicle and its goal must be 
available. With this knowledge in hand it may be processed and compared 
with desired location and motion to determine indicated deviations from 
which correction maneuver commands can be generated. Geometrical 
reference space for navigation and guidance is not unique, but may be chosen 
in many ways to be convenient for the problem under consideration. 

Figure 1—7 illustrates a simple situation in which a guided vehicle and its 
target are linked by a direct line of sight. This line is the geometrical entity 
that determines the maneuvers carried out by the pilot as he flies to the 
vicinity of his target. His own airplane acts for him as the reference space for 
these maneuvers; no outside body is involved. Here his reference space is 
naturally provided by the earth in good weather with the horizon and land- 
marks to give him the vertical and north as a setting for the location of his 
destination. In effect, the earth supplies three coordinate directions for judg- 
ing angles and a ground-fixed point at the destination for estimating distance 
and velocity along these axes. 

Figure 1-8 shows how the situation changes when clear visual contacts 
with the ground are lost because of night, weather or terrain. Under these 
circumstances it is universal practice to use gyroscopic instruments responsive 
to gravity for vertical indications and controlled by north-seeking devices for 
azimuth to establish a set of coordinates for directional reference purposes. 
It is significant to note that these instruments by-pass the structure of the 
vehicle by which they are carried and act as self-contained equipment in 
providing orientational reference coodinates. With visual contacts eliminated, 
artificial radiation links at radio and radar frequencies are used to establish 
distances and directions from known ground-based stations to the vehicle. 
Thus, directional information in earth coordinates is provided by both on- 
board and remote equipment, while indications of distance come from the 
radiation links with known points on the earth, 

Figure 1-9 illustrates the situation that exists when both visual contacts 
for judging orientation and artificial radiation links for indications of position 
are not available. The devices providing orientational reference information 
must be improved to have several orders of magnitude smaller error rates 
than the orientational reference needed for the situation of Fig. 1-8. By giving 
the geometrical reference member an initial alignment accurately related to 
earth coordinates at a known point, changes in location may be indicated 
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by effectively carrying out the double integration of accelerometer output, 
or by following changes in direction of the earth’s gravity vector. This means, 
in effect, that earth coordinates for a selected time and place must have been 
transferred to a self-contained system aboard the guided vehicle. With the 
good equipment performance necessary to provide information continuously 
and accurately on earth space directions and properly mounted accelero- 
meters with output signals processed by computers, a self-contained system 
will indicate location and velocity with respect to its point of departure. A 
system which operates in this way is called an INERTIAL GUIDANCE 
SYSTEM. Systems of this kind are universally used in ballistic missiles and in 
submarines when guidance without outside contacts is important. Inertial 
guidance systems for service over the earth are implemented in many ways, 
but the necessity remains for an accurate, continuously available, self- 
contained geometrical reference related in a known way to the external 
space in which guidance is to be performed. A number of typical mechaniza- 
tions are described briefly in a later section of this report. 

When guidance is considered for vehicles to operate not in the near vicinity 
of the earth but in regions for which the earth, moon, planets and stars 
effectively approach mass points, coordinates aligned in earth space lose their 
usefulness. Rather, it is necessary to employ geometrical reference coordinates 
associated with stars and planets. For example, celestial sphere coordinates, 
or some other directions such as a line directed toward the sun, may be set 
into an inertially stabilized reference member. Figure 1—10 shows the essen- 
tial features of the Apollo Guidance System which is to be used on manned 
flights to the moon and return. This system must deal reliably and accur- 
ately with some fifteen or twenty different problems of guidance ranging 
from earth launching through earth orbit, mid-course to the moon, moon 
orbit, moon landing and return to orbit, and finally through space to landing 
at a pre-selected point on the earth. 

An inertial member with provisions for either manual or automatic align- 
ment with earth coordinates or celestial coordinates is used as the geometrical 
reference during acceleration phases of the trip. Visually or automatically 
established lines of sight to known stars and to landmarks on the earth and 
the moon are used as the basis for determining location and velocity during 
mid-course flight. Data from these observations are processed by a digital 
computer which supplies both navigational information and guidance 
commands for system operation, which may be completely automatic as self- 
contained equipment, completely manual or partially automatic with 
monitoring by on-board human pilots, or with remote monitoring by ground- 
based supervisors through radio and radar links. It is probable that the 
Apollo Guidance Systems which have already been conceived, designed, 
built, tested and delivered will be useful models for Space Guidance Systems 
of the future. 
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CHAPTER I—3 


FUNCTIONAL REQUIREMENTS OF SYSTEMS 
AND THEIR COMPONENTS FOR CONTROL 
AND GUIDANCE 


Figure 1-11 represents the essential geometrical function of stabilization in 
terms of right-angled three-coordinate axis systems associated with the spaces 
concerned. A set of stabilization reference coordinates is established by 
some instrumental means or by direct visual contact to a space either 
identical with or related to the space in which vehicle motion is to be guided. 
An essential duty of the control system is to cause axes fixed to the vehicle 
structure to remain continually close to the stabilization reference axes, and 
also to keep the vehicle velocity vector substantially identical with a stabiliza- 
tion reference velocity vector which has a direction and a magnitude estab- 
lished in some way with respect to the reference space in which the vehicle 
path is defined. 

Figure 1-12 represents maneuver, a second control system function in 
which the stabilization reference coordinates and the stabilization reference 
motion are changed with respect to the vehicle path reference space in the 
ways necessary to accomplish missions. ‘The control system inputs that serve 
this purpose are maneuver commands generated from plans, programs, feed- 
back data, environmental data, and other information by a guidance system. 
The nature and functions of this system are illustrated by the diagram of 
Fig. 1-13. 

Figures 1-14 and 1-15 suggest the control and guidance situation that 
existed during the early days of manned flight. Without a pilot to complete 
the information handling feedback loop of control and guidance, an airplane 
was completely useless. Plans and programs were stored in the man’s brain, 
stabilization references and airplane conditions were noted by human senses 
and processed in the pilot’s mind to generate maneuver commands that were 
applied to the airplane control levers by his hands and feet. 

Figures 1—16 and 1-17 illustrate the control and guidance situation that 
commonly exists today in jet aircraft. Human pilots continue to be used in 
the control and guidance systems, but their senses are greatly extended by 
radio, radar and many instruments, their muscle forces are boosted by servo 
power and their ability to solve complex problems is extended by computers. 
All these appurtenances certainly improve the effectiveness of control and 
guidance, but the pilot’s position as an “on-line”? component in both the 
control and guidance loops means that his limitations in ability to solve 
complex problems rapidly and properly handle situations requiring too rapid 
responses set boundaries to the possible performance of the overall system. 

Figures 1-18 and r-19 suggest the circumstances that exist in rocket 
powered vehicles that, because of limited payload capacities, one-way 
missions, hostile environments and severe programs must operate with self- 
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FUNCTIONAL REQUIREMENTS OF SYSTEMS 


contained automatic control and guidance systems. The absence of restric- 
tions imposed by human limitations makes it possible to realize ballistic 
missiles and other vehicles with capabilities well beyond those in which men 
provide control and guidance functions as **on-line" components. 

Figures 1-20 and 1~21 illustrate the situation that exists in the control 
and guidance system of a manned vehicle to operate in the astronautical 
regions above the earth’s atmosphere and beyond the earth’s gravitational 
field. ‘The control and guidance systems are automatic with orientational and 
translational references provided by an inertially stabilized member, and a 
set of three accelerometers rigidly mounted on this member with input axes 
set in an orthogonal configuration. A telescope and a space sextant with their 
line-of-sight directions adjustable and transferable through a computer to 
the inertial reference member give information for correcting reference 
member alignment. Observations by the human pilot or by automatic op- 
tional tracking also supply data for a computing system to calculate positions 
in space and to generate correction maneuver commands. 

Flight condition data displayed by the automatic control and guidance 
system to the human pilot provide the information for monitoring system 
operation. A set of controls forming the operation mode selector and optional 
command system make it possible for the pilot to determine the mode in 
which the overall system works. He may select any sort of configuration from 
full automatic, in which he only observes operation, to completely manual, 
in which he acts to close servo-loops by continued on-line operation. 

Figures 1-22 and 1-23 suggest the complete configuration used by Apollo 
in which a ground-monitoring system connected by radio, radar and possibly 
visual up and down links to the flight vehicle. The earth-based system acts 
as an information collecting and monitoring branch in parallel with the on- 
board pilot monitor. Information and suggestions may be sent to the space 
vehicle, whether or not they are accepted in any given case depends on 
operating doctrine and the circumstances of particular cases. 
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CHAPTER 1—4 


STATE OF TECHNOLOGY OF COMPONENTS FOR 
CONTROL, NAVIGATION AND GUIDANCE SYSTEMS 


Radiation links which arc generally employed to implement friendly environ- 
mentshave the function of establishing contacts from transmitters to receivers, 
transponders and reflecting bodies. These links provide communications by 
voice, by telemetry and by signals of other kinds. Pulsed and continuous wave 
radar indicate line-of-sight directions and distances. Lasers and ordinary 
searchlights also offer powerful radiation links, particularly for satellites and 
space vehicles. In the current state of radiation link technology which allows 
determination of distances within a few feet, the links themselves do not 
impose limiting restrictions on the performance of navigation and guidance 
systems as far as distance measurements are concerned. The ability of radiation 
links to determine line-of-sight directions with inaccuracies less than one milli- 
radian is adequate for the needs associated with navigation and guidance. 
'arefully surveyed ground station sites with commonly available indica- 
tors of the vertical provide earth reference coordinates of such high accuracy 
that radiation beam orientations may be taken as substantially perfect. On 
the other hand, radiation links established by airborne transmitters generally 
have adequate ability to measure distances, but have restricted ranges due 
to limitations on size, weight and power consumption of the geometrical 
stabilization member. For these reasons the accuracy of directional tracking 
is not so good as that obtained from ground stations. A generally more severe 
limitation of air-borne radiation link equipment is introduced by inaccuracies 
of reference coordinate equipment which will always be greater than the 
corresponding inaccuracies of transmitters rigidly fixed to the earth. This 
source of reduced performance may be serious, and, in any case, must be 
given careful consideration in evaluating the errors of any particular system, 
Computing systems receive essential information and carry out the mathe- 
matical processes necessary to generate required outputs. The problems 
solved range from trigonometric transformations to the determination of 
position and velocity from accelerometer output signals. In terms of a rough 
analogy, computers perform the same functions that the brain of a pilot 
provides when a human being acts as the on-line date processing com- 
ponent in navigation and guidance equipment. The current technology of 
computers, particularly those based on digital operations, is so well developed 
that units of ample capacity, speed and reliability with reasonable sizes, 
weights and power consumptions are available for use in guidance systems. 
Improvements in all essential computer features including resistance to 
environmental interference effects are now in progress. It is certain that 
mechanization of computing functions is not now and will not in the future 
be a limiting factor on navigation and guidance systems. 
Engineering problems associated with angle sensing servomechanisms, 


25 





ιο тта ДА УУ РУМ. | 


GUIDANCE SYSTEM REFERENCE COORDINATES 
INITIAL CONFIGURATION ESTABLISHED 
WITH RESPECT TO FLIGHT PATH REF- 
ERENCE COORDINATES 





/ 
[ GUIDANCE SYSTEM REFERENCE COORDINATES MAINTAINED 
| DURING FLIGHT WITH A KNOWN RELATIONSHIP TO FLIGHT 
PATH SPACE REFERENCE COORDINATES 
/ M 
í " as 
* 
GEOMETRICAL É 
REFERENCE | δα 
МЕМВЕК | ος. 
| FLIGHT PATH SPACE REFERENCE 
COORDINATES 
у 


Fic. 1-24 Relationship of guidance system reference co-ordinates to flight path 
reference co-ordinates 


SPECIFIC FORCE RECEIVERS 
(ACCELEROMETERS) ____ 


GEOMETRICAL REFERENCE 
MEMBER — 


/AINPUT AXES HELD BY 
GEOMETRICAL REFERENCE 
” IN KNOWN DIRECTIONAL 
RELATIONSHIPS WITH 
FLIGHT SPACE REFERENCE 
COORDINATES 





< 
~ 

| — 

| 

| 

| 


"ik 


Ý FLIGHT PATH SPACE REFERENCE 
COORDINATES 


Fic. 1-25 Specific force receiver (accelerometer) system 


26 


STATE OF TECHNOLOGY OF COMPONENTS 


data transmission, mechanical design, etc., have current solutions that are 
generally satisfactory with advances certain to appear in the near future. 
Except in certain special situations these factors do not limit the performance 
of equipment for navigation and guidance. 

Guidance system coordinates related in a known way to reference direc- 
tions of the space in which the desired path of the guided vehicle is defined 
are easily established when rigid or optical connections to the ground are 
available. When the guidance system is vehicle-borne its necessary reference 
coordinates must be established with a known relationship to external space 
and maintained with this relationship defined during the progress of guided 
flight. This situation is suggested by the diagram of Fig. 1-24 with the guid- 
ance system coordinates initially established before flight with known geo- 
metrical relationships to the flight path space reference coordinates. 

For the purposes of guidance, the system coordinates must continue to 
provide a geometrical reference that accurately represents the flight path 
space as the vehicle moves to complete its mission. Because mechanical 
connections are impossible and radiation links between the vehicle and the 
flight path reference space generally absent, the only possibility for realizing 
satisfactory guidance system reference coordinates lies in the use of inertial 
principles. Properly applied, these principles make it possible to mechanize 
a member which either remains non-rotating with respect to inertial space, 
or moves in a quantitative way with respect to this space. Details of arrange- 
ments to accomplish such results are discussed in the next section of this paper. 

Current technology is easily able to provide guidance system reference 
coordinates representing flight space coordinates within one minute of arc 
for each hour of operation. The arc-second accuracy required by military 
guidance for hard targets is more difficult to achieve, but is feasible with 
proper attention to design and production of components. The principles 
available, typical arrangements and performance realized are discussed in 
the next section. 

Specific force receivers, the devices commonly called accelerometers, are the 
only available means for on-board sensing translational vehicle motion when 
radiation links with the environment are not available. A commonly used 
configuration of specific force receivers is to mount three units rigidly to the 
geometrical reference member with their input axes aligned with the guidance 
reference axes. This arrangement is suggested in the diagram of Fig. 1-25. 

Signals from the three specific force receivers represent the resultant 
components of gravity force and inertia reaction force along each of the three 
axes. With the geometrical relationships of these axes to the flight space 
reference axes known, calculations based on these signals make it possible 
for the computer to generate output signals giving the changes in vehicle loca- 
tion and velocity occurring after the start of system operation. Assuming 
perfect alignment of the guidance system reference coordinates with the 
flight-space reference coordinates and perfect computer operation, errors in 
indicated location and motion are due to imperfections in specific force 
receiver performance. Performance matching the requirements of navigation 
is easy to realize, while military guidance for hard point targets is within the 
capabilities of today's advanced technology. The mechanizations that afford 
these results are described in a later section. 
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CHAPTER I-5 


GYROSCOPIC UNITS FOR REALIZATION OF 
GUIDANCE SYSTEM REFERENCE 
COORDINATES 


Reference coordinates for vehicle-borne guidance systems with satisfactory 
performance must fulfill the general requirements summarized in Fig. 1-26. 
The basic functions are: (1) to provide continuously available mechanism 
reference directions; (2) to provide accurate control of the reference directions 
with respect to a selected external reference space in response to command 
signals; (3) to provide angular output signals that accurately represent devia- 
tions of case fixed reference directions from the mechanism reference direc- 
tions. In addition to these essential performance characteristics, practical 
instruments must be reliable, of reasonable size and weight, and be available 
at acceptable cost. 

Gyroscopic principles may be applied to mechanize practical instruments 
for providing guidance system reference directions. The theory involved is 
associated with applications of the Newtonian Laws of Mechanics to rapidly 
spinning symmetrical rotors. It is relatively simple to discuss this theory in 
terms of vectors representing rotational quantities in accordance with the 
commonly used “right hand" conventions that are summarized in Fig. 1-27. 
The central idea is that a rotational quantity such as angular velocity or 
angular momentum may be described by a vector along the axis of rotation 
with its length proportional to the magnitude of the quantity, and the head 
of its arrow related to the direction of rotation by the *'right-hand screw rule", 

Figure 1—28 suggests the basic operating principle of a gyroscopic element. 
When the gyroscopic element definition condition of constant spin velocity 
exists Newton's Law of dynamics leads to the conclusion that a torque 
applied to the rotor at right angles to the spin axis causes the angular 
momentum vector to change its orientation with respect to inertial space 
with an angular velocity of precession proportional to the magnitude of the 
torque and having a sense that always turns the angular momentum vector 
toward the torque vector. 

One way of using the gyroscopic element to realize mechanism reference 
directions for guidance system purposes is to set up an angular momentum 
vector and then carefully to reduce all torque components on the rotor to 
zero about any axis at right angles to the spin axis. In this torque-less condi- 
tion the angular momentum vector maintains an orientation with respect 
to inertial space that is completely determined by the direction about which 
the spinning torque originally built up the angular momentum of the rotor. 
Once the spin angular momentum vector direction is established it becomes 
useful for reference purposes only through the medium of signals that repre- 
sent angles between the spin axis and reference directions fixed to the case 
within which the rotor spins. Figure 1-29 suggests the situation that exists 
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(c) Vector representation of a torque 


Fic. 1-27a Vector conventions for rotational quantities 
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VECTOR POINTS ALONG AXIS OF 
SPIN IN ACCORDANCE WITH 
RIGHT HAND RULES 


ү? " sp) ^ Vector onqulor momentum LENGTH OF VECTOR IS PROPOR 
P) UP) of rotor (spinning about IONAL TO MAGNITUDE OF 
ον ο 9 yam) ANGULAR MOMENTUM 
4p)" "omen! of inertio of k 
(5) rotating body about H 
spin oxis 


= spin velocity 
OP) (vector angular 
velocity about ⸗ 
Spin Oxi) 


SENSE OF ROTATION 
SPIN AXIS — ROTATING BODY ( motor) 


(d) Vector representation for the angular momentum of a spinning rotor 


PLANE CONTAINING 
RL AND rL 











REFERENCE LINE 
RL 


DIHEDRAL ANGLE 
BETWEEN PLANES 


A ROTATED LINE 
(RL-rL) 


rL 


PLANE CONTAINING RL 
AND NORMAL TO PLANE 
CONTAINING RL AND rL 


PLANE CONTAINING rL 
AND NORMAL TO PLANE 
CONTAINING RL AND rL 


(e) Angle represented on a dihedral angle between planes 









REFERENCE LINE 
RL 


ROTATED LINE 


rL 
AXIS OF ROTATION 
ANGLE ^ (RL-rL) 
VECTOR ANGLE BETWEEN LINES 
RL AND εἰ 


A 
(RL-rL) 


(f) Angle represented on a rotational vector 


Fic. 1-27b Vector conventions for rotational quantities 
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Wy = ANGULAR VELOCITY OF PRECISION WITH 
RESPECT TO INERTIAL SPACE 


SPINNING SPHERE Wy = М (арр) 
(ROTOR) H 

UE ANGULAR MOMENTUM 

" VECTOR TURNS TOWARD 


TORQUE VECTOR 


ч — 
m i ux SPIN ANGULAR VELOCITY 


SPIN DIRECTION pa 
ANGULAR MOMENTUM 


I 
| -y E 
| H = I (rotor) W (spin) 

Too} = MOMENT OF INERTIA OF 
н, (rotor) ROTOR ABOUT SPIN AXIS 


M (app) APPLIED TORQUE 


SPIN VELOCITY IS ASSUMED TO BE SO GREAT IN RELATION TO ALL 
OTHER ANGULAR VELOCITY COMPONENTS THAT Hyrotor) REPRESENTS 
THE TOTAL ANGULAR MOMENTUM OF THE SYSTEM. 


MECHANISM FOR SUPPORT AND SPINNING ROTOR NOT SHOWN. 


Fic. 1-28 Basic operating principles of the gyroscopic element 
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CASE 


(FIXED TO SUPPORT FIRST REFERENCE DIRECTION 
FOR INSTRUMENTS) "d FIXED TO CASE 
/ 
/ FIRST CASE ORIENTATION ANGLE 






SECOND REFERENCE DIRECTION 
FIXED TO CASE (IN PRACTICE 

REPRESENTED BY SIGNAL Ζ΄ 
GENERATED BY MEANS // 
NOT SHOWN), 


GYROSCOPIC SPHERE 


SPIN. AXIS (ESTABLISHES A 
MECHANISM REFERENCE 
DIRECTION) 


m 


REFERENCE "EQUATOR" ON ROTOR SECOND CASE ORIENTATION ANGLE 


€ INDICATIONS OF ORIENTATION OF THE CASE WITH RESPECT TO THE SPIN 
AXIS DIRECTION DEPEND ON COMPUTER PROCESSING OF ANGLE 
SIGNALS BY RELATIONSHIPS OF SPHERICAL TRIGONOMETRY. 


* FOR COMPLETE DEFINITION OF INDICATED CASE ORIENTATION WITH 
RESPECT TO INERTIAL SPACE TWO GYROSCOPIC ELEMENTS WITH 
DIFFERENT SPIN AXIS DIRECTIONS ARE REQUIRED. 


€ ARBITRARY CASE ORIENTATION INDICATIONS WITH INACCURACIES WITH 
THE ORDER OF ONE ARCSECOND ARE DIFFICULT BECAUSE OF THE HIGH 
SIGNAL GENERATOR ACCURACY AND COMPUTER PERFORMANCE 


REQUIRED. 
Fic. 1-29 Illustrating reference direction mechanization with untorqued gyroscopic 
elements and computed indication of case orientation from direct rotor-case angle 


signals 
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SECOND CASE REFERENCE | FIRST CASE REFERENCE 
DIRECTION AXIS L^ DIRECTION AXIS 
ANGULAR DEVIATION 


ABOUT FIRST REFERENCE 
DIRECTION AXIS 


CASE 


__ SPIN AXIS 
ace 


TORQUER 


BASE 


ANGULAR DEVIATION 
ABOUT SECOND REFERENCE 
DIRECTION AXIS 


READOUT OF ANGLES 


ANGULAR DEVIATIONS ABOUT THE CASE 
REFERENCE DIRECTION AXES (IN THE PLANE 
OF THE ROTOR SPIN EQUATOR WHEN THE 
ANGULAR DEVIATIONS ARE ZERO) ARE RE- 
CEIVED BY SIGNAL GENERATORS GIVING 
OUTPUTS PROPORTIONAL TO DEVIATIONS OF 
THE REFERENCE DIRECTIONS FROM PERPEN- 
DICULARITY TO THE SPIN AXIS. 

THESE SIGNALS APPLIED AS SERVO-DRIVE INPUTS 
TO GIMBAL TORQUERS ACT TO KEEP THE CASE 
AS A CONTROLLED MEMBER IN ALIGNMENT 
WITH THE SPIN AXIS. 

ANY SATISFACTORY SERVO-SYSTEM MAINTAINS 
THE ANGULAR DEVIATIONS SMALL - ONE SEC. 
OF ARC REPRESENTS REASONABLE PERFORMANCE. 


Frc. 1-30 Illustration of two-axis mechanism reference system based on servo-driven 
gimbals and the untorqued gyroscopic element 
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INERTIAL 
REFERENCE 
PACKAGE 


|| - 
^» ANGUL AR 
ДЁ DEVIATION 
~ SIGNALS 








GIMBAL DRIVE 
SIGNAL GENERATOR 


BASE 
MOTION ss 
ISOLATION 


LOOP 


GIMBAL DRIVE 
TORQUE SIGNALS 

GIMBAL 
TORQUERS 


INTERFERING TORQUES 
ON BASE 


Ето. 1–31 Illustration of arrangement of three-degree-of-freedom servo-driven 
gimbals to isolate mechanism reference members from base motion 
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STARTING 
MOTOR COILS 









AN SUPPORT 


ANGLE SENSORS 


ELECTRODES 


FEATURES 


INITIAL SPIN TORQUE ONLY 
(ROTOR COASTS DURING OPERATION) 


ONE MOVING PART 


FIELD PROVIDES BEARING FOR 
SPINNING MEMBER 


FIELD SUPPORT ALSO PROVIDES TWO 
DEGREES OF FREEDOM FOR ANGULAR 
MOMENTUM VECTOR 


ANGLE SIGNAL GENERATOR RECEIVES 
COMPONENTS OF SINGLE ANGLE 


SENSITIVE TO ANGULAR MOTION 
ABOUT ALL AXES AT RIGHT ANGLE 
TO SPIN AXIS 


ADAPTED TO TORQUE-FREE OPERATION 
ONLY 


Basic features of the non-viscous field (electromagnetic, electrostatic) 


supported two-degree-of-freedom gyro unit 





КОТОК 
INNER GIMBAL 


TORQUER 


OUTER 


GIMBAL 
κοκ 


SS 
DY) 


TORQUER 


BASE 


FEATURES 


è SPIN MOTOR SUSTAINS ROTOR 
SPEED CONSTANT INDEFINITELY 


€ SPIN BEARINGS LIMIT ROTOR ТО 
ROTATION ABOUT SPIN AXIS FIXED 
TO INNER GIMBAL 


* TWO DEGREES OF ANGULAR FREE- 
DOM FOR ANGULAR MOMENTUM 
VECTOR PROVIDED BY GIMBALS 


* ANGLE DEVIATION SIGNALS REPRE- 





SPIN MOTOR 


TWO DEGREE OF ANGULAR 
FREEDOM SENSOR 


NOTE: 

ROTOR AND ITS BEARINGS MAY BE 
ENCLOSED IN A HERMETICALLY SEALED 
CAN AND SUBSTANTIALLY SUPPORTED 
BY FLOTATION IN A FLUID CONTAINED 
WITHIN AN OUTER CASE 


SENT COMPONENTS OF SINGLE ANGLE 


e SENSITIVE TO ANGULAR MOTION 
ABOUT ALL AXES AT RIGHT ANGLES 
TO SPIN. AXIS 


e TORQUERS ON GIMBALS MAKE IT 
POSSIBLE TO CHANGE ORIENTATION 
OF SPIN AXIS AS A QUANTITATIVELY 
ACCURATE RESPONSE TO COMMAND 
SIGNALS 


FrG. 1-33 Basic features of the gimbal supported two-degree-of-freedom gyro units 
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GYROSCOPIC UNITS 


that suggested in the diagram of Fig. 1-31. In this figure, three gyro units, 
each with one degree of freedom, are shown on the inertial reference package 
instead of the two that would be needed if gyro elements like that of Fig. 1-30 
were used. For the situation illustrated, the nature of the gyro units is im- 
material so long as they provide the function of sensing and representing 
angular deviations in terms of usable signals. Gyro units of many types have 
been conceived and a few have been reduced to successful practice. Strong 
discussions of relative merit for various mechanizations continue and are not 
likely to be settled until working equipment is tested under operational 
conditions. However, an understanding of the patterns in which fundamental 
principles may be applied is surely helpful for effective evaluations of per- 
formance data from test results. The discussion that follows is intended to 
help with this understanding by describing the features and problems 
associated with typical classes of gyro units. 

All gyro units are designed around a relatively strong component of 
angular momentum with its direction rigidly fixed to some member which 
has freedom to move within the instrument case. For the instruments that 
have proved to be successful in the present state of technology, this angular 
momentum is generated by a spinning rotor of some kind. Figure 1-32 
illustrates the simplest arrangement in which a single moving part, a rotor 
having a generally spherical form, is supported on forces generated by 
clectromagnetic or electrostatic fields so configured that the resultant damp- 
ing forces acting on the rotor are very low. This characteristic makes it 
possible for a rotor forced into rotation by eddy-current motor action to 
continue coasting with a high velocity spin for considerable periods of time 
such as days, weeks or months after the driving torque has been removed. 
When the spherical rotor runs within a spherical case in the arrangement 
suggested by Fig. 1—32, the frictionless support not only provides a spin bear- 
ing but also allows for complete angular freedom of the case with respect to 
the spin axis. Sensors for angles between references fixed to the case and the 
spin axis supply signals that yield orientational reference information after 
processing by a computer. 

The inviscid field supported rotor gyro unit is attractive because of its 
simplicity, but start-up of spin is an awkward process requiring considerable 
time with the spin direction determined by the orientation of the case during 
the time the spin torque is acting. Nutation, i.e. an oscillatory change in 
direction of the angular momentum vector, is generated during the starting 
operation and must be damped out. The inviscid field supported rotor 
arrangement does not lend itself to the controlled application of torque 
components for adjusting the direction of the angular momentum vector, a 
circumstance which makes it practically impossible to align the spin axis 
direction directly and accurately with external reference case coordinates, 
This means that auxiliary means to provide special positioning of the case 
with respect to external coordinates must be used. The required equipment 
tends to be cumbersome and difficult to use. This circumstance makes it 
unlikely that inviscid field supported sphere gyro units will be as satisfactory 
for the purposes of high performance guidance systems as other units that 
allow self-alignment of the system in which they operate. 

Gyro units with inviscid field supported spherical rotors also present 
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certain other difficulties. ‘These problems stem from the inaccessibility of 
spinning rotors for balancing and other adjustments while the complete gyro 
unit is in operation with all the environmental conditions adjusted to those 
of operational use. Another matter of basic importance that remains to be 
resolved is that of the effects of vibration and acceleration on a gyroscopic 
system with zero damping. It is certainly very desirable to measure environ- 
mental effects and to determine overall system performance as soon as 
possible. Because gyro rotor behavior cannot be refined by mass changes made 
directly on spinning spheres, it is not possible to refine gyro performance by 
adjustments. In practice the operation of each individual sphere must be cali- 
brated in combination with a computing system to determine performance 
coefficients that can be applied during operation to reduce imperfections in 
behaviour by calculation rather than through adjustment or compensation 
of the mechanism. 

Practical problems of design, engineering, production and operation for 
gyro units may be simplified by separating the various functions that must 
be provided within a gyro unit in ways that allow each aspect of performance 
to be given individual adjustments and compensation with a minimum of 
coupling effects that lead to inaccuracies in operation. Figure 1—33 suggests 
the basic features of the typical two-degree-of-freedom gyro unit with: 

(a) Angular momentum provided by the rotation of a spinning wheel-like 
rotor, carried by an inner gimbal through shaft and journal bearings 
that may be ball, roller or hydro-dynamic with gaseous or fluid 
lubricant. 

(b) Spin angular velocity sustained (no coasting in operation) with con- 
stant speed by a continuously acting motor. 

(c) Two degrees of angular freedom with respect to the case provided by 
gimbals (fluid, ball or roller supported). 

(d) Generation of angular deviation signals restricted to small magni- 
tudes, by reception of spherical displacements of the case with respect 
to the spin axis. 

(e) Accurate changes in angular momentum orientation with respect to 
inertial space by direct response to command input for gimbal 
torquers. 

(Г) Balance adjustments available during unit operation by means of 
threaded nuts on the two gimbals. These adjustments make it possible 
to approach the ideal condition of gyro unit insensitivity to gravity 
and acceleration by adjusting the center of mass so that it approaches 
coincidence with the point of support provided by the gimbals. 

In some designs this mechanical support may be supplemented by 
flotation forces provided by liquid within the clearance between hermetically 
sealed thin shell gimbals. 

When its base is mounted on a structure which rotates with respect to 
inertial space the two-degree-of-freedom gyro unit gives output signals which 
represent spin axis angular deviations about axes perpendicular to the spin 
axis, from a reference position of the case. This reference position is deter- 
mined by the orientation of the case in which the angle output signal has its 
null level. Command signals to the torquers make it possible to change the 
reference orientation as desired without any need for taking base orientation 
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Fic. 1-34 Basic features of single-degree-of-freedom floated integrating gyro unit 
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ANGLE OF THE SPIN AXIS WITH RE- 
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1-35 Line schematic diagram for the single-degree-of-freedom floated Inte- 
grating Gyro Unit 
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into account. This possibility of directly relating gyro unit angular momentum 
to an external space relerence direction gives the torqued two-degree-of- 
freedom gimbal supported gyro unit a considerable advantage over inviscid 
field supported spherical rotor units. 

The gimbal supported two-degree-of-freedom gyro unit overcomes some 
of the difficulties stemming from the multiple function characteristics of 
inviscid field spherical rotor supports. Adjustments can be made during 
operation by gimbal balancing adjustments, indefinite operating periods are 
achieved, accurate control of angular momentum directions is made possible 
and various other results of practical importance are attained. However, the 
difficulties associated with accurately maintaining coincidence between the 
point of support provided by two coincident gimbals and the center of mass 
of an articulated structure limit the quality of performance available from 
the two-degree-of-freedom gyro unit and considerably increase the difficulty 
of manufacture for units of even medium performance levels. The output of 
deviations in terms of a conical angle subject to the coupling effects that tend 
to accompany the precession and nutation of a two-degree-of-freedom gyro 
rotor is also troublesome when accuracies in the region of fractional arc- 
seconds are desired. 

Some difficulties of two-degree-of-freedom units are reduced when the 
mechanical gimbal system is replaced by a spherical gas bearing arrangement 
which allows both rotor spin action and angular freedom between the spin 
reference direction and the case. Balancing problems still exist and the gas 
bearing is always subject to sharply defined upper limits of resistance to 
shock and vibration, but many practical gyro units using this mechanization 
are in operational use. All two-degrec-of-freedom gyro units are essentially 
untorqued for the purposes of sensing angular deviations. This means that 
the obtainable resolution in terms of angular velocity components about 
axes of sensitivity for the unit depends on the angle defined by the minimum 
usable output from the signal generator. This generally corresponds to angles 
so large that detection of small components of earth's rate (in the region of 
one arc-second per hour) is generally not practical. 

Single-degree-of-freedom gyro units with the basic features illustrated in 
Figs. 1-34 and 1-35 make it possible to realize practical gyro units with the 
characteristics required of angular deviation sensing instruments for guidance 
systems able to reliably provide the low CEP range needed for hard point 
military targets. The design philosophy involved is the direct antithesis of 
the single moving part philosophy of the inviscid field supported sphere gyro 
unit in which refining adjustments to the rotor are impossible during opera- 
tion and accurate direct alignment of angular momentum axis to external 
reference space is not available. In the floated integrating single-degree-of- 
freedom gyro unit each function is carefully separated from others and with 
the exception of dynamic balancing for the rotor, may be refined toward 
ultimate performance with the complete gyro unit in normal operation. 

As suggested by Figs. 1-34 and 1-35 angular momentum is provided by 
a rotor with its spin sustained indefinitely by a driving motor. The spin axis 
bearings which support the rotor from the single gimbal may be either ball 
bearing or hydrodynamic journal bearings lubricated by air. With good 
design and manufacture both types have demonstrated high performance 
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and lifetimes of many thousands of hours. Gas bearings consume somewhat 
more power at starting and in operation than ball bearings. Gas bearings 
are much more liable to damage than balls when subjected to torques before 
their full supporting power has been developed during start-up, and they 
are also more vulnerable to catastrophic failure under either steady or 
vibratory high accelerations. It appears that gas bearings are suitable for 
environments of limited severity, while ball bearings are adaptable to wider 
ranges of environmental conditions. Both types are now in use and can be 
applied in single-degree-of-freedom gyro units at the preference of the 
designer. 

Single-degree-of-freedom motion is provided by a chamber enclosing the 
gyro rotor, which is largely supported on the flotation pressure gradients 
built up by gravitational and inertia reaction forces in a dense, highly viscous 
fluid contained in the clearance volume between the float and the hermetically 
sealed case. In operation, the temperatures of the solid parts and the fluid 
are closely controlled, so that the buoyancy support remains substantially 
constant. ‘The small remaining imperfection in flotation is effectively reduced 
to zero by single axis magnetic support units at either end of the float, which 
is thus suspended within the case without even the slightest rubbing contact 
between solid parts. 

Complementing the buoyancy and magnetic supporting forces are forces 
generated by hydrodynamic forces and torques generated when the heavy 
fluid is forced to flow between parts of the clearance space. The resultant 
support minimizes distorting stress on the gimbal because of the distributed 
nature of the loads. The overall result is a system effectively immune to the 
mechanical effects of acceleration, vibration and shock within selected design 
ranges. 

‘The use of high viscosity fluids for gimbal support means that high level 
drag forces are developed by motion of the float within the case. The forces 
not only provide support during dynamic conditions but also develop a drag 
torque about the gimbal freedom axis of the float. This torque is proportional 
to the angular velocity of the float with respect to the case about this axis, 
which is carefully made at right angles to the spin axis of the gyro rotor. 
Under gyroscopic principles a rotation of the angular momentum vector 
about the input axis which is at right angles to the gimbal axis and also the 
spin axis, causes the gyro rotor to exert a torque on the gimbal about its 
axis of freedom which, for this reason, is called the output axis. This torque 
is absorbed by the accelerational inertia reaction of the float and by viscous 
drag in the fluid. The inertia reaction torque causes the gyro unit to exhibit 
a time constant with the order of one thousandth second, while the viscous 
drag torque causes the float angular velocity within the case to be propor- 
tional to the case angular velocity with respect to inertial space about the 
input axis. The result is that the float output angle with respect to the case is 
proportional to the angle turned through by the case with respect to inertial 
space about the input axis. This action leads the name “integrating gyro 
unit” for instruments with the features of Fig. 1-34. 

Because of the absence of rubbing friction between solid parts and the 
utilization of viscous drag as a primary factor in operation, the proportionality 
between input angle and float output angle is effectively perfect over the 
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operating range of a few minutes of arc down to a lower limit that is surely 
less than one thousandth of an arc-second. 

In operation, the single-degree-of-freedom integrating gyro unit is suitable 
for use only under circumstances in which gimbal deflection angles are 
limited to a few seconds of arc. This condition is favorable for signal generator 
designs which can be constructed to give very low null signals and high 
sensitivity outputs when connected to feasible electronic circuits. Signals 
defining less than 0.01 arc-seconds are achievable with carefully designed 
generators and good electronics. 

As shown in Fig. 1-34 balance adjustments for the float have the form of 
nuts on screws attached to the float. By providing means for turning these 
nuts from outside the case with the unit in full operation, it becomes possible 
to place the center of mass on the output axis so accurately that the total 
effects of unbalance torques under one earth gravity may be reduced to the 
level of one meru or less. 

Flexible leads carefully selected for low hysteresis and substantially floated 
in the suspension fluid are used to carry power to the gyro rotor within the 
gimbal float. By careful design and the use of a refining adjustment accessible 
from outside the case, the effects of power lead torque may be reduced to a 
level of one meru or less. 

With single axis operation and accurately controlled centralization of the 
moving element, torque generators are feasible in which the output is very 
closely proportional to the electrical input. This characteristic makes the 
single-degree-of-freedom integrating gyro unit a very useful and flexible 
component for applications of many kinds. 

Тће features described in general terms coupled with an absolutely neces- 
sary careful control of temperature, rotor power, electrical excitation, 
mechanical mounting, connectors, etc., make it possible to reduce gyro 
performance uncertainties to levels between 0.01 and 0.001 meru. By proper 
compensation and/or correction of various basic effects which are measurable 
by inspection techniques, gyro performance substantially identical with the 
uncertainty levels may be achieved in practical operation. 
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Fic. 1-36 Pictorial schematic diagram illustrating basic features of the single axis 
servo-driven stabilization with inertial-space angular deviation sensed by the single- 
degree-of-freedom floated integrating gyro unit 


CHAPTER 1-6 


BASIC PRINCIPLES OF GYRO UNIT 
APPLICATIONS 


Single-degree-of-freedom gyro unit systems as components are combined with 
many more devices to produce a coordinated overall result in guidance 
systems. The particular function of any single gyro unit is to translate the 
resultant of rotations about its input axis with respect to inertial space and 
command inputs to its torque generator into a resultant signal that represents 
the angle deviation of the float from the position for which the output signal 
has its null level. In effect, the output signal represents the angular deviation 
of the case about the input axis from a reference position established by the 
null level of the signal. Command inputs to the torque generator have the 
effect of rotating the reference position with an angular velocity proportional 
to the signal. 

Figure 1-36 is an illustrative pictorial schematic diagram in terms of a 
single axis system suggesting the basic features and operating principles of a 
typical gyro unit — servo-driven controlled member combination. For the 
arrangement of this figure which provides functions similar to those of the 
geometrical reference member of an inertial guidance system, it is assumed 
that the command input is zero except perhaps for small compensations for 
calibrated imperfections of the particular gyro unit involved. When, for any 
reason, the base of the servo-drive moves so that the gyro unit is rotated away 
from its reference orientation about the input axis, or a torque is imposed 
from any other source, a gyro output signal is generated. Through slip rings 
this signal is applied as input to the servo-drive system which applies torque 
to the controlled member to force it back to the orientation for which the gyro 
unit case has its reference position. As a result of this continued action of the 
servo in overcoming disturbing torques, the case effectively holds its reference 
position about the input axis no matter how the base may move. Operation 
of this is typical of geometrical stabilization. 

The servo-drive-gyro unit combination of Fig. 1-36 provides several 
functions for inertial guidance systems. The broad natures of these functions 
are suggested by the diagrams of Fig. 1-37. When no command signal is 
applied to the gyro unit, the servo-drive stabilizes the input axis orientation 
of a controlled member on the basis of angular deviation signals from the 
gyro unit. Command signal integration appears when an input is supplied 
to the gyro unit torque motor. The resulting torque on the float causes rotation 
which produces an output signal. This signal acts as an input to the servo so 
that the controlled member turns in the proper direction to reduce the output 
signal. Except for dynamic response effects, which may be reduced to negli- 
gible levels by proper servo design, the operation described may be made to 
rotate the controlled member about the input axis with an angular velocity 
effectively proportional in magnitude to the magnitude of the command 
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Γιο. 1-38 Basic features of the single-degree-of-freedom pulsed integrating pendulum 
for receiving specific force 
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Fic. 1-39 Pictorial schematic diagram showing basic features of the single axis 
single-degree-of-freedom pendulum single-degree-of-freedom gyro unit integrating 
special force receiver 
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Schematic drawing of single-degree-of-freedom gyro package 
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Schematic drawing of two-degree-of-freedom gyro package 
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Schematic drawing of accelerometer package 


Fic. 1-40a Basic elements of typical geometrical reference packages 
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Pictorial drawing of a single-degree-of-freedom specific force receiving unit 


Fic. 1-40b Basic elements of typical geometrical reference packages 
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Fic. 1-41 Approximate centre-of-mass position in terms of distance along the spin 
axis for typical gyro units 
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CHAPTER I—8 


INERTIAL SYSTEMS 


Inertial guidance systems all require the instrumentation of reference co- 
ordinates accurately aligned with the external space used for flight path 
reference purposes. In addition, specific force receivers rigidly mounted on 
the reference member are needed to produce signals that represent specific 
force components. A typical arrangement is suggested by the diagram of 
Fig. 1-42. Controlled member stabilization maintains the reference co- 
ordinates and specific force receiver outputs give computer inputs represent- 
ing components along known axes. These outputs, processed by the computer, 
give control, navigation and guidance outputs without the necessity of 
geometrical transformations based on gimbal orientations. 
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Fic. 1-42 Basic features of inertial guidance system with inertial reference package 
and specific force receiving package rigidly mounted on a common controlled 
member 
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PART 2 


THE NAVIGATION, GUIDANCE AND CONTROL 
OF A MANNED LUNAR LANDING 


INTRODUCTION 

Among the many extensions of old disciplines and development of new 
technologies needed in man’s present rush into space flight is that of the 
subject of this book; the measurement and control of spacecraft position, 
velocity and orientation in support of space mission objectives. In this 
chapter, we will introduce more specifically the nature of the problem in 
order to provide a background of definition and approach for the following 
chapters which deal with actual details of specific problems and their 
solutions. 

One might choose the words “spacecraft rotational and translational 
management" as being descriptive of the subject. The parameters of concern 
are the time history of the three degrees of freedom describing spacecraft 
orientation and the time history of the three degrees of freedom describing 
spacecraft position. 

Spacecraft missions such as those being flown today operate in phases 
which alternate with a short period of powered or accelerated (that motion 
with respect to the free-fall arising from non-gravitational forces) flight 
followed by a long period of free-fall coasting. This is a consequence of the 
character of available propulsion typical in the chemical rocket. The nature 
of the rotational and translational management problems differ markedly 
between the free-fall and thrusting accelerated conditions. Thus it becomes 
convenient to separate discussions and base definitions on paired combina- 
tions of the “‘rotational”’ or “translational” and the “free-fall” or “‘acceler- 
ated" aspects of the subject. This results in the following definitions of four 
often-used terms: 

(a) NAVIGATION 

Translational measurement and control in free-fall 
(b) ATTITUDE CONTROL 

Rotational measurement and control in free-fall 
(c) THRUST VECTOR CONTROL 

Rotational measurement and control during acceleration 
(d) GUIDANCE 

Translational measurement and control during acceleration 

Unfortunately two minor flaws mar this symmetrical array of definitions. 
First, the process of **navigation" probably ought not to be constrained only 
to free-fall flight. Indeed, the determination of position and velocity during 
any phase of flight might be a better definition of navigation. We can take 
the view, then, that navigation is one of the functions of the guidance pro- 
cess — as will be seen. Second, using “‘thrust vector control” for the title 
associated with rotational measurement and control during accelerated flight 
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appears to exclude similar operations during phases where aerodynamic 
forces — not rocket thrust — are causing the acceleration. This occurs during 
the important phases of planetary atmospheric entry using drag and lift 
forces for deceleration and steering. 

Recognizing these qualifications, the following chapter covers the problems 
of each of the four situations. 


CHAPTER 2-—I 


THE BACKGROUND AND THE PROBLEM 
OF SPACECRAFT GUIDANCE, NAVIGATION AND 
CONTROL 


NAVIGATION 
‘Translational measurement and control in free-fall 

Navigation as defined herein is the process of measurement and computa- 
tion to determine the existing present position and probable future position 
of a vehicle. It is concerned only with the translational aspects of motion ~ 
i.e, position and velocity — and is considered here temporarily to be applicable 
only to the free-fall coasting conditions of spacecraft. It includes those pro- 
cesses necessary to determine needed trajectory corrections as well as to 
compute the initial conditions of major powered maneuvers. In this sense it 
has **control" aspects as well as measurement" in that it includes activity to 
modify the spacecraft's path. 

In non-thrusting flight out in space the forces on the craft which determine 
its motion are dominated by the Newtonian gravitation attraction of the near 
bodies — the earth, moon, sun and planets. Generally the vehicle is influenced 
primarily by one body and follows nearly the classical Keplerian conic path. 
The effects of forces other than that of the point mass central body can usually 
be treated as deviations or perturbations to the simpler motion. A non- 
exhaustive listing of typical perturbing effects are: (1) Mass distribution 
within central body, e.g. oblateness of earth, triaxiality of moon, (2) Attrac- 
tion of more remote bodies, (3) Atmospheric drag, (4) Solar radiation pres- 
sure, (5) Meteroid impact and (6) Magnetic and electric field interactions 
with spacecraft. 

In a given situation it is usually possible to ignore all but a few of the 
perturbing effects and predict the future trajectory of the vehicle with 
satisfactory accuracy many hours to many days into the future, using 
knowledge of present position and velocity. However, for a given accuracy, 
the prediction finally deteriorates due to ignored perturbing effects and due to 
the accuracy limitations of the initial conditions and the extrapolation model. 

Because of the relatively predictable nature of spacecraft trajectories in 
free coasting flight continuous measurement of position and velocity is un- 
necessary. Measurements are needed periodically to correct for the slow 
deviation of the actual spacecraft from the predicted path. 

Practical navigation measurements in free coasting flight all utilize electro- 
magnetic radiation at appropriate wavelengths to sense spacial relationships 
among the spacecraft and the near bodies of the solar system. These measure- 
ments can be categorized into two types: first, those made earth-based by 
remote tracking of the spacecraft from suitable stations on the earth and, 
second, those made from on board using sensing devices on the craft itself. 
Only the first of these has yet been applied; all U.S. spacecraft and as far as 
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we know all Soviet vehicles have been navigated using earth-based tracking 
measurements only. 

Earth-Based Navigation — Earth-based tracking for navigation usually 
uses radar frequencies with the cooperative use of transmitting beacons or 
transponders on the spacecraft being tracked. Optical wavelengths have seen 
use but suffer from the problem of obscuring cloud cover. 

Radio tracking for navigation is founded upon: (1) the fixed and well- 

known speed of light in space, (2) the use of highly accurate time bases and 
stable frequency sources and (3) the ingenuity and accuracy with which 
precise phase measurement can be made between two signals in the presence 
of interfering noise. 
Earth-Based Range Measurement - For measurement of spacecraft 
range the earth station transmits a periodic waveform on a high frequency 
carrier to the spacecraft, which in turn is equipped to re-radiate this wave- 
form back to the earth. The distance to and from the spacecraft is propor- 
tional to the phase lag of the waveform as received from the spacecraft with 
respect to the transmitted waveform to the spacecraft. Range resolution, 
then, is that fraction of a wavelength with which the phase can be measured. 
A 100 mc carrier, for instance, has a wavelength of 3 meters and range resolu- 
tion well inside this dimension is straightforward. Lower frequency modula- 
tion tones with longer wavelengths must be used to resolve the ambiguities 
and thereby determine the more significant figures of the number represent- 
ing measured range. For spacecraft this technique depends upon a trans- 
ponder in the spacecraft which will receive the transmission and re-radiate 
with controlled phase-shift an appropriate correlated signal to the ground 
station. 

Although range tracking, as defined, has almost micrometer resolution 
capability, several limitations on the total overall accuracy exist. The most 
apparent, of course, is our knowledge of the exact speed of light. This is 
currently known to about 1 part in 10°, Without calibration correction as 
discussed below, this means a range error of 150 kilometers in a spacecraft 
distance of one astronomical unit. At lunar distances this reduces to the 
order of 400 meters. 

Range rate information is measured by the rate of change of phase shift 

of the received signal, or more familiarly, by the equivalent doppler frequency 
shift. 
Earth-Based Direction Measurement — The most common direction 
measurement technique from earth stations is a sort of inverted triangulation 
using multiple receivers on accurately known baselines. If this baseline array 
is suitably short the received signals can be simultaneously processed, in the 
same earth-based equipment, to perform an interferometric measure of the 
differences in range of the spacecraft from the various receivers, as shown on 
Fig. 2-1. It is a technique which still offers many advantages, particularly the 
fact that the spacecraft need carry only a radio beacon transmitter which does 
not need to be interrogated from the ground. 

For these short baselength systems the differences in phases of the various 
received waveforms can be measured with extreme precision. A 3-meter 
signal wavelength (100 mc) can be resolved by phase measurement to 3 
millimeters, for example, utilizing techniques such as heterodyning to a 
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lower frequency and precision timing. On a 150 meter baselength this corre- 
sponds to 20 microradians (4 seconds of arc) of angular resolution of space- 
craft directions which lie near normal to the baseline. If a spacecraft is at one 
astronomical unit distance, for instance, this is position resolution of across 
the line of sight of 3000 kilometers. At the shorter lunar distances this reduces 
to about 8 kilometers. 

For the usual horizontal array of receivers, it is seen that best directional 
accuracy is obtained for conditions with the spacecraft direction near per- 
pendicular to the baseline. As the vehicle gets near in line with the baseline 
the angular resolution degenerates inversely as the sine of the angle from the 
baseline. Moreover, near the horizon, earth atmospheric refraction uncer- 
tainty degenerates the total indicated direction accuracy. 

For greater accuracy in direction measurement the baseline can be in- 
creased. However, several problems interfere with proportional accuracy 
improvement of longer baselines in comparison with the short baseline inter- 
ferometric systems. First, wide separation of the receiving stations prevents 
accurate, simultaneous, direct phase comparison of the received signals. 
Also the direction is no longer a direct function of the range difference, as 
illustrated in Fig. 2-2. So rather than using range differences obtained directly 
by phase comparison, the total range values from the several stations must 
be individually collected and then processed for determination of direction. 

Realization of directional measurement accuracy improvement by in- 
creasing baselength requires that the range measurement and baseline errors 
accumulate less rapidly than does the baseline increase. The practicability 
of this can be seen by examining the accuracy needed in the baseline to 
maintain and improve the previous 20 microradian error derived above for 
the short 150 meter baselength. If the baselength is increased to 1500 kilo- 
meters a 20 microradian error results from baseline errors of 30 meters. To 
obtain an improvement to 2 microradians direction error the 1 500 kilometer 
baseline must be known to 3 meters. However, at this precision and better, 
a serious question arises about achieving this necessary accuracy of earth 
station location. This is clearly a problem of survey and geodesy. The precise 
knowledge of the size and the shape of the earth is a question actively being 
pursued and about which agreement does not now exist. 

Earth-based tracking ranging and directional measurements described 

above provide the basis for determining directly all components of the posi- 
tion and velocity of a spacecraft. The error values of our hypothetical models 
above by no means provide the accuracy limit from ground tracking. Con- 
siderable improvement for a given station array can be demonstrated by 
calibration techniques in tracking targets and applying corrections to fit the 
known target motions. 
Spacecraft-Based Navigation — Spacecraft-borne navigation measure- 
ment tends more to optical frequency direction measurement rather than 
the radio frequency direct ranging that is so accurate for ground tracking. 
For relatively close work, however, direct ranging using radio frequencies 
with rendezvous or landing radars becomes possible, albeit necessary. But 
further from the planets and other targets direct measurement of range or 
range rate or the use of radio frequencies has not appeared attractive to the 
designers due to the weight and power penalties. 
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Spacecraft on-board directional measurements are those made to the near 
bodies — the sun, moon, earth and other planets. The stars provide no posi- 
tion data because of their extreme distances. But because of this distance 
they are most excellent references against which to measure directions to the 
nearer bodics. In a sense, then, on-board navigation is performed by observ- 
ing the near bodies relative to the background stars. This can be done in- 
directly by measuring the angles sequentially from a gyro stabilized base to 
the stars and the near body. Alternately a direct and simultancous measure- 
ment of the angle between a reference star and the near body with a suitable 
sextant-like instrument avoids an accumulation of errors with which the 
former sequential technique must cope. 

The ancient sextant, updated and refined with a suitable telescope for 
image resolution and with a precision angle readout of the deflecting mirror, 
can provide in a reasonable size an accurate measure of the angle between a 
feature of a near body and a star superimposed upon that feature in the field 
of view. The “feature” alluded to is some distinct point of known coordinates 
on the planet to which the direction is being measured. The center of the 
planetary disk naturally comes to mind, but identifiable surface landmark 
features and horizons which can be related to planet coordinates are 
easier and more accurate for visual use, particularly under crescent 
illumination. 

From sextant and sextant-like measurements directions can be determined 
with accuracies, for instance, of the order of 50 microradians to targets with 
an additional target feature positional accuracy of the order of r ooo meters. 
For distances greater than 20000 kilometers the 50 microradians dominates. 
Closer to the planet, however, navigation is limited by the location know- 
ledge of the target features being used. 

Each such angle measurement from the spacecraft provides a locus surface 
of spacecraft position at the time of measurement. Several together, if made 
simultaneously, define position uniquely at the common loci intersection, as 
shown in Fig. 2-3. In this hypothetical situation we see that range informa- 
tion is determined indirectly from the combination of direction data in a 
fashion not unlike triangulation, where the baseline is the known distance 
and direction between the target features of the planets. This also, in effect, 
is of the same nature as stadiometric ranging, made by measuring the 
apparent diameter of a planet disk. 

Measurements separated in time can provide the basis for velocity deter- 
mination. To obtain three components of position in the presence of space- 
craft motion, one would desire the simultaneous measurement of at least three 
directional components. Practical considerations make time sequential 
directional measurements easier and no direct computation of position or 
velocity is possible by purely geometric calculations. Schemes such as used 
in Apollo and described in Part 3 of this book depend upon the use of an 
on-board computer, programmed to accept the sequence of single coordinate 
navigation data and the precise time each measurement occurred. Each 
datum point is received and used to update and improve in an optimum 
fashion the six dimensional state vector of the spacecraft, recognizing the 
expected error in each measurement, the current estimate of state vector 
error and the motion constraints of the spacecraft in free-fall. 
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Ground-Based and Spacecraft-Based Navigation Measurement 
Comparison - We can compare the similarities and differences between 
navigation of a spacecraft in free fall using earth-based tracking measurements 
and using vehicle-borne direction measurements as follows: 


(a) 


(e) 


(f) 


(g) 


(h) 


The two categories of navigation measurement complement each 
other in that earth-based tracking gives strong results along the line 
of sight from earth, while on-board measurement can add strength 
across the line of sight. The latter is particularly accurate at distances 
from earth and with respect to a target planet. 

Both categories depend upon optimum processing of data points taken 
over a period of time, recognizing known measurement uncertainties 
and spacecraft motion as constrained by orbital mechanics. Both cate- 
gories use the past history of data to determine present position and 
velocity as limited by data uncertainty and can predict future motion 
further limited by the imperfect knowledge of the forces on the space- 
craft due to the space environment. 

Availability of earth-based navigation data from a given station is 
dependent upon the spacecraft being sufficiently above the horizon 
for that station. Spacecraft-based navigation measurements must 
compete for control availability with other operations of the spacecraft. 
Earth-based navigation stations can support simultaneously only a 
limited number of missions. Spacecraft-based equipment, of course, is 
solely available for the use of that mission. 

Earth-based navigation tracking facilities are most limited by econ- 
omic factors in the attempt to gain more capability by the use of many 
large radio tracking installations with complex communication net- 
works and data processing centers. Spacecraft-based navigation is 
limited more by the weight that can be carried in the sensors and 
data-processing computers on board. 

Earth-based navigation tracking facilities have the strong advantage 
of multiple use and re-use in sequential support of many types of 
missions. Spacecraft based navigation equipment is, in a sense, con- 
sumed and only in missions where the equipment is recovered would 
re-use be possible. 

Earth-based navigation measurements fail while the spacecraft is 
passing behind its target planet. This is unfortunate since efficient 
orbital insertion and transearth orbital escape maneuvers always 
occur behind the moon and have a strong probability of being out of 
sight for other planets. 

Earth-based navigation is vulnerable to enemy action against military 
spacecraft, Spacecraft-based navigation measurement can be strictly 
passive for military use and is invulnerable to jamming or sabotage. 


ATTITUDE CONTROL 
Rotational measurement and control in free-fall 

Attitude control is the process of aligning the spacecraft to a desired 
orientation with respect to a suitable reference framework and in response to 
input commands. As defined here the operation of attitude control applies to 
free fall coasting flight only. The diverse nature of the problem is seen in 
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terms of: (a) the orientation requirements, (b) the attitude sensing tech- 
niques, (c) the nature of the disturbing torques and (d) the techniques of 
applying the control torques. These will be discussed briefly to show the wide 
spectrum of problems and solutions that appear in designing attitude control 
systems for spacecraft. 

The orientation requirements are naturally a function of the vehicle’s 
mission and the associated operating constraints: 


(a) 


(b) 


Scientific payloads of a radiation or field sensing nature generally 
have pointing requirements for the sensitive axis of the instrument. 
Often these aiming requirements are not particularly stringent, but 
again others such as astronomical telescopes can require the utmost 
in accuracy and stability of aiming. 

Spacecraft management orientation constraints generally are of a low 
order of accuracy. These include (1) aiming of solar cells for gathering 
energy to support power consuming equipment, (2) aiming of com- 
munication, telemetry, transponder and beacon antennas toward 
earth and (3) the maintenance of thermal balance by controlling 
attitude with respect to the sun. 

Navigation and guidance functions require attitude control arising 
from (1) the need to point the operating field of the navigation sensors 
towards the desired portion of the sky and (2) the need for initial 
pointing of the rocket thrust axis just prior to ignition for a trajectory 
correction or major maneuver. 


This multitude of possible requirements can lead to impossible conflicting 
situations which are sometimes relieved only by mounting the light-weight 
instruments on articulating gimbals to make them at least partially inde- 
pendent on spacecraft attitude. 

The attitude sensing function is also performed in a number of ways: 


(a) 


(b) 


(d) 


In some cases radiation sensing instruments requiring pointing can be 
made to track the sensed flux themselves by providing error signals 
to the control system. 

For earth orbital spacecraft the most common attitude sensing uses 
infrared horizon detectors to indicate spacecraft orientation deviations 
from local vertical. These, used in conjunction with a gyroscope 
reference, can also provide the attitude about the local vertical with 
respect to the orbital plane. ‘This process is similar to the earthbound 
gyrocompass in that the pendulum is replaced by the horizon de- 
tectors and the earth’s rotation is replaced by the rotation in orbit. 
Basic attitude sensing for small cislunar and interplanetary vehicles 
most often depends upon a sun seeker/tracker to set up a vehicle axis 
with respect to the sun, combined with a star tracker offset by an 
adjustable angle to acquire and track a star so as to provide attitude 
sensing about that sun line. 

Once an orientation reference is established this can be maintained 
by the use of gyroscopes to detect deviations from the reference. 
Gyroscopes also provide capability to meter orientation changes 
accurately from the attitude established by other means. 


The disturbance torques upset spacecraft orientation and cause the need for 
correction from the control system: 
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Lightweight vehicles can be aflected by the relatively weak forces 
associated with the space environment. Ког зрасесгаћ with large 
unsymmetric surfaces with respect to the center of mass, radiation 
pressure from the sun is a significant torque disturbance. Lightweight 
vehicles also may be affected by interaction of electrical current loops 
or other spacecraft magnetic sources with the earth’s field. Electro- 
static forces, unsymmetric atmospheric drag and the integrated effect 
of micrometeoroids have also been suggested as a source of distur- 
bance torques. 

Vehicles having one long dimension resulting in a wide difference in 
the principal moments of inertia can be strongly affected by differen- 
tial gravity forces when near a massive planet. 

Spacecraft will experience disturbance torques any time mass is 
thrown off. This can occur, for instance, by the boiloff venting of 
cryogenic fuel or oxidizer or the offloading of other wastes. 

Relative acceleration of masses within the vehicle cause a redistribu- 
tion of angular momentum arising from associated torques. Speed 
changes of on-board rotating machinery, the pumping or sloshing of 
fluids or the process of erection of solar panels or antennas are ex- 
amples. On manned craft the movements of the crew cause significant 
disturbance. 


Control torques to counteract these disturbances or to reorient the vehicle 
can utilize any of three phenomena: 


(a) 


(b) 


(c) 


The weak forces associated with the space environment can be 


utilized in a passive or semipassive attitude control. Self-aligning 
mechanisms based upon solar radiation pressure, magnetic field 
torques or gravity gradient unbalances can provide weak but often 
adequate restoring torques to a stable orientation satisfactory for some 
missions. Some form of energy dissipation for damping oscillations 
must be provided. 

Small reaction rocket engines arrayed to provide suitable torque 
couples depend upon angular momentum transfer to the exhausted 
gas. ‘These are usually chemical or cold gas low thrust engines de- 
signed for as many on-off cycles as demanded by the control loop. 
Control is characterized by pulsed operation of the jet and limit cycle 
oscillation about the desired attitude. 

Flywheel or gyroscope momentum exchange systems achieve control 
torque by either accelerating a heavy flywheel or precessing a spin- 
ning gyro. Unlike the jet or rocket systems above, only power is con- 
sumed and operation is not limited by the amount of working fluid 
carried. However, there is a capacity limit in the sense that there is a 
maximum momentum that can be stored by practical speeds of heavy 
flywheels or gyrowheels. Thus, in application, these momentum ex- 
change systems are used in conjunction with periodic use of a jet or 
other type of external torques to ''desaturate" the system back 
within its control range. Finally, a simple spin of the whole spacecraft 
itself can often provide adequate simple means of stabilization. 


The design of attitude control systems is complicated by a number of 
factors. The classical equations of motion under assumptions of spacecraft 
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attack and other variables depending on structural and controllability con- 
siderations. All this and the usual concern about reliability, weight, cost etc. 
makes design particularly difficult. 


GUIDANCE 
‘Translational measurement and control during acceleration 

Guidance is the process of measurement and computation necessary to 
provide steering signals to the thrust vector control system and signals to 
modulate engine thrust level in order to achieve vehicle acceleration to a 
desired trajectory. Modulation of engine thrust level in the more common case 
of a non-throttleable engine consists only of turn-on and cutoff commands. 
Earth-Based Tracking Guidance — Powered steering of some of the early 
U.S.A. ballistic missiles and of workhorse spacecraft launch vehicles used 
ground tracking data in a radio command guidance illustrated in Fig. 2—5. 
This type of guidance is characterized by a continuous ground tracking 
monitor of position and velocity changes during the powered phases and a 
radio command to the vehicle to change the direction of thrust appropriately 
- and finally to signal thrust termination. A basic requirement is an attitude 
reference system carried aboard the vehicle. This is illustrated in Fig. 2-5 as 
the attitude feedback, implemented with gyros for instance, as part of the 
thrust vector control system. 

Far from the carth, delays occur associated with necessary longer smooth- 

ing of the noisier tracking signals and delays associated with the finite speed 
of electromagnetic propagation. For deep space spacecraft requiring short 
burn trajectory corrections of moderate accuracy these delays are not 
significant, since the ground command need only specify the direction and 
length of burn required. However, for precise long duration maneuvers the 
thrust vector control alone cannot assure accuracy in metering the direction 
or magnitude of the specified velocity change. And far from the earth the 
mentioned delays in the receipt of the steering commands make loop closure 
corrections of questionable effectiveness. Here inertial guidance is the only 
practical method of powered steering control. 
On-Board Inertial Guidance ~— Inertial guidance, Fig. 2—6, is based upon 
measurements of vehicle motion using self-contained instruments which do 
not depend upon radiation sensing. In every inertial guidance system three 
types of measurements are made involving distinctive instruments: (a) 
angular rate or direction using gyroscopic devices, (b) linear acceleration 
using restrained test masses in accelerometers and (c) time using precision 
reference frequency sources. The integration with time of the sensed accelera- 
tion in the indicated direction with proper recognition of known gravity 
field forces is the essence of the navigation portion of inertial guidance. ‘The 
implied processes are accomplished in a computer with the result of generat- 
ing corrective steering commands to the thrust vector control system. Since 
inertial guidance of the type described can only integrate vehicle motion into 
changes in position, velocity and orientation, accurate initial conditions are 
required in these parameters before the accelerated guidance phase is started. 
Initial conditions in position and velocity are provided by navigation prior 
to the accelerated phase. Initial conditions in orientation come from the 
attitude control systems or directly from stellar references. 
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One well-debated problem with inertial guidance is the presence of an 
increasing error of the inertially derived orientation and navigation with time. 
When an error in the gyro data, commonly called gyro drift, is processed 
in the computer the direction of the controlled acceleration is in error. 
When an error in the acceleration sensing exists, again the direction of 
acceleration as well as magnitude of acceleration and the controlled length 
of motor burning are affected undesirably. However, due to the motivation 
to perfect inertial instruments for their well adapted use in military guidance 
and navigation, the technology is advanced to the point that inertial guidance 
performance can be kept well ahead of needs for spacecraft missions in con- 
trolling accelerated flight. Furthermore, spacecraft inertial guidance can be 
tolerant of error, in the sense that errors in the resulting trajectory usually 
can be measured later by navigation and corrected with a short burn of the 
propulsion. 

It is perhaps pertinent to examine these last statements with respect to two 
propulsion situations which undoubtedly will exist in the future. The first is 
that of the high specific impulse low thrust electric engines. Here the very 
low thrust to mass ratio requires long periods of controlled engine operation ~ 
measured in weeks. In such long periods inertial guidance measurement 
alone, without recourse to periodic external navigation measurements, 
would be unacceptable even if the inertial sensing were perfect. The inertial 
system cannot sense the perturbations in trajectory caused by the imper- 
fectly known gravitational forces. Such systems then require periodic navi- 
gation by on-board or ground-tracking measurements. It is doubtful whether 
these navigation checks would be needed any more often than during 
the coasting free-fall phases with the more conventional chemical engine 
mission. 

The second future propulsion situation is that which will exist with high 
thrust nuclear rockets providing more abundant total impulse. In this realm, 
mission times will be shortened by longer burning to higher interplanetary 
velocities than permitted with current chemical engines. In spite of the larger 
velocity changes to be measured during thrust by the inertial sensing, the 
dramatic shortening of the subsequent time of flight is enough to decrease 
required measurement precision for the same accuracy in arrival at the 
destination planet or orbit. 
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CHAPTER 2-2 


GUIDANCE, NAVIGATION AND CONTROL TASKS 
IN THE APOLLO MISSION 


Much insight into problems of space flight has been gained from the exten- 
sive study and hardware development during the last four years in the Apollo 
program for a manned lunar landing. Using Apollo as an example, specific 
spacecraft guidance, navigation and control tasks are illustrated in this 
chapter. 

The overall Apollo mission trajectory is summarized in Fig. 2-7. The heavy 
lines correspond to the short accelerated maneuvers which are separated by 
the much longer free coasting phases. The trajectory on this figure is pur- 
posefully distorted as are also some of the following figures in order to show 
features of the phases more clearly. The numbers on Fig. 2-7 relate to the 
following mission phase subdivisions. 

The prelaunch phase includes an intensive and intricate schedule of 
activity to prepare and verify the equipment for flight. Automatic pro- 
grammed checkout equipment perform the exhaustive tests of the major 
subassemblies. Testing continues during the final countdown. Activity of 
interest here concerns the preparation of the two operating sets of guidance 
equipment for the launch. The Saturn guidance equipment located in the 
Saturn Instrument Unit will control the launch vehicle. The Apollo guidance 
equipment, located in the Command Module (CM) where the crew of three 
lie in their protective couches, will provide a monitor of Saturn guidance 
during launch. A third set of guidance equipment, located in the Lunar 
Excursion Module (LEM) which is inside the protective LEM adapter, is 
used later near the moon. 

Ground support equipment communicates directly with the Saturn and 
Apollo CM guidance computers to read in initial conditions and mission and 
trajectory constants as they vary as a function of countdown status. Both sets 
of inertial guidance sensors are aligned to a common vertical and launch 
azimuth framework. The vertical is achieved in both cases by erection loops 
sensing gravity. Azimuth in Saturn is measured optically from the ground 
and controlled by means of an adjustable prism mounted on the stable 
member. Azimuth in Apollo is aligned optically on board by the astronauts 
and held by gyro compassing action. During countdown both systems are 
tied to an earth frame reference. Just before liftoff both systems respond to 
signals to release the coordinate frames simultaneously from the earth refer- 
ence to the non-rotating inertial reference to be used during boost flight. 

During first stage flight the Saturn guidance system controls the vehicle by 
swiveling the outer four rocket engines. During the initial vertical flight the 
vehicle is rolled from its launch azimuth to the flight path azimuth. Follow- 
ing this the Saturn guidance controls the vehicle in an open loop pre- 
programmed pitch designed to pass safely through the period of high 
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aerodynamic loading. Inertial sensed acceleration signals are not used during 
this phase to guide to desired path but rather the lateral accelerometers 
help control the vehicle to stay within the maximum allowed angle of attack. 
Stable control is achieved in overcoming the effects of flexure bending, fuel 
slosh and aerodynamic loading by the use of properly located sensors and 
control networks. 

Both the Saturn and Apollo Command Module guidance systems con- 
tinuously measure vehicle motion and compute position and velocity. In 
addition the Apollo system compares the actual motion history with that to 
be expected from the Saturn control equations so as to generate an error 
display to the crew. This and many other sensing and display arrangements 
monitor the flight. If abort criteria indicate the crew can fire the launch 
escape system. This is a rocket attached on a tower to the top of the command 
module to lift it rapidly away from the rest of the vehicle. Parachutes are 
later deployed for the landing. In a normal flight the first stage is allowed to 
burn to near complete fuel depletion as sensed by fuel level meters before 
first stage engine shutdown is commanded. 

Shortly after the initial fuel settling ullage and the firing of second stage 
thrust, the aerodynamic pressure reduces to zero as the vehicle passes out 
of the atmosphere. At this time the launch escape system is jettisoned. Aborts 
now, if necessary, would normally be accomplished using the Apollo Service 
Module propulsion to accelerate the Command Module away from the rest 
of the vehicle. Since the problems of aerodynamic structure loading are 
unimportant in second stage flight, the Saturn guidance system now steers 
the vehicle towards the desired orbital insertion conditions using propellant 
optimizing guidance equations. Thrust control is achieved by swiveling the 
outer four engines of the second stage. 

During second stage flight the Apollo Command Module guidance system 
continues to compute vehicle position and velocity. Also this system computes 
any of several other possible parameters of the flight to be displayed to the 
crew for monitoring purposes. In addition, the free-fall time to atmospheric 
entry and the corresponding entry peak acceleration are displayed to allow 
the crew to judge the abort conditions existing. 

The third Saturn stage or SIVB has a single engine for main propulsion 
which is gimballed for thrust vector control. Roll control is achieved by use 
of the SIVB roll attitude control thrusters. The Saturn guidance system con- 
tinues to steer the vehicle to orbital altitude and speed. When orbit is achieved 
the main SIVB propulsion is shut down. 

During second and third stage boost flight the Apollo Command Module 
has the capability, on astronaut option, to take over the SIVB stage guidance 
function if the Saturn guidance system indicates failure. If this switchover 
occurs the mission presumably could be continued. More drastic failures 
would require an abort using the Service Module propulsion. In this case 
the Apollo computer is programmed to provide several abort trajectories: 
(a) immediate safe return to earth, (b) return to a designated landing site 
or (c) abort into orbit for later return to earth. SIVB engine shutdown occurs 
about 12 minutes after liftoff at 185 km altitude near circular orbit. The 
Apollo spacecraft configuration remains attached to the Saturn SIVB stage 
in earth orbit. The Saturn system controls attitude by on-off commands to 
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two of the small fixed attitude thrusters for pitch and to four more shared for 
yaw and roll. 

Ground tracking navigation data telemetered from the Manned Space 
Flight Network (MSFN) stations is available to correct the position and 
velocity of the Saturn navigation system and provide navigation data for the 
Apollo navigation system. In Apollo the crew also can make on-board 
navigation measurements for on-board determination of the ephemeris by 
making landmark or horizon direction sightings using a special optical 
system. The Apollo inertial equipment alignment will also be updated by 
star sightings with the same optical system. For these measurements the crew 
has manual command control of attitude through the Saturn system. 
Normally, limited roll maneuvers are required to provide optical system 
visibility to both stars and earth. The Apollo on-board navigation measure- 
ments include accelerometer measurement of the small thrust occurring 
during the pressure venting of the cryogenic propellant tanks of the SIVB. 
‘Typically, the earth orbital phase lasts for several hours before the crew signals 
the Saturn system to initiate the translunar injection at the next opportunity. 

Translunar injection is performed using a second burn of the Saturn 
SIVB propulsion, preceeded, of course, by an ullage maneuver using the small 
thrusters. Saturn guidance and control systems again provide the necessary 
steering and thrust vector control to the near parabolic velocity which for 
crew safety considerations puts the vehicle on a so-called *'free return" 
trajectory to the moon. The system aims to this trajectory which ideally is 
constrained to pass behind the moon and return to earth entry conditions 
without additional propulsion. 

As before, the Apollo guidance system independently generates appro- 
priate parameters for display to the crew for monitoring purposes. It is 
recognized that a display of a large error by Apollo does not necessarily 
indicate Saturn system malfunction, because an error in Apollo system 
operation could instead be the fault. The identification of the failed system 
may be indicated by another of the available displays or by ground tracking 
information relayed to the crew. If the Saturn guidance system indicates 
failure, steering takeover by the Apollo is possible without need for aborting 
the mission. The translunar injection thrusting maneuver continues for 
slightly over 5 minutes duration before the SIVB stage is commanded its final 
shutdown. 

The spacecraft configuration injected onto the translunar free-fall path 
must be reassembled for the remaining operations. The astronaut pilot separ- 
ates the Command and Service Modules (CSM) from the LEM which is 
housed inside the adapter in front of the SIVB stage. He then turns around 
the CSM for docking to the LEM. To do this the pilot has a three-axis left- 
hand translation controller and a three-axis right-hand rotational controller. 
Output signals from these controllers are processed to modulate appro- 
priately the firing of the 16 low thrust reaction control jets for the maneuver. 
The normal response from the translation controller is proportional vehicle 
acceleration in the indicated direction. The normal response from the 
rotational controller is proportional to vehicle angular velocity about the 


indicated axis. 
During the separation and turnaround maneuver of the CSM the SIVB 
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control system holds the LEM attitude stationary. This allows for a simple 
docking maneuver of the command module to the LEM docking hatch. The 
SIVB, Saturn instrument unit and LEM adapter are staged to leave the 
Apollo spacecraft in the translunar configuration. Final docking is complete 
less than 6.5 hours from liftoff at the launching pad. 

Very soon after injection into the translunar free-fall coast phase navigation 
measurements are made and processed to examine the acceptability of the 
trajectory. These data will probably indicate the need for an early midcourse 
maneuver to correct error in the flight path before it propagates with time 
into larger values which would needlessly waste correction maneuver fuel. 

Once this first correction is made — perhaps a couple of hours from injection 
— the navigation activity on board can proceed at a more leisurely pace. 
Ground tracking data can be telemetered to the craft any time it is available. 
Using this ground data and/or on-board sextant type of landmark to star 
angle measurements the on-board computer can correct the knowledge of 
the spacecraft state vector — position and velocity. The astronaut navigator 
can examine with the help of the computer each datum input available — 
whether from ground tracking telemetered to the craft or taken on board 
— to see how it could change the indicated position and velocity before he 
accepts it into the computer state vector correction program. In this way the 
effects of mistakes in data gathering or transmission can be minimized. 

The navigator will examine periodically the computer's estimate of indi- 
cated uncertainty in position and velocity and the estimate of indicated 
velocity correction required to improve the present trajectory. If the indicated 
position and velocity uncertainty is suitably small and the indicated correc- 
tion is large enough to be worth the effort in making, then the crew will 
prepare for the indicated midcourse correction. Each midcourse velocity 
correction will first require initial spacecraft orientation to put the estimated 
direction of the thrust axis along the desired acceleration direction. Once 
thrust direction is aimed, the rocket is fired under measurement and control 
of the guidance system. Use of the guidance system requires that the inertial 
measurement system be aligned. This latter is done by optical star direction 
sightings. 

Typical midcourse corrections are expected to be of the order of 10 meters; 
sec. If the required correction happens to be very small, it would be made by 
using the small reaction control thrusters. Larger corrections would be made 
with a short burn of the main service propulsion rocket. It is expected that 
about three of these midcourse velocity corrections will be made on the way 
to the moon. The direction and magnitude of each will adjust the trajectory 
so that the moon is finally approached near a desired plane and pericynthian 
altitude which provides for satisfactory conditions for the lunar orbit insertion. 

For lunar orbit insertion, as with all normal thrusting maneuvers using 
the service propulsion of the spacecraft, the inertial guidance system is first 
aligned using star sightings. Then the system generates initial conditions and 
steering parameters based upon the navigation measure of position and 
velocity and the requirements of the maneuver. The guidance initiates engine 
turn-on, controls the direction of the acceleration appropriately and signals 
engine shutdown when the maneuver is complete. The lunar orbit insertion 
maneuver is intended to put the spacecraft in a near circular orbit of 
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approximately 150 km altitude. The plane of the orbit is selected to pass 
over the landing region on the front of the moon. 

In lunar orbit, navigation measurements are made to update the know- 
ledge of the actual orbital motions. The navigation measurement data are 
processed in the computer, using much of the same program as in the trans- 
lunar phase. Several sources of data are possible. Direction measurement to 
lunar landmarks or horizons and earth based radio tracking telemetered data 
are similar to the measurements used earlier in the flight in earth orbit. 
Because of the lack of lunar atmosphere occultation time events of identified 
stars by the lunar limb are easily made measurements. Orbital period 
measurements are available by timing successive passages over the same 
terrain feature or successive occultations of the same star. Sufficient measure- 
ments must be made to provide accurate initial conditions for the guidance 
system in the LEM for its controlled descent to the lunar surface. Before 
separation of the LEM this landing area is examined by the crew, using the 
magnifying optics in the command module. At this time, direction measure- 
ments to a particular surface feature can relate a desired landing site or area 
to the existing indicated orbital ephemeris in the computer. These particular 
landing coordinates become part of the LEM guidance system initial condi- 
tions received from the command module. 

After two of the crew transfer to the LEM and separate from the Com- 
mand and Service Module (CSM), the remaining man in the CSM will 
continue orbital navigation as necessary to keep sufficient accuracy in the 
indicated CSM position and velocity. The LEM guidance system will have 
been turned on and received a checkout earlier in lunar orbit before separa- 
tion and received initial conditions from the CSM. Starting about twenty 
minutes before initiation of the LEM descent injection maneuver the vehicles 
are separated, the LEM guidance system receives final alignment from star 
sightings and the attitude for the maneuver is assumed. The maneuver is 
made using the LEM descent stage propulsion under control of the LEM 
guidance system. During the short burn, the throttling capability of the 
descent engine is exercised as a check of its operation. The maneuver is a 
30 meter per second velocity change to reduce the velocity from the 1 600 
meter/sec orbital velocity for a near Hohmann transfer to a 15 km altitude 
pericynthian which is is timed to occur at a range of about 370 kilometers 
short of the final landing area. 

During the free-fall phases of the LEM descent, the CSM can make track- 
ing measurements of the LEM direction for confirmation of LEM orbit with 
respect to the CM. For that part of the trajectory in the front of the moon the 
earth tracking can also provide an independent check. The LEM, during 
appropriate parts of this coasting orbit, will check the operation of its radar 
equipment. The directional tracking and ranging operation of the Rendez- 
vous Radar is checked against the radar transponder on the CSM. This also 
provides data to the LEM computer for an added descent orbit check. At 
lower altitudes the LEM landing radar on the descent stage is operated for 
checks using the moon surface return. Alignment updating of the LEM 
guidance system can be performed if desired. ‘The CM from orbit can monitor 
this phase of the LEM descent using the tracking systems and on-board 
computer. 
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As pericynthian is approached, the proper LEM attitude for the powered 
descent phase is achieved by signals from the guidance system. This phase 
starts at the 15 kilometer altitude pericynthian of the descent coast phase. 
The descent engine is re-ignited and this velocity and altitude reducing 
maneuver is controlled by the LEM inertial guidance system. The descent 
stage engine is capable of thrust level throttling over the range necessary to 
provide initial braking and to provide controlled hover above the lunar surface. 
Engine throttle setting is commanded by the guidance system to achieve 
proper path control, although the pilot can override this signal if desired. 

Thrust vector direction control of the descent stage is achieved by a 
combination of body-fixed reaction jets and limited gimballing of the engine. 
‘The engine gimbal angles follow guidance commands in a slow loop so as to 
cause the thrust direction to pass through the vehicle center of gravity. This 
minimizes the need for continuous fuel wasting torques from the reaction 
jets. During all phases of the descent the operations of the various systems are 
monitored. The mission could be aborted for a number of reasons. If the 
primary guidance system performing the descent control is still operating 
satisfactorily, it would control the abort back to rendezvous with the CSM. 
If the primary guidance system has failed, a simple independent abort 
guidance system can steer the vehicle back to conditions for rendezvous. 

For normal mission, the braking phase continues until the altitude drops 
to about 4 kilometers or so. Then guidance control and trajectory enter the 
final approach operation. One significant feature of this phase is that the 
controlled trajectory is selected to provide visibility of the landing area to 
the LEM crew. The vehicle attitude, descent rate and direction of flight are 
all essentially constant, so that the landing point being controlled by the 
guidance appears fixed with relation to the window. A simple reticle pattern 
in the window, as shown, indicates this landing point in line with the number 
indicated by computer display. The pilot may observe that the landing point 
being indicated is in an area of unsatisfactory surface features with relation 
to other areas nearby. He can then elect to select a new landing point for the 
computer control by turning the vehicle about the thrust axis until the reticle 
intersects the better area. He then hits a **mark" button to signal the com- 
puter, reads the reticle number which is in line with this area into the com- 
puter and then allows the guidance to redirect the path appropriately. This 
capability allows early change of landing area and fuel efficient control to 
the new area which otherwise might have to be performed wastefully later 
during hover. 

Automatic guidance control during the terminal phase uses weighted 
combinations of inertial sensing and landing radar data, the weighting 
depending upon expected uncertainties in the measurements. The landing 
radar include altitude measurement and a three-beam doppler measurement 
of three components of LEM velocity with respect to the lunar surface. At 
any point in the landing the pilot can elect to take over partial or complete 
control of the vehicle. For instance, one logical mixed mode would have 
altitude descent rate controlled automatically by modulation of the thrust 
magnitude and pilot manual control of attitude for maneuvering horizontally. 

The final approach phase will end near the lunar surface, and the space- 
craft will enter a hover phase. This phase can have various possibilities of 
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Fic. 2-21 Phase 14 - LEM powered descent braking phase 
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Fic. 2-22 Phase 15 — LEM powered descent final approach 
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Fic. 2-23 Phase 16 — landing and touchdown 
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initial altitude and forward velocity depending upon mission groundrules, 
pilot option and computer program yet to be decided. Descent stage fuel 
allowance provides for approximately two minutes of hover before touchdown 
must be accomplished or abort on the ascent stage initiated. The crew will 
make final selection of the landing point and maneuver to it either by tilting 
the vehicle or by operating the reaction jets for translation acceleration. The 
inertial system altitude and velocity computation is updated by the landing 
radar so that as touchdown is approached good data are available from the 
inertial sensors as the flying dust and debris caused by the rocket exhaust 
degrade radar and visual information. Touchdown must be made with the 
craft near vertical and at sufficiently low velocity. 

The period on the moon will naturally include considerable activity in 
exploration, experimentation and sample gatherings. Also during this stay 
time LEM spacecraft systems will be checked and prepared for the return. 
‘The ephemeris of the CSM in orbit is continually updated and the informa- 
tion relayed to the LEM crew and computer. The LEM rendezvous radar 
also can track the CSM as it passes overhead to provide further data upon 
which to base the ascent guidance parameters. The inertial guidance gets 
final alignment from optical star direction sightings prior to the start of 
ascent. The vertical components of this alignment could also be achieved by 
accelerometer sensing of lunar gravity in a vertical erection loop. Liftoff must 
be timed to achieve the desired trajectory for rendezvous with the CSM. 

Normal direct ascent launches are timed and controlled to cutoff condi- 
tions resulting in a coasting intercept with the CSM. Emergency launches 
from the lunar surface can be initiated at any time by entering a holding 
orbit at low altitude until the phasing is proper for transfer to the CSM. A 
desirable constraint on all ascent powered maneuvers as well as abort 
maneuvers during the landing is that the following coasting trajectory be 
near enough circular so as to be clear of intersection with the lunar surface. 
This is a safety consideration to allow for the possibility of failure of the 
engine to restart. If the LEM engine thus fails, the LEM can then safely 
coast until a pickup maneuver by the CSM is accomplished. 

The initial part of the ascent trajectory is a vertical rise followed by pitch- 
over as commanded by the guidance equations. ‘The ascent engine maneuvers 
are under the control of the LEM inertial guidance system. The engine has a 
fixed mounted nozzle. Thrust vector control is achieved by operation of the 
sixteen reaction jets which are mounted on the ascent stage. The engine 
thrust cannot be throttled, but the necessary signals from guidance will 
terminate burning when a suitable rendezvous coast trajectory is achieved. 

If the launch point lies in the plane of the CSM orbit, efficient ascending 
coasting trajectories would cover 180 degrees central angle to the rendezvous 
point. Several effects will cause the launch point to be removed from the 
CSM plane resulting in trajectories either somewhat more or somewhat less 
than 180 degrees. Immediately after injection into the ascending coasting 
rendezvous trajectory, the rendezvous radar on the LEM will start making 
direction and range measurements to the CSM upon which the LEM 
computer will base its navigation using a process almost identical to that 
used in navigation of the midcourse phase between earth and moon, From 
this navigation the LEM computer will determine small velocity corrections 
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to be made by LEM reaction control jets to establish the collision or intercept 
trajectory with the CSM more accurately. ‘These corrections will be made as 
often as the radar based navigation measurements justify. The coasting con- 
tinues until the range to the CSM is reduced to approximately ro kilometers 
when the terminal rendezvous phase begins. 

The terminal rendezvous phase consists of a series of braking thrust 
maneuvers under control of the LEM guidance system which uses data from 
its inertial sensors and the rendezvous radar. The objective of these opera- 
tions is to reduce the velocity of the LEM relative to the CSM to zero at a 
point near the CSM. This leaves the pilot in the LEM in a position to initiate 
a manual docking with the CSM using the translation and rotation control 
of the LEM reaction jets. Although these maneuvers would normally be 
done with the LEM, propulsion or control problems in the LEM could 
require the CSM to take the active role. After final docking the LEM crew 
transfer to the CSM and the LEM is then jettisoned and abandoned in lunar 
orbit. 

Navigation measurements made while in lunar orbit determine the proper 
initial conditions for transearth injection. These are performed as before 
using on-board and ground-based tracking data as available. The guided 
transearth injection maneuver is made normally under the control of the 
primary inertial guidance system. Several backup means are available to 
cover possible failures in the primary system. The injection maneuver is 
controlled to put the spacecraft on a free-fall coast to satisfactory entry condi- 
tions near earth. The time of midcourse transearth coast must be adjusted 
by the injection to account for earth’s rotation motion of the recovery area 
and as limited by the entry maneuver capability. 

The transearth coast is very similar to the translunar coast phase. During 
the long coasting phases going to and from the moon the systems and crew 
must control the spacecraft orientation as required. Typical midcourse 
orientation constraints are those to assure the high gain communication 
antenna is within its gimbal limits to point to earth or that the spacecraft 
attitude is not held fixed to the local heating effect of the sun for too long a 
period. During the long periods of free-fall flight going to and from the moon 
when the inertial measurement system is not being used for controlling velo- 
city corrections, the inertial system is turned off to conserve power supply 
energy. 

On-board and ground-based measurements provide for navigation upon 
which is based a series — normally three — of midcourse correction maneuvers 
during transearth flight. The aim point of these corrections is the center of 
the safe earth entry corridor suitable for the desired landing area. This safe 
corridor is expressed as a variation of approximately +32 kilometers in the 
vacuum perigee. A too-high entry could lead to an uncontrolled skipout of 
the atmosphere; a too-low entry might lead to atmospheric drag accelera- 
tions exceeding the crew tolerance. After the final safe entry conditions are 
confirmed by the navigation before entry phase starts, the inertial guidance is 
aligned, the Service Module is jettisoned and the initial entry attitude of the 
Command Module is achieved. 

Initial control of entry attitude is achieved by guidance system commands 
to the twelve reaction jets on the command module surface. As the atmo- 
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FiG. 2-30 Phase 23 — earth atmospheric entry 
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sphere is entered, aerodynamic forces create torques determined by the shape 
and center of mass location. If initial orientation was correct, these torques 
are in a direction towards a stable trim orientation with heat shield forward 
and flight path nearly parallel to one edge of the conical surface. The control 
system now operates the reaction jets to damp out oscillation about this trim 
orientation. The resulting angle of attack of the entry shape causes an aero- 
dynamic lift force which can be used for entry path control by rolling the 
vehicle about the wind axis under control of the guidance system. Range 
control is achieved by rolling so that an appropriate component of that lift 
is either up or down as required. Track or across range control is achieved 
by alternatively choosing as required the side the horizontal lift component 
appears. 

The early part of the entry guidance is concerned with the safe reduction 
of the high velocity through the energy dissipation effect of the drag forces. 
Later at lower velocity the objective of controlling to the earth recovery 
landing area is included in the guidance. This continues until velocity is 
reduced and position achieved for deployment of a drag parachute. Final 
letdown is normally by three parachutes to a water landing. 
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directly as the angles of the gimbals and acceleration measurement appears 
directly as components in the non-rotating coordinate frame of the stable 
member “platform `”. 

Alternatelv, the vehicle frame or body-mounted inertial sensors offer 
promise of dramatic savings in size, weight and convenience in mounting. 
Unlike the gyros on the gimballed system which merely must indicate the 
small deviations from initial attitude for closed loop gimbal control, the body- 
mounted gyros must measure precisely the whole angular velocity experienced 
by the vehicle. Moreover, problems are introduced in achieving good gyro 
and accelerometer performance because of this large angular velocity the 
units must tolerate about all axes. Finally the outputs are not always in a 
direct useful form. Angular orientation of the vehicle is indicated only by 
properly transforming and integrating the body-fixed coordinates of angular 
motion indicated by the gyros into either an Euler angle set or a matrix 
of direction cosines. With either of these, the body-mounted accelerometer 
signals can be resolved from the rotating spacecraft coordinates into an iner- 
tial frame. All these calculations require a computer of considerable speed 
and accuracy to prevent accumulation of excessive error. 

The choice made in Apollo for both the Command Module and LEM 
spacecrafts was the use of the gimbal stabilized member mounting of the 
sensors for the primary systems. The superior demonstrated performance 
provides a conservative margin of safety in economical use of rocket fuel for 
the major mission completion maneuvers. The secondary backup or abort 
guidance systems in each spacecraft, however, capitalize upon the size and 
convenient installation advantages of body-mounted sensors. Here the more 
modest performance is quite ample for the crew safety abort maneuvers in 
case of primary guidance system failure. 

The Apollo primary guidance gimbal system ~ or IMU for Inertial Mea- 
surement Unit — is shown schematically in Fig. 2-31. This IMU is seen to 
carry three single-degree-of-freedom gyros which provide necessary error 
signals to stabilize in space the orientation of the inner member by servo 
drives on each axis. There are three of these rotational axes of the gimbal 
system as shown in the figure. A three degree of gimbal system such as this 
can present problems due to a phenomena called “gimbal lock”. Gimbal 
lock would occur when the outer axis is carried by spacecraft motion to be 
parallel to the inner axis. In this position, all three axes of gimbal freedom 
lie in a plane and no axis is in a direction to absorb instantaneously rotation 
about an axis perpendicular to this plane. Thus, at gimbal lock the inner 
stable member can be pulled off its space alignment. Even though a three- 
degree-of-freedom gimbal system allows geometrically any relative orienta- 
tion, the required outer gimbal angular acceleration needed at gimbal lock 
to maintain stabilization will exceed servo capability. 

One direct solution to gimbal lock problems is to add a fourth gimbal and 
axis of freedom which can be driven so as to keep the other three axes from 
getting near a common plane. However, the cost in complexity and weight 
for a fourth gimbal is considerable. Fortunately, in Apollo the operations 
with the IMU are such that gimbal lock can be easily avoided, and a simple 
three-degree-of-freedom gimbal system is entirely satisfactory. This will be 
made clear in the following paragraph. 
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FiG. 2-32 Inertial measurement unit for system 600F (LEM functional) 








Fic. 2-33 Optics (left) and IMU (right) on navigation base 
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The Apollo IMU will normally be turned off during all long coasting 
periods not requiring its use. This is done primarily to save power and 
corresponding fuel cell battery reactant. (Reactant savings of the order of 
20 kilograms have been estimated.) For this reason, the guidance system 
provides for in-flight inertial system alignment against star references before 
the start of each accelerated phase of the mission. This allows the inner 
stable member alignment to be chosen for each use in the most logical 
orientation. Simplifications can result in the computer generation of steering 
commands if the “X” accelerometer axis on the stable member is aligned in 
some direction near parallel to the expected thrust (or entry atmospheric 
drag). This happens also to be optimum with respect to inertial sensor mea- 
surement error effects in velocity measurement. Since the “X” accelerometer 
is perpendicular to the inner gimbal axis, the direction of this inner axis can 
be chosen as required. For each mission phase involving rocket burning or 
atmospheric drag, the trajectory and the thrust or drag lie fairly close to 
some fixed plane. The inner gimbal axis is them aligned somewhere nearly 
perpendicular to this plane. All required large maneuvers result mostly in 
inner gimbal motion, thus avoiding the difficulty of approaching gimbal 
lock associated with large middle gimbal angles. Finally, because large roll 
maneuvers are desirable (for instance during entry for the Command Module) 
the outer gimbal axis is mounted to the spacecraft along or near the roll axis 
so that no restriction on roll maneuver ever exists. 

Because the details of the design and operation of the critical inertial 
sensors — gyros and accelerometers — to be mounted on the stable member of 
the gimbal system are of particular importance and interest, this subject is 
covered separately in Part 4. However, an overall view of the inertial mea- 
surement unit is shown in Fig. 2-32. In this photograph the spherical gimbal 
halves and case cover are removed to show the appearance of the com- 
ponents mounted on the stable member and on the axes of the gimbals. 


INERTIAL SYSTEM ALIGNMENT 

As mentioned above, the inertial measurement system is turned off during 
the longer free-fall coasting periods to conserve power supply energy. Even 
were it not for this, unavoidable drift of the inertially derived attitude 
reference would require periodic in-flight alignment to the precise orienta- 
tion required for measuring the large guided maneuvers. ‘The use of identified 
star directions for the inertial system alignment introduces the question of 
physically relating the sensed star direction to inertial system stable member 
orientation. The problem from one point of view could be minimized by 
mounting the star sensor or sensors directly on the stable member itself. ‘This 
would impose a most severe limitation of field of view of sky available and 
puts unpermissible constraints on spacecraft attitudes during the alignment. 
Even a measured two degree of rotational freedom of the star sensor axis on 
the stable member limits flexibility and compromises design more than can 
be tolerated. 

The alternative of mounting the star sensor telescope separately near the 
spacecraft skin where its line of sight can be articulated to cover a large 
portion of the sky means far more freedom in spacecraft attitude during 
inertial system alignment. In Apollo a rigid structure called the navigation 
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base which is strain-free mounted to the spacecraft provides a common 
mounting structure for the star alignment telescope and the base of the inertial 
measurement gimbal system. Figure 2-33 shows this arrangement for the 
Command Module system. (In this photograph the eyepieces of the optics 
are not attached.) By means of precision angle transducers on each of the 
axes of the telescope and on each of the axes of the inertial system gimbals, 
the indicated angles can be processed in the on-board computer to generate 
the star direction components in inertial system stable member coordinates. 
This provides the computer with part of the needed stable member orienta- 
tion data, except no information is provided for rotation about the star line. 
The use of a second star, at an angle far enough removed from this line, com- 
pletes the full three-axis stable member orientation measurement. With this 
information the stable member orientation can then be changed under 
computer command, if desired, to the orientation optimum for use of the 
guidance maneuvers. 

It is recognized that the above procedure has many sources of error in 
achieving inertial system alignment. For example, each axis of rotation of 
the star telescope and the inertial system gimbals must be accurately ortho- 
gonal (or at a known angle) with respect to the adjacent axis on the same 
structure. This is a problem of precision machining, accurate bearings and 
stable structures. Each angle transducer on each axis of the star telescope and 
the inertial system gimbals must have minimum error in indicated angle. 
This includes initial zeroing, transducer angle function errors and digital 
quantization errors for the computer inputs. By careful attention to mini- 
mizing each of these and other error sources, probable Apollo inertial system 
alignment error of the order of 0.1 milliradian is achieved, an accuracy which 
exceeds requirements by a comfortable margin. 


OPTICAL MEASUREMENT SYSTEM 

Besides providing for inertial system alignment as described above, the 
optical system also provides the on-board measurement capability for orbital 
and midcourse navigation of the command module. The single-line-of-sight 
direction measurement referenced to the stable member used for inertial 
system alignment can be well utilized also in low earth or lunar orbit for 
navigation. However, for on-board navigation during the translunar and 
transearth phases, accuracy requirements are met only by a two-line-of-sight 
sextant type of instrument. Two separate Command Module optical instru- 
ments are mounted on the navigation base which also supports the inertial 
measurement unit. These are the two-line-of-sight sextant and the single- 
line-of-sight scanning telescope. 

The sextant and its features are illustrated diagramatically in Fig. 2-34. 
It is essentially a two-line-of-sight instrument providing magnification for 
manual visual use as well as special sensors for automatic use. It is seen in the 
figure that one of the lines of sight of the sextant, identified with the landmark 
side of the navigation angle, is undeflected by the instrument and is thereby 
fixed to the spacecraft. To aim this line then, the spacecraft must be turned 
in space appropriately by means of orientation commands to the attitude 
control system. The second line identified with the star side of the navigation 
angle can be pointed in space through the use of two servo motor drives 
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Fic. 2-37 Telescope view — midcourse navigation 
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attitude jets to keep the landmark within the field while with his left hand he 
positions the star image to superimposition on the landmark. When this is 
achieved, Fig. 2-39, he pushes a mark" button which signals the computer 
to record the navigation trunnion angle and time. From these data the 
computer updates the navigation state vector. 

The unity power wide field of view of the scanning telescope is also suitable 
for navigation direction measurements to landmarks in low earth or moon 
orbit. The wide field of view makes landmark recognition easy. Landmark 
direction measurement accuracy of the order of 1 milliradian as referenced 
to the pre-aligned attitude of inertial system and as limited by the unity 
magnification is sufficient for landmark ranges under a few hundred kilo- 
meters. In low orbit, the inertial measurement gimbal system must be on and 
pre-aligned with two star sightings. Then the navigator acquires and tracks 
landmarks as they pass beneath him, pushing the mark button when he 
judges he is best on target, Fig. 2-40. The computer then records optics 
angles, inertial measurement unit gimbal angles and time to provide the 
navigation data. In all uses of stars and landmarks for navigation the com- 
puter must be told by the navigator the identifying code or coordinates of the 
star and/or landmark. These appear on the navigator's maps and charts to 
help his memory. 


ON-BOARD COMPUTER 

The relatively large amount of on-board data processing required for 
Apollo guidance, navigation and control can be met only by the capabilities 
of a specially designed digital computer. The special requirements define a 
computer which would provide for: 

(a) Logic, memory, word length and speed capability to fit the needs of 

the problems handled. 

(b) Real time data processing of several problems simultaneously on a 
priority basis. 

(c) Efficient and yet easily understood communication with the astro- 
nauts for display of operations and data as well as manual input 
provisions for instructions and data. 

(d) Capability of ground control through radio links as well as tele- 
metering of on-board operations and data to the ground. 

(e) Multiple signal interfaces of both a discrete and continuously variable 
nature. 

The design features of this computer are covered in detail in Part 6. But 
perhaps the many input and output signals should be discussed briefly here 
because of the large part these interfaces take in determining the system 
configuration and in understanding system tasks and operation. Rather than 
a listing of interfaces the important ones will be discussed by groups in the 
following paragraphs. 

Inputs to the computer of a discrete or two-state nature are handled as 
contact closures or voltage signals. These offer no difficulty except for the 
computer activity needed to keep appraised of them. Important urgent signals 
of this nature — such as an abort command or the time critical “‘mark”’ signals 
– во to special circuits which interrupt computer activity to be processed 
before other activity is resumed or modified. Less critical signals indicating 


112 





FIG. 2 q Sextant vicev midcourse navigation 





| [G . 2 () leli SCODC VICH orbital navigation 
| | 





— —À 
1 ij БЕР 
ων ος 
бо Да 


w 


АНЕ 


7 


о 
(= а) 
uà 
СС 
ч 
аьел 
m 
-— —áà 
N 
J 
К 
— 


| 


Fic. 2-41 Displays and controls - command module lower equipment bay 
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states of the various equipment or requiring less urgent action are examined 
by the program periodically as necessary. 

Discrete signal outputs are of two types. Time critical ones such as that 
which signals engine thrust cutoff consist of high frequency pulse trains 
which are gated on at the time of the programmed event and detected re- 
motely where the action is requested. Slower discrete outputs are either 
gated d.c. voltages or relay contact closures set by a state matrix which drives 
the appropriate relay coils. The majority of these relays are used to set the 
states of the electroluminescent number displays readout of the computer 
display and keyboard. Others change operating modes of the associated 
spacecraft systems or are used to light status or warning lights. Direct earth 
communication to and from the computer requires circuits associated with 
the interface with the radio receiver and transmitter to convert between the 
serial code of the telemetry and the parallel format of the computer. 

Other variables into the computer are handled by input counters which 
sum pulses transmitted as the indicated variable changes through fixed 
increments. Velocity increments, for instance, measured by the inertial system 
accelerometers are handled in this way. Some variable outputs, such as the 
command torquing of the inertial system gyros to change alignment, appear 
as output increment pulses on appropriate lines. 

Perhaps the most difficult class of computer interfaces is handled by the 
use of auxiliary pieces of equipment called Coupling Data Units - or CDU's 
for short. The CDU's provide the means for coupling with the digital com- 
puter the sine and cosine analog signals from the resolver type of angle 
transducers used on the optics and inertial gimbal system axes. There are 
five of these CDU's, one each associated with optics shaft, optics trunnion 
and the three axes of the inertial unit gimbal system. The details of the opera- 
tion and construction of the CDU’s are described in Part 4. 


DISPLAYS AND CONTROLS 

The preceeding sections have introduced the needs and characteristics 
of three Apollo guidance, navigation and control subsystems: (a) the inertial 
measuring equipment, (b) the optical measurement equipment and (c) the 
digital computer data processing equipment. Because Apollo is by its very 
purpose a manned mission, the provision for system operation by the crew 
is essential. This identifies the need for the fourth subsystem, the displays and 
controls. 

The provisions to involve the astronaut might appear as an unnecessary 
complication. Indeed, many tasks are best left to the machine; those that 
are too tedious or require too much energy, speed of response or accuracy 
outside man’s capabilities. But the utilization of man in many of the tasks of 
guidance, navigation and control more than pays for the display and control 
hardware needed. His involvement without any doubt enhances mission 
success significantly. Consider man’s judgement and adaptability, his decision- 
making capability in the face of the unanticipated and his unique ability to 
recognize and evaluate patterns. Of this latter, consider his unsurpassed 
faculty to pick out a particular navigation star from the heavens or to 
evaluate a suitable touchdown spot on the moon. Displays and controls were 
designed in Apollo to provide the crew with visibility into and command 
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over the guidance, navigation and control tasks. In most of these tasks then, 
the astronaut can select either to be intimately involved in the procedures or 
allow full automatic operation which he will be able to monitor at his dis- 
cretion. 

In the command module, the navigator has displays and controls illus- 
trated in Fig. 2-41. The eyepieces of the sextant and scanning telescope appear 
prominently beside each other. Just below these eyepieces is a control panel 
used primarily for operating the optics. The left-hand optics hand controller 
and the right-hand spacecraft attitude minimum impulse controller appear 
at the top of this panel. At the bottom of this panel are operating mode 
selector switches. The inertial system mode controls and displays appear to 
the left and above the eyepieces. Directly to the left are the five coupling 
data units with a display of the associated variable of each. To the right is 
the numerical readout and keyboard associated with the computer. Features 
of this are described with the computer in Part 6. 

Tabulations of data, lists of procedures and maps and charts of landmarks 
and stars will be provided in a bound book or could alternately be projected 
on a microfilm projector. Space for this projector appears near the top of 
Fig. 2-41. Controls to operate the film drives and projection lamp are seen 
on the center panel. The numbered modules below the optics control panel 
contain the miscellaneous analog electronics that operate the equipment. 
Below this is the digital computer. 

Separated from the displays and controls described and on the main panel 
in front of the pilot's couch certain important guidance data are displayed. 
A second display and keyboard of the digital computer is mounted here. 
This unit is functionally in parallel with the one used by the navigator so 
that the majority of guidance and navigation functions can be operated and 
observed from either station. 

Also visible to the pilot is a ball attitude indicator and associated needles, 
Fig. 2-42. The spacecraft orientation is indicated to the pilot by the attitude 
of the ball which is driven in three axes by the three axes of the inertial 
measurement unit gimbals. Also, the three components of attitude error 
generated by the guidance system are displayed by the position of three 
pointers which cross the face of the instrument. Vehicle attitude rates 
measured by three vehicle mounted rate gyros are displayed by three more 
pointers around the sides of the instrument. Other displays showing guidance, 
navigation and control system status also are available for the pilot on the 
main panel along with a complex array of equipment associated with other 
systems for control mode selection and display. 


EQUIPMENT INSTALLATION IN SPACECRAFT 

The installation of the guidance and navigation equipment in the com- 
mand module is illustrated in the cutaway view, Fig. 2-43. This shows the 
navigator operating the displays and controls at the lower equipment bay 
where the majority of the guidance and navigation equipment is located. 
Other control equipment is distributed around the spacecraft. During 
launch boost into earth orbit and during return entry when the acceleration 
forces are high, the navigator must leave his station as shown and lie in the 
protective couch in the center between his companions. Sufficient controls 
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and displays as described above are on the main panel in front of the couches 
to perform all the guidance and navigation functions except for those re- 
quiring visual use of the optics. Thus, for the limited period near the earth 
when the navigator cannot be stationed in front of the eyepieces at the lower 
equipment bay, use of optics is through the automatic features only. 

The installation in the LEM is shown in Fig. 2-44. The inertial measure- 
ment unit (IMU), the LEM guidance computer (LGC), the coupling data 
units (CDU's) and support electronics of the power servo assembly (PSA) 
are all identical to those used in the command module. Since the LEM 
activity, when separated from the command module, does not require optical 
navigation sightings, a simpler optical alignment telescope is installed on a 
navigation base with the inertial measurement unit and is used only for 
aligning the stable member of the latter. Also unique to the LEM are the 
two radars. The rendezvous radar is mounted near the inertial unit so that 
direction data can be related between the two. The landing radar is on the 
descent stage, not shown, and is therefore discarded on the lunar surface 
after it has served its function during landing. 


OVERALL BLOCK DIAGRAMS 

The signal interconnections among the various equipments which consti- 
tute or have some part in the guidance, navigation and control are illustrated 
in Fig. 2-45 and Fig. 2-46 for the command module and LEM systems, res- 
pectively. The equipment and signals shown on these figures can, for the 
most part, be related to material already discussed. A detailed explanation 
is not given here, since the intent is only to show the general nature of the 
equipment interfaces, the similarity and difference between the command 
module and LEM systems and the central role of the guidance computer in 
each case. 
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CHAPTER 2-4 


OPERATION MODES OF GUIDANCE, NAVIGATION 
AND CONTROL 
APOLLO COMMAND MODULE BLOCK I 


‘The system that has been described so far can be seen to have a high degree 
of flexibility in performing the many tasks of concern. In this chapter a 
series of diagrams are used to show briefly the equipment involved and the 
information flow in operations with these tasks. 

Figure 2—47] shows the installed arrangement of the equipment in the 
Block I command module. In the following figures this equipment is shown 
separated in order to trace signal paths more easily. The Block I equipment 
configuration lends itself better to the tasks of this chapter than the later 
more integrated Block II equipment which will finally perform the lunar 
landing. 

Figure 2—48 is the key figure of the series. Here the principal subsystems 
of the Block 1 command module guidance and navigation are arrayed and 
identified for use in the subsequent figures. The sensors of the system аге 
shown in the top center; the two optical instruments, sextant and scanning 
telescope and the inertial measurement unit (IMU) are all mounted on the 
common rigid navigation base. At top left are the two sets of coupling data 
units (CDU’s) to provide the communication of the optics and IMU angles 
with the computer shown at the center. ‘The computer display and keyboard 
(DSKY) is at upper right. The whole vehicle — command and service 
modules — is represented by the figure center right. ‘The separate stabilization 
and control system of the Block I system is bottom right. The astronaut 
navigator is shown bottom left surrounded by several of the important controls. 

The first mode is that of powered flight guidance, Fig. 2-49. The signals 
from the accelerometers on the IMU are processed within the computer 
where the steering equations develop a desired thrusting attitude of the 
vehicle to achieve the desired direction of acceleration. This is treated as a 
commanded attitude which is compared in the CDU’s with actual attitude 
measured by the IMU. The difference is a steering error which is sent to the 
SCS to control the vehicle. Resulting vehicle motion is sensed by the IMU 
to complete the feedback. When the required velocity change is achieved, the 
computer sends a rocket engine shutdown signal. ‘The crew can monitor the 
whole operation by the display of appropriate variables on the DSKY such 
as the components of velocity yet to be gained. Before the IMU can be used 
for an operation such as this, it must be aligned to the desired spacial orien- 
tation. This process is described next. 

IMU alignment is normally performed іп two stages: “‘coarse”’ and "fine". 
The first step of coarse alignment is to give the computer a reasonably accurate 
knowledge of spacecraft attitude with respect to the celestial framework being 
used. Illustrated in Fig. 2-50, the navigator sights sequentially two stars 
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using the scanning telescope (SCT). The star image is sensed by the navigator 
who uses his left hand optics controller to command the SCT prism such as 
to center the star on the reticle. He pushes the mark button when he achieves 
satisfactory tracking which signals the computer to read the SCT angles 
being transmitted it by the optics CDU’s. A second star direction at a 
reasonably large angle from the first is similarly measured. The navigator 
identifies which stars are being used to the computer through the keyboard 
of the DSKY. With these data the computer determines in three dimensions 
the spacecraft attitude which is held reasonably fixed by a gyro control atti- 
tude hold of the SCS during all of these coarse alignment operations. 

In step two of coarse alignment shown in Fig. 2-51, the computer deter- 
mines desired IMU gimbal angles based upon its knowledge of spacecraft 
attitude and the guidance maneuver which will be next performed. These 
desired angle signals sent to the IMU through the CDU are quickly matched 
by the IMU gimbal servos in response to error signals developed on the angle 
transducers on each gimbal axis. At this point the IMU gimbal servos are 
then switched over to the gyro stabilization error signals to hold the achieved 
orientation. 

In the first step of fine alignment shown in Fig. 2-52, two star directions 
are again measured by the navigator. This time he uses the high magnifica- 
tion of the sextant (SXT) with the precision readout on the star line in order 
to achieve necessary accuracy. The IMU is presumed to be under gyro 
stabilization control and to be reasonably close to the desired orientation. 
On each of two stars which the navigator identifies to the computer, the 
navigator signals **mark" when he achieves precise alignment on the SXT 
crosshair. On these signals the computer simultaneously reads the SXT and 
IMU angles being transmitted through the CDU's. With these data the 
computer determines star directions in IMU stable member coordinates 
from which the spatial orientation of the IMU being held by gyro control 
can be computed. The spacecraft attitude need not be held fixed during these 
fine alignment operations as long as the angular velocity is small enough to 
permit accurate star tracking by the navigator. 

In step two shown in Fig. 2-53 the computer determines the existing IMU 
attitude error based upon the desired attitude as determined from the next 
use of the IMU such as for a particular guided maneuver. The computer 
then meters out the necessary number of gyro torquing pulses necessary to 
precess the gyros and the IMU to correct the IMU alignment error. The 
two steps of fine alignment can be repeated if desired to obtain more precision 
when the torquing precession angle is large. 

On-board navigation measurements in low orbit can be performed either 
using landmark references as shown on the above figure or using other 
references as described later. In Fig. 2-54, the navigator first aligns the IMU 
as previously described and then tracks identified landmarks as they pass 
beneath him using the SCT. When he is on target he signals **mark" and 
the computer records IMU and SCT angles and time so as to compute 
landmark direction in the coordinate frame of the aligned IMU. These 
direction measurements are then used to update the computer's estimate of 
position and velocity and the computer's estimate of error in these parameters. 
These data can be displayed to the astronauts if desired. 
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Although this assumes identified landmarks of known coordinates, un- 
identified landmark features can be used as described in Part 5. 

The use of the sextant to measure the angle between identified stars and 
landmarks for midcourse navigation is described with Fig. 2-55. The acquisi- 
tion process using the scanning telescope is assumed already to have been 
performed so that the desired star and landmark images appear in the SXT 
field of view. With his right hand the navigator periodically commands jet 
impulses to hold the landmark in the field of view by controlling spacecraft 
attitude and the body-fixed landmark line. With his left hand he controls 
the sextant mirror to superimpose the star image onto the landmark. When 
this superposition is satisfactory he signals **mark" and the computer records 
the measured navigation angle and time. These numbers are then further 
processed in the computer navigation routines. The computer displays the 
correction to the state vector which would be caused by this sighting, so that 
the navigator is given a basis to reject a faulty measurement before it is 
incorporated into the navigation. 

The use for navigation of the automatic star tracker (AST) and photo- 
meter (PHO) is shown in two steps. In the first step, shown in Fig. 2—56, the 
navigator uses the scanning telescope (SCT) to acquire the navigation star 
with the automatic star tracker on the sextant. Acquisition is confirmed by 
a "star present" light signalled from the star tracker. 

In step two, shown in Fig. 2-57, the navigator maneuvers spacecraft 
attitude manually to point the body-fixed horizon photometer line to the 
illuminated horizon by observing the geometry through the SCT. The 
SCT has a reticle pattern which permits the navigator to judge when the 
photometer is looking in the plane containing the star and the centre of 
the planet. This puts the photometer sensitive area directly beneath the 
star. His task is then to sweep the photometer line in this plane through 
the horizon. When the sensed brightness drops to half the peak value, 
the photometer automatically sends a “‘mark”’ to the computer so that the 
resulting navigation angle and time can be recorded. This operation can be 
performed using the sun illuminated limb of either the moon or earth. 
Operation with the earth depends upon the systematic brightness of the 
atmospheric scattered light with altitude described in Part 5. The navigation 
measurement process described uses astronaut control in positioning the 
Photometer line. If the IMU is on and aligned, this process could be com- 
pletely automatic through computer control program. 

The automatic star tracker on the sextant provides the capability of 
automatic IMU alignment as illustrated in Fig. 2-58 and Fig. 2-59. Without 
astronaut help, however, the star tracker cannot acquire a known alignment 
star unless the IMU is already roughly aligned to provide a coarse direction 
reference. The automatic IMU alignment capability described here, then, 
is most useful to re-correct the IMU drift after a long period of IMU opera- 
поп. 

In the first step, shown in Fig. 2—58, the computer points (ће sextant to 
the expected star direction through the optics CDU's based upon the vehicle 
attitude measured by the IMU. Presumably the star tracker now senses the 
desired star within its acquisition field of view and signals the computer that 
the star is detected. 
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In step two, shown in Fig. 2—59, the computer now changes equipment 
mode to send the star tracker error signals to the sextant drives so as to track 
the star automatically. The computer then reads simultaneously the sextant 
and IMU angles in order to determine two components of the actual IMU 
misalignment. This latter is corrected by computer torquing signals to the 
IMU gyros as described previously. Acquisition and tracking of a second star 
completes the automatic fine alignment in three degrees of freedom. 

The automatic star tracker provides the means for making automatic 
star occultation navigation measurements with the moon, as shown in Fig. 
2-60. An acquisition by the star tracker as shown in Fig. 2-56 or Fig. 2-58 
is required, of course, as an initial step. While the star is being tracked the 
instrument generates a *'star present" signal for the computer which is based 
upon the detected star light energy. As the star sinks below the lunar horizon 
due to the orbital motion of the spacecraft, the star present signal disappears 
at the moment of occultation. The time of this event is measured by the 
computer as a point of the navigation data. A similar process is possible using 
the earth's limb, but this requires a more elaborate star present detection. 
The star intensity diminishes gradually due to dispersion and scattering as 
the beam sinks into the earth's atmosphere. Besides the automatic occultation 
measurement just described, a manual detection is possible, of course, as 
shown in Fig. 2-61. This is of advantage, since it does not require that the 
optics system electronics be turned on. In fact, the event can be observed by 
the astronaut through the window and timed with a separate stopwatch for 
transmission to the earth for use in aiding ground-based navigation measure- 
ment. 
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earth recovery areas, ‘he computer can inform the crew about the times of 
flight and propulsion usage for each of the above aborts so that the abort 
mode decision can be made. 

The abort trajectory to be determined and controlled by the guidance and 
navigation equipment depends upon the mission phase in which the abort 
decision is made. Figure 2-62 illustrates the three abort trajectory types per- 
tinent to operations near the earth. Trajectory 1 on the diagram is direct 
abort to earth during launch boost ascent. It is flown when the failure is of a 
nature requiring immediate return to earth or where sufficient propulsion is 
not available to fly trajectory 2. Abort trajectory 2 continues the flight into 
earth orbit using an upper stage of the vehicle. It has the advantage of better 
choice of landing recovery area by selecting the phasing of the return 
maneuver. It further permits a possible continuation of the flight, but ob- 
viously of more limited mission scope. The descent from orbit, trajectory 3, 
is similar to the earth orbit returns already flown by the Soviet and American 
manned orbital flights. 

Aborts that can be initiated after Apollo has been committed through 
translunar injection are illustrated in Fig. 2-63. Trajectories 1 and 2 on this 
figure are typical of the paths flows for aborts initiated during the first part 
of the translunar coast. Trajectory 1 illustrates a fuel optimum direct return 
to earth. Trajectory 2 illustrates the full fuel usage quick return to earth. At 
some point in the translunar coast, the time to earth return is quicker if the 
spacecraft coasts around behind the moon and then continues home, trajec- 
tory 3. All of these cislunar aborts will require careful navigation. Navigation 
is required before the abort is initiated upon which to base the abort injection 
guided maneuver. After this maneuver, navigation is needed upon which to 
base small midcourse corrections to assure accurate arrival at the safe earth 
entry conditions. 

After arrival into lunar orbit, aborts either may be an immediate trans- 
earth injection or may necessarily be preceeded by recovery of the two men 
in the LEM. Figure 2-64 illustrates the trajectories and operations involved 
with the LEM aborts. ‘Trajectory 1 illustrates a typical abort initiated during 
the LEM descent. The abort trajectory injection, begun at point Ai, is 
guided and controlled to put the LEM in a fairly high elliptical trajectory so 
that the phasing is proper for rendezvous to meet the orbiting command 
module at point Ri. Midcourse corrections, not shown, are necessary based 
upon navigation from the rendezvous radar on earth tracking data. Unfortu- 
nately much of the trajectory occurs behind the moon out of sight of the earth 
tracking facility. ‘This might suggest use of a low altitude holding orbit such 
as described below to provide better phasing of the rendezvous for earth 
coverage. 

Trajectory 2 of Fig. 2-64 illustrates a typical LEM emergency abort from 
the lunar surface. Here it is supposed that a failure has occurred — such as 
fuel tank leakage or life support system failure — that requires immediate 
ascent without waiting until the CSM is in the proper position for a normal 
ascent and rendezvous. The powered phase is guided to put the LEM in a 
low altitude clear perilune orbit where it will hold until it catches up appro- 
priately with the orbiting command module. At the proper point the ascent 
engine is fired again for transfer and rendezvous using midcourse corrections 
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SPACECRAFT SAFETY CONSIDERATIONS 


as required. Alternately, once the LEM succeeds in getting into a holding 
orbit, it can assume if necessary, a passive role and allow the CSM to 
maneuver for rendezvous and crew pickup. 


CONTROL OF PROPULSION FAILURE BACKUPS 

The Apollo guidance and control equipment will be designed to operate 
with abnormal propulsion and loading configurations for given mission 
phases to provide abort capabilities covering failure in any of the primary 
rocket engines. Figure 2-65 is a rather fanciful diagram showing examples of 
aborts of this nature. ‘The heavy ascending line traces out the normal mission 
phases from prelaunch to lunar orbit. The dashed lines trace out abort paths 
through alternate propulsion sources to cover failures of the normal rocket 
used in each phase. These paths are numbered on the diagram and are 
explained briefly below: 

(a) This is the use of the launch escape system providing aborts during 
the period from on the pad before liftoff until atmospheric exit during 
the early part of the second stage burn. No measurement is necessary by 
the guidance system for launch escape aborts; the system is designed 
to pull the command module safely past and far enough away from 
an exploding booster for a low velocity entry and normal CM para- 
chute landing. 

(b) A failure of the second stage during ascent might be of a nature to 
allow thrusting in the third SIVB Saturn stage into earth orbit. This 
would naturally deplete SIVB fuel sufficiently to prevent continuation 
of a lunar mission, 

(c) Again during second stage boost and during third stage as well, the 
abort may be made to an immediate entry trajectory and landing 
using the command module propulsion and the spacecraft guidance 
and control systems. 

(d) Aborts using service module propulsion during third stage boost may 
also be made into earth orbit. A second burn of the service module 
would then initiate descent to a selected landing site. 

(e) If the abort is initiated while in earth orbit the service module pro- 
pulsion would be used for descent assuming it still functions. If not, 
the small reaction jets could be used in a limited retrograde transla- 
tional burn or series of burns so as to capture the atmosphere. 

(f) On the way to the moon the service module propulsion could be used 
to inject into the return orbits described previously. 

(g) If the service module rocket has failed the flight can continue around 
the moon on the “free return" path using the reaction jets in transla- 
tion mancuvers to perform the necessary midcourse maneuvers deter- 
mined by navigation. 

(h) If the service module propulsion fails while in lunar orbit before the 
LEM separation and descent, the LEM propulsion and LEM guid- 
ance and control systems can be used to inject the command module 
onto the necessary transearth trajectory. 

These examples of propulsion failure abort paths illustrate dramatically 

the necessary flexibility and universality needed of the Apollo guidance, 
navigation and control systems. 
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SPACECRAFT SAFETY CONSIDERATIONS 


FAILURE DETECTION AND ALARM 

A central aspect of mission safety is the early detection of system failure. 
Part of this detection is in the systematic on-board testing during the stress- 
free coasting phases to assure the needed systems are functioning. Of more 
interest, perhaps, is the automatic failure detection features which immed- 
iately signal appropriate alarms during the stressed accelerated phases of 
rocket thrust or entry. It is with the help of these alarms that the crew can 
initiate appropriate abort action immediately as necessary. As an example, 
we will limit this discussion to the automatic failure detection of the guidance 
system in the command module as used during guided flight. 

Figure 2-66 is a simplified diagram of this failure detection system. The 
box at the bottom represents the inertial system. The signals coming out are 
error detections. Shown is “gyro error”? which is a signal which exists when 
any of the gyro gimbal stabilization loop servo errors exceed a preselected 
detection level. The “accelerometer error” and ‘CDU error” have similar 
properties with detection of any of the accelerometer servo loop errors and 
coupling display unit servo loop errors. The “‘power supply fail” signals 
deviations of the inertial system power supply voltages from preselected 
levels. Each of these detections is sent to the computer as well as being 
separately summed to light a master inertial system error display light. 
During system turn-on or mode switching this light is expected to operate 
briefly during the transient but will extinguish itself in a normal system. 

The computer contains its own error detection programs and circuitry 
which may light a master computer error light. If this occurs for transient 
reasons, the astronaut will succeed in extinguishing it by pushing a reset 
button. The computer program will examine its error and the inertial 
system detections and will light appropriate fail lights. ‘The “inertial attitude 
fail” signals that the inertial system alignment is lost and the crew should 
use a backup system if re-alignment cannot be accomplished, The “‘acceler- 
ometer fail" indicates that the acceleration data in the guidance is faulty 
and the primary guidance steering cannot be used. In this latter case, how- 
ever, the inertial attitude data may still be correct for use in a backup mode. 
A similar situation occurs with the CDU fail" light. 

The last light is a master guidance fail" which has special features which 
makes it fail-safe. The computer program examines periodically, at a fixed 
frequency, all of the previous failure detections and if it finds none the pro- 
gram sends out a pulse of a particular duration. If this pulse keeps occurring 
at the expected frequency, then the detector inhibits lighting the **master 
guidance fail". Otherwise this signal lights up. If any of these lights operate 
the crew is trained to take appropriate emergency backup action. 


NAVIGATION REDUNDANCY 

The originally stated premise that a single failure should leave the system 
with enough capability to return safely should now be examined. With 
respect to navigation this is quite straightforward with the use of both on- 
board and ground-based provisions. If ground tracking navigation data are 
unavailable because of a loss of communications, then the on-board system 
can perform all the necessary navigation. 

If the on-board navigation capability fails the ground can provide the 
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SPACE NAVIGATION 


hardware to drive the engine gimbals is provided. ‘The sixteen reaction jets 
on the service module and the sixteen reaction jets on the LEM allow a 
limited number of jet failures without unacceptable loss of rotational control 
or translational control. Likewise the necessary rotational control of the 
command module is provided by a redundant assembly of twelve reaction jets 
for use during earth atmospheric entry. Various levels of automatic, semi- 
automatic and manual control can be selected by the crew to utilize the 
subsystems available and working. In the limit, the pilot or a surviving 
companion can use direct hand control commands to the reaction jets and 
the engine gimbals and a view of the stars as reference directions to provide 
him with the last level of emergency backup. 
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EXPLICIT AND UNIFIED METHODS OF 
SPACECRAFT GUIDANCE 
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DR. RICHARD H. BATTIN 


Dr. Richard H. Battin, Deputy Associate Director of Instrumentation 
Laboratory, Massachusetts Institute of Technology, is a specialist in space 
trajectories, guidance concepts and in the programming of space guidance 
computers. He is in charge of the Space Guidance Analysis Group which is 
charged with both theoretical analysis and programming of the on-board 
guidance computer for the Laboratory’s development of the guidance system 
that will be used aboard the Project Apollo spacecraft. 

Dr. Battin was born in Atlantic City, N.J., March 3, 1925, and was 
graduated from Forest Park High School, Baltimore, Md., in 1942. He re- 
ceived the S.B. degree in electrical engineering from M.I.T. in 1945 and 
served in the Navy as a Supply Corps officer for one year. He returned to 
M.L T. in 1946 às an instructor in mathematics and a research assistant in 
meterology, studying atmospheric circulations. He was awarded the Ph.D. 
degree in Applied Mathematics from M.I.T. in 1951. Dr. Battin joined the 
Instrumentation Laboratory in 1951 as a research mathematician working 
on fire control and inertial navigation systems and later became head of the 
Laboratory’s Computing Devices Group. 
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Research Group of Arthur D. Little, Inc., working on digital data processing 
for business and industrial research. Since returning to the Instrumentation 
Laboratory in 1958, Dr. Battin has been engaged primarily in interplanetary 
navigation theory and development. 

Dr. Battin is the author of the book ‘‘Astronautical Guidance” (New 
York; McGraw-Hill, Inc., 1964) and co-author of the book, “Random 
Processes in Automatic Control" (New York; McGraw-Hill, 1956). He has 
published numerous articles in professional journals dealing with meteor- 
ology, analog and digital computing techniques, stochastic processes, inter- 
planetary trajectories and navigation. He is a member of Sigma Xi and an 
Associate Fellow of the American Institute of Aeronautics and Astronautics. 
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PART 3 


EXPLICIT AND UNIFIED METHODS OF 
SPACECRAFT GUIDANCE 


INTRODUCTION 

Of fundamental importance in the design of space guidance systems is the 
creation of both flexible techniques and versatile instrumentation which have 
a wide range of applicability but neither compromise mission accuracy nor 
place an undue burden on propulsion requirements. Minimal constraints on 
the system and methods of its operation should be imposed by detailed 
mission objectives which are subject to frequent and last minute revision. 
In partial fulfillment of these goals, the development of explicit guidance 
techniques is warranted to reduce any dependence on precomputed reference 
orbits or specific rocket engine characteristics. 

During the evolution of a space flight program such as Apollo, the ultimate 
mission objective is attained progressively by a series of intermediate flights. 
Each successive flight is planned as a direct extension of the previous one so 
that the need for special equipment and untried techniques can be minimized. 
The success of this approach is enhanced through the development of unified 
guidance methods. ‘Then the guidance requirements for each new mission 
phase can be met as a specific application of a general guidance principle. 

The two fundamental tasks of a guidance system are to maintain accurate 
knowledge of spacecraft position and velocity and to provide steering com- 
mands for required changes in course. It is the purpose here to review some 
of the current techniques for solving the guidance problem emphasizing those 
methods which are consistent with the explicit and unified philosophy of 
design. 


149 





| | 


INERTIAL INERTIAL 
VELOCITY POSITION 
V r 


GRAVITY 
COMPUTER 





INTEGRATING 
ACCELEROMETER 
OUTPUTS 


Vo 7 f a, dt 








SENSOR 
SYSTEM 


THRUST 
ACCELERATION 


91 


VEHICLE 
ATTITUDE AND NENNEN. 
MOTION 


Fic. 3-1 Accelerated flight navigation system 


150 


CHAPTER 3-I 


ACCELERATED FLIGHT NAVIGATION 


The task of periodic determination of position and velocity, customarily 
referred to as navigation, divides naturally into two parts — accelerated flight 
and coasting flight. For navigation during an accelerated maneuver, the 
system frequently includes inertial instruments capable of measuring thrust 
acceleration along three mutually orthogonal axes which are nonrotating. 
A guidance computer is then required to perform accurate integrations and 
gravity calculations on a real-time basis. 

A functional diagram of the basic computations required of the navigation 
system is shown in Fig. 3—1. Incremental outputs from inertially stabilized 
integrating accelerometers, together with components of gravitational accele- 
ration computed as functions of inertial position in a feedback loop, are 
summed to give the components of inertial velocity. The ultimate precision 
attainable is, of course, limited by the accuracy of the inertial instruments, the 
speed of the guidance computer and the knowledge of the initial conditions. 


GRAVITY COMPUTER 
The gravity calculations may be performed in a straightforward manner. 
The equations of motion for a vehicle moving in a gravitational field are 


dr o de _ 
ji + == £ + ën (Eq. 3-1) 


where r and v are the position and velocity vectors with respect to an inertial 
frame of reference. The measured acceleration vector gr of the vehicle is 
defined to be the vehicle acceleration resulting from the sum of rocket thrust 
and aerodynamic forces, if any, and would be zero if the vehicle moved under 
the action of gravity alone. The vector sum of qr and g, the gravitational 
vector, represents the total vehicle acceleration. 

A simple computational algorithm, by means of which position and 
velocity are obtained as a first order difference equation calculation, follows: 


Ava(tn) = Va(tn) ыа Va(tn-1) 
r(tn) = а-а) А v(tn-1) At+ > gna (At)® + 5 Ava(tn) At (Eq. 3-2) 


v(tn) = v(tn-1) + Ava(tn) + = (gn + Ёп-1) 4! 


The vector y, is the time integral of the non-gravitational acceleration forces, 
the components of which are the outputs of the three mutually orthogonal 
integrating accelerometers as shown in Fig. 3-2. The gravitational vector gn 
is a function of position at time tn. In the figure, only a simple spherical 
gravitation field is considered. 

Since velocity is updated by means of the average effective gravity over 
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ACCELERATED FLIGHT NAVIGATION 


the interval of one time step, this method has been termed the “‘average g”’ 
method. A careful error analysis of a vehicle in earth orbit has shown this 
algorithm to yield errors of the order of 100 feet and 0.2 feet per second after 
a period of 35 minutes using a 2 second time step and rounding all additions 
to 8 decimal digits. The errors will increase for a smaller time step due to the 
effects of accumulated round off errors and will also increase for larger time 
steps as truncation errors become significant. When compared to typical 
accelerometer scale factor errors, the error in the computational algorithm 
seems to be several orders of magnitude smaller. 


BODY-MOUNTED SENSORS 

During recent years increasing attention has been devoted to the so-called 
"gimballess inertial measurement unit" in which the inertial sensors are 
mounted directly to the spacecraft (see Bumstead and Vander Velde (1) and 
Wiener (2)). Although many advantages might accrue in terms of system 
weight, volume, power, cost, packaging flexibility, reliability and maintain- 
ability, the realization of a satisfactory design is not without significant prob- 
lems. Unlike the environment provided by a gimballed system, the body 
mounted inertial instruments are subjected to substantial angular velocity 
which tends to exaggerate performance errors. Also, the role of the guidance 
computer is expanded since the angular orientation of the vehicle must also 
be determined by integration of measured angular velocities. It is most 
convenient if the outputs of the body mounted accelerometers are immedi- 
ately transformed into an inertially stabilized coordinate frame so that the 
navigation or guidance problem can be solved just as ifa physically stabilized 
platform had been employed. 

As indicated in Fig. 3-3, the body fixed coordinates and the inertial co- 
ordinates of the thrust acceleration vector are related by a transformation 
matrix of direction cosines. The additional computations required of the 
guidance computer involve the updating of the matrix and using it to trans- 
form vectors from one frame of reference to the other. The transformation 
matrix R is readily shown to satisfy a first order differential equation with a 
coefficient matrix (2 whose elements are the components of the angular 
velocity of the body fixed coordinate frame measured in body coordinates. 

Currently, pulse-torqued integrating gyros are the most promising candi- 
dates for angular velocity sensors. However, since their basic output consists 
of angular increments rather than angular velocity, the accuracy with which 
the transformation matrix differential equation may be integrated is ad- 
versely affected. The use of a higher order integration rule provides no advan- 
tage over simple rectangular integration since the basic data from the gyro 
has already an uncertainty of the order of the square of the gyro quantization 
error. 

The accuracy attainable by a gimballess inertial system is limited primarily 
by the maximum angular velocities to which the vehicle is subjected. The 
required sampling time of the integrating gyros is inversely proportional to 
this maximum angular velocity and the time step used for integrating the 
direction cosine differential equations must be of the same order of magnitude 
as the gyro sampling time. If the sample time is very short, a digital differen- 
tial analyzer may prove to be the best solution to the problem of selecting a 
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ACCELERATED FLIGHT NAVIGATION 


guidance computer. On the other hand, if the sampling time is long enough 
to permit the use of a general purpose computer, there may be sufficient time 
remaining in which to process the navigation and/or steering equations. This 
is, of course more satisfactory, for then one has the possibility of satisfying all 
or most of the complete system computation requirements with a single 
computer. 
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CHAPTER 3-2 


COASTING FLIGHT NAVIGATION 


Spacecraft navigation during prolonged coasting flight is performed by 
appropriate utilization of periodic measurements of convenient physical 
quantities such as (a) distance, velocity, elevation and azimuth from well- 
established reference points, (b) angles between lines of sight to known 
celestial objects. (c) star occultations and (d) apparent planet diameters. 
Since navigation measurements are more accurately made when the sensors 
are in proximity to the data source, vehicle-borne and ground-based instru- 
mentation can serve in complementary roles. 


COMPARISON OF METHODS 

The data processing aspects of the navigation problem have been the 
subject of much research during recent years. The classical method of the 
astronomer, called the **method of differential corrections", is cumbersome 
for large amounts of observational data and is not well suited to implementa- 
tion in a vehicle-borne computer. Blackman, in a recent paper (3), gives an 
excellent review of several of the new methods contrasting them with the 
classical approach and with each other. 

Currently, the statistical methods of optimum linear estimation theory 
seem to hold the most promise. The statistical method of maximum likelihood, 
which is based on the concept of maximizing a particular conditional prob- 
ability, has received much attention. Optimum filter theory, whose goal is to 
find a linear estimator that minimizes some function of the variances and 
covariances of the uncertainties in the estimated state vector, provides an 
alternate method of attack. Although the subject may be approached from a 
variety of points of view, Potter and Stern (4) have shown that all such 
methods lead to equivalent results if the measurement uncertainties have 
Gaussian distributions. 


RECURSIVE NAVIGATION 

The scope of this chapter does not permit a thorough development of the 
mathematics underlying the so-called “recursive method” of spacecraft posi- 
tion and velocity estimation; however this is adequately treated in reference 
(5). The method, which is particularly well-suited to both vehicle-borne and 
ground-based computation, is under active consideration for use in the 
Apollo guidance computer as well as in the Mission Control Center at the 
Manned Spacecraft Center, Houston, Texas. 

The estimate of position and velocity is maintained in the computer in 
non-rotating rectangular coordinates and is referenced to either the earth or 
the moon. An earth centered equatorial coordinate system is used when the 
vehicle is outside of the lunar sphere of influence. Inside of this sphere the 
center of coordinates coincides with the center of the moon. The extrapola- 
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tion of position and velocity is made by a direct numerical integration of the 
equations of motion. 
The basic equation may be written in vector form as: 


d2 
—fPP + PI rpy == 00 (Eq. 3-3) 
dt^ "py 


where rpy is the vector position of the vehicle with respect to the primary 
body P which is either the earth or moon and y» is the gravitational constant 
of P. The vector ga is the vector acceleration which prevents the motion of 
the vehicle from being precisely a conic with P at the focus. If aa is small 
compared with the central force field, direct use of Eq. 3-3 is inefficient. As 
an alternative, the integration may be accomplished employing the technique 
of differential accelerations suggested by Encke. 

Encke’s Method – А: ште кб, the position and velocity vectors rpy(to) and 
vpy(to) define an osculating orbit. The vector difference ĝ (t) satisfies the 
following differential equation 


da uu HP Perish) : | 
dt? 2i rpv(c) |; ру J PP - Š T Ga (Eq. 3-4) 


subject to the initial conditions: 


ô (to) = ха © (to) — v(to) == О 


where rpv(c) is the osculating conic position vector. The numerical diffi- 
culties which would arise from the evaluation of the coefficient of rpy in 
Eq. 3-4 may be avoided. Since: 


rev (t) = rev (t) + 8 (t) (Eq. 3-5) 
it follows that: 





35p 
г — 0 = — (4с) = 1 — (1 + ge) 
r PV 
where: 
_ (8 — rrr)’ à кы жы 

дс = у (Eq. 3-6) 

The function f(g) may be conveniently evaluated from: 
artute? Ea. a- 
Iose ттт ун (Eq. 3-7) 
Encke’s method may now be summarized as follows: 

(a) Position in the osculating orbit is calculated from: 

Тру(С) (t) = Ë — πο) rpv (to) (Eq. 3-8) 

Гру (10) | 
x3 
+ С — —== $(ао “| upy (to) 
V pP ; 
where: 
у (буг 
ma m ee EE (Eq. 3-9) 
rpy (to) HP 


COASTING FLIGHT NAVIGATION 


and x is determined as the root of Kepler’s equation in the form: 


— „у (10) ` pv (I 
V pp(t—to) = — х? С(ао х?) (Eq. 3-10) 


- [1 -— rev (to)ao] x3 S(ao x?) Ба rpy (to) < 


The special transcendental functions S and C are defined by: 


, І x x? 

S(x) = 31 — 51 - 71 — see (Еа. 2—11) 
i I x x? 

CO) = 21 git a 


(b) Deviations from the osculating orbit are obtained by a numerical inte- 
gration of 
d? 
— Š (t) = 


at” Е γὸρν (ς — 


[£(q) rev(t) + 8(t)] + аай) (Eq. 3-12) 


The first term on the right hand side of the last equation must remain small, 
i.e. of the same order as galt), if the method is to be efficient. As the deviation 
vector à grows in magnitude this term will eventually increase in size. 
Therefore, in order to maintain the efficiency, a new osculating orbit should 
be defined by the true position and velocity. The process of selecting a new 
conic orbit from which to calculate deviations is called rectification. When 
rectification occurs, the initial conditions of the differential equation for à 
are again zero and the right hand side is simply the perturbation acceleration 
да at the time of rectification. 

(c) The position vector rpy(¢) is computed from Eq. 3-5 using Eq. 3-8. The 
velocity vector ypy(t) is then computed as: 


vpv(t) — vrv(c)(t) + v(t) (Eq. 3-13) 
where: u 
Ору (с) (Ё) = — — [ao x? S(ao x?) — x] rev(to) (Eq. 3-14) 


rpy(to) rev (cy (t) 
d | — — M C (ao x >| vrv (to) 
7 TC ) 


Disturbing Acceleration — The form of the disturbing acceleration ga to be 
used depends on the phase of the mission. In earth orbit only the gravita- 
tional anomalies arising from the non-spherical shape of the earth need be 
considered. During translunar and transearth flight the gravitational attrac- 
tion of the sun and the secondary body Q (either earth or moon) are relevant 
forces. In lunar orbit it may be necessary to consider forces arising from the 
non-spherical shape of the moon. A summary of the various cases appears 
below. 


(a) Earth Orbit 





“= BES ju( 2)" [Press (0054) iev — Py (eos d) ἱ} (Bq. 3-18) 


TEV 
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where: 


'a (cos $) = 3 cos φ 

'a (cos £4) — d (15 cont 4 — 3) 

'4 (cos $) = 1 (7 cos $ P'3 — 4 P's) 
"mI | (9 cos $ P'4 — 5 Р'з) 


are the derivatives of the Legendre polynomials: 

Cos ¢ = terv * 1: 15 the cosine of the angle $ between the unit vector іку in 
the direction of of rey and the unit vector z; in the direction of the north pole; 
гед 15 the equatorial radius of the earth; and 72, 7/5, 74 are the coefficients of 
the second, third and fourth harmonics of the earth’s potential function. The 
subscript Æ denotes the center of the earth as the origin of coordinates. 

(b) Translunar and Transearth Flight 


i= LS (ge) rea + rev] — © Lf (a5) res + rev] (Eq. 3-16) 


παν 
where the subscripts Q and 5 депоге the secondary body and the sun, 
respectively. Thus, for example, rps is the position vector of the sun with 
respect to the primary body. The arguments 4| ; are calculated from 

(rev — 27Р()) ' ТРУ 


a ee (Eq. 3-17) 


T"P() 
and the function f from Eq. 3-7. 

Ephemeris data for the positions of the moon relative to the earth гем 
and the sun relative to the earth-moon barycenter rgs are required as func- 
tions of time. The position of the sun relative to the primary planet rps is 
then computed from 


ти. иш 
μρ -- ре 


In the vicinity of the lunar sphere of influence a change in origin of co- 
ordinates is made. Thus: 


rev (t) — req (t) = rev (t) — rpv (t) 


fps (0) — rns (t) + TPQ (Eq. 3-18) 

















υρν (t) — vpo (t) = vov (t) —> vrv (t) (Eq. 3-19) 
(c) Lunar Orbit 
uric’ B - . I 
Gu: = SEN ( : [1 — 5 (twv * 19)?] + 
2" My 
pé — =. š i | -- 
[1 — 5 („му · i) (му и) 
s — А š ; аы 
T { С [3 — 5 (Inv * )2] + (Eq. 3-20) 
С— А ; ; š Te 
+ — [! — 5 (¿uv D (tav * In) 15 
В— А . . 
+4 С [1 — 5 (ἐν )2] + 
C — A 





T5 D (му ' 5) ic 
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where A, B, C are the principal moments of inertia of the moon, rm is the 
radius of the moon, C' is C divided by the product of the mass of the moon 
and the square of its radius, #, 7;, ?; are the selenographic coordinate unit 
vectors, and ¿uv is the unit vector in the direction of ray. 

Navigation Measurements — Periodically, the position and velocity of the 
spacecraft must be brought into accord with optical or radar observations 
made with either on-board or ground-based sensors. At the time a measure- 
ment is made the best estimate of spacecraft position and velocity is the extra- 
polated estimate maintained in the computer and denoted by rpy and ypy as 
shown in Fig. 3-4. From this estimate, it is possible to determine an estimate 
of the quantity to be measured such as an angle, range from a tracking station 
or range rate. When the predicted value of this measurement is compared 
with the actual measured quantity, the difference is used to improve the 
estimated position and velocity vector. 

(a) The Measurement Geometry Vector 

An important feature of the recursive navigation method is that measure- 
ment data from a wide variety of sources may be incorporated within the 
same framework of computation. Associated with each measurement is a 
six-dimensional vector 6 representing, to a first order of approximation, the 
variation in the measured quantity g which would result from variations in 
the components of position and velocity. Thus, each measurement establishes 
a component of the spacecraft state vector along the direction of the b vector 
in state space. 

Specifically, if ^; and 62 are the upper and lower three-dimensional parti- 
tions of the six-dimensional b vector and if 27 15 the difference between the 
value of the quantity as actually measured and the expected value as com- 
puted from the current values of rpy and ypy, then: 


δᾷ -- δι . гру ~ ба ' δὺρν (Eq. 3-21) 


where érpy and ypy are the changes in the computed values of position and 
velocity necessary to make the estimated state of the vehicle compatible with 
the observation. 

As examples of both ground-based and on-board measurements we may 
list the following: 
1. Radar Range Measurement 


bı = inv 
бо = о 
q = TRV 


where rry is the range of the vehicle from the radar site and fry is a unit 
vector in the direction of the vehicle from the site. 
2. Radar Range Rate Measurement 


bí = — ну Х (Unv X inv) 
TRV 

бо = trv 

q = Urv ‘trv 


where pav is the velocity of the vehicle with respect to the radar site. 
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the correlation matrix may be determined as the product of the matrix W(t) 
and its transpose, thereby guaranteeing it to be at least positive semi- 
definite. 

Extrapolation of the matrix W(t) is made by direct numerical integration 
of the differential equation: 


| W (Eq. 3-24) 
G(t) O, 


where G(t) is the three-dimensional gravity gradient matrix. The matrices 
1 and O are the three-dimensional identity and zero matrices, respectively. 
If the W matrix is partitioned as: 


dW ο lI 
dt || 


Q1 Q2 .... Q6 
W = | dan dws dws (Eq. 3-25) 
d d ὦ 


then the extrapolation may be accomplished by successively integrating the 
vector diflerential equations: 


d2 
P = 


The G(t) matrix for translunar and transearth flight is readily shown to be: 


G(t)wi i= 1,2,...,6 (Eq. 3-26) 


G(t) = ἘΠ [3rev(t) rev(t)T — тру(!) 1] 
+ Lm [3ruv(t) ruv(t)" — ry (t) 1] 
MV 


so that the differential equations for the w;(¢) vectors are simply: 
d? ; | 
ја“ — ΣΠ {з |1еу (1) . ан (1) ] tev(t) — ot 
EV 


EY {з [tuv (0) " ωι({}]} iv (t) — 0) 


| ry (t ) 


(Eq. 3-27) 





š = I, Q, . 5 @ 


(c)The Weighting Vector 

By algebraically combining the W matrix, the 4 vector and a mean- 
squared a priori estimation error a? in the measurement, there are produced 
a weighting vector w and the step change to be made in the error transition 
matrix to reflect the changes in the uncertainties in the estimated quantities 
as a result of the measurement. The weighting vector w has six components 
and is determined so that the observational data is utilized in a statistically 
optimum manner. The required calculation is given as a flow diagram in 
Fig. 3-5. 

The computation may be conveniently organized in terms of the vector 
partitions of the W matrix as given in Eq. 3-25. If wi and wə are the three- 
dimensional upper and lower partitions of the weighting vector, then we 
have: 
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B Gl 2 
#9 > = (Eq. 3-28) 


I 
6 
ил = > Ziwi 
i=] 


6 
» » _ dai 
2 === i — I 
e ~ dt 
i=] 
Finally, the navigation parameters are updated according to: 
Tpy -H Wy δῦ — ΤΡΥ 
Ору + We dg — џру (Eq. 3-29) 
Qi — yrziwi-- wi à 
7 i = 1,2,...6 


dwi |. yn —» i 
Ж ат 


where: 


I 
y = ——— 
I + V В а? 
(d) Numerical Integration 
The extrapolation of navigation parameters requires the solution of seven 
second order vector differential equations, specifically Eq. 3-12 and Eq. 
3-27. These are all special cases of the form: 
d2 


ау а Ар) (Eq. 3-30) 


in which the right hand side is a function of the independent variable and 
time only. Nystróm's method (6) is particularly well-suited to this form and 
gives an integration method of fourth order accuracy. The second order 
system is written as: 


d d | | 
— = # — — Е wd 
= tef) (Eq. 3-31) 


and the formulae are summarized below : 


2n+1 = Ja + ф( ул) 4 
Zn+1 = Zn + ψί yn) 4! 


lIn) = да + 5 (ki + 2ke) At 


(Уһ) = i (ki +- 4ke + ks) (Eq. 3-32) 
ky = f (Jn) 

ka = (yn + ~ zn At + πι (419) 

Ёз = }( уя + Zn At + - Ка (41)2) 
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For eflicient use of computer storage as well as computing time the com- 
putations should be performed in the following order: 

(a) Eq. 3-12 is solved using the Nystróm formulae Eq. 3-32. The position of 
the sun and moon are required at times tn, tn + 1/2 At, tn + At to be used 
in the evaluation of the vectors ki, ke, ks respectively. It is necessary to preserve 
the values of the vectors rey and rey at these times for use in the solution of 
Eq. 3-27. 

(b) Eq. 3-27 is solved one set at a time using formulae Eq. 3-32 together with 
the values of rgy and гем which resulted from the first step. 

Many of the advantages of the recursive navigation method are now 
readily apparent. Although linear techniques are still employed, it has been 
possible to remove any dependence on a reference or pre-computed orbit. 
Within the framework of a single computational algorithm, measurement 
data from any source may be incorporated sequentially as obtained. Sensitive 
numerical computations, such as the inversion of matrices, are avoided. 


PARAMETER ESTIMATION 

The coasting flight navigation procedure just outlined is capable of 
generalization to include the estimation of quantities in addition to position 
and velocity by the simple expedient of increasing the dimensions of the state 
vector beyond six. For example, one might wish to estimate biases or cross- 
correlations in the optical or radar instruments, the frequency of a satellite- 
borne doppler source or even astronomical quantities such as distances and 
gravitational constants. 


MEASUREMENT SCHEDULE 

For effective application of this navigation method, an efficient observa- 
tion schedule should be prepared. An elementary procedure, which has been 
found to be quite effective for this purpose, is described in reference (5). At 
each of a number of discrete times, appropriately spaced along the flight 
path, that measurement is selected from a variety of possible observations, 
which would result in the greatest reduction in mean-squared position un- 
certainty at the destination. In order to control the number of measurements 
and prevent an unnecessarily lengthy schedule, a measurement is required 
to produce a significant reduction in the potential miss distance or it will not 
be made. 

The simple strategy described above, in which only currently available 
information is exploited, does not, of course, insure an optimum schedule, 
since the uncertainties in position and velocity at the target clearly depend 
on the entire measurement schedule. A method of improving a measurement 
schedule iteratively, employing an adjoint of the correlation matrix, has been 
developed. The technique has been shown to converge always to essentially 
the same schedule starting from a variety of nominal measurement schedules. 
A numerical example, reported by Denham and Speyer (7), gives a minimum 
rms uncertainty in position at the terminal point which is 10% less than the 
value obtained using the more elementary method. 
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CHAPTER 3-3 


POWERED-FLIGHT GUIDANCE 


The task of providing steering commands, frequently called guidance, 
separates naturally into two categories — major and minor maneuvers. 
Launch into parking orbit, transfer to lunar or interplanetary orbit, insertion 
into orbit and landing are all examples of major thrusting maneuvers and 
differ markedly from the minor orbit changes typified by mid-course velocity 
corrections. In either case, the guidance problem is always a boundary value 
problem subject to a variety of constraints of which fuel conservation, vehicle 
maneuverability and time are examples. 

Explicit solutions to the problem of guidance during periods of major 
thrusting require relatively complex calculations to be performed in flight 
on a time-critical basis. Considering the modest size and capabilities of 
vehicle-borne computers contrasted with the more familiar commercial 
machines, the design of feasible explicit methods presents a considerable 
challenge. Several of the more promising guidance techniques currently 
under development are compared in this chapter. 


ADAPTIVE GUIDANCE MODE 

The guidance method developed at Marshall Space Flight Center for the 
Saturn rocket and termed the Adaptive Guidance Mode (8) is conceptually 
simple and easily described. The form of the guidance and cutoff equations 
is invariant with changing missions and vehicles and therefore is in accord 
with the requirements of a unified method. However, significantly large 
quantities of ground computations are required to determine certain coeffi- 
cients needed in the mechanization. 

The vector values of position and velocity, the scalar magnitude of thrust 
acceleration and time are updated continuously during powered flight. At 
each instant the present values of these quantities may be considered as initia] 
conditions for the remainder of the flight. Ideally, one would determine the 
optimum trajectory from present conditions to desired terminal conditions 
and command a thrust direction from this optimum solution. This is, of 
course, impractical, so that the techniques of the calculus of variations are 
employed to generate a volume of expected trajectories for specific vehicles 
and missions. Numerical curve fitting methods are employed to obtain 
satisfactory series solutions for the guidance and cutoff commands. 

A functional diagram for the Saturn guidance system is shown in Fig. 
3-6. During flight the thrust acceleration magnitude is computed approxi- 
mately once per second by differentiating the outputs of the integrating 
accelerometers and taking the square root of the sum of the squares of the 
resulting derivatives. Guidance and cutoff commands are computed as 
polynomial functions of position, velocity, thrust acceleration and time at 
intervals of approximately one second, During the burning of the first stage 
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of Saturn, the guidance program is obtained as a polynomial expansion in 
time only because of structural and control problems. 

The chief difficulty with the Adaptive Guidance Mode is determining the 
best method of representing the volume of expected trajectories which pro- 
vide minimum fuel consumption. The required number of terms in the 
polynomials to obtain acceptable accuracy has been found to vary from 40 
to 60 depending on the mission. 


VELOCITY-TO-BE-GAINED METHODS 

Conic orbits can be exploited to advantage in solving many guidance 
problems. For those major orbital transfer maneuvers which can be accom- 
plished conceptually by a single impulsive velocity change, an instantaneous 
velocity-to-be-gained vector based on conic orbits can often be defined and 
the vehicle steered to null this vector. Refer to Fig. 3-7 and let a vector v, be 
defined, corresponding to the present vehicle location r, as the instantaneous 
velocity required to satisfy a set of stated mission objectives. The velocity 
difference vg between v, and the present vehicle velocity v is then the in- 
stantaneous velocity-to-be-gained. 

Two convenient guidance laws are immediately apparent which will 
assure that all three components of the vector vg are simultaneously driven 
to zero. First, we may orient the vehicle to align the thrust acceleration 
vector @r with the direction of the velocity-to-be-gained vector. Alterna- 
lively, since a convenient expression can be developed for the time rate of 
change of the v, vector, we may direct the vector qz to cause the vector vg 
to be parallel to yọ and oppositely directed. If the thrust acceleration magni- 
tude is not sufficiently large it may not be possible to align the vector yg with 
its derivative. However, with typical chemical rockets for which the burning 
time is relatively short, no difficulty has been encountered with this guidance 
logic. 

A combination of these two techniques leads to a highly efficient steering 
law which compares favorably with calculus of variations optimum solu- 
tions (g). The scalar mixing parameter y is chosen empirically to maximize 
fuel economy during the maneuver. A constant value of y is usually sufficient 
for a particular mission phase; however, if required, it may be allowed to 
vary as a function of some convenient system variable, 

A functional diagram illustrating the computation of the error signal 
required for control purposes is shown in Fig. 3-8. ‘The position, velocity 
and gravitation vectors are computed from the outputs of integrating 
accelerometers as described earlier in the section on navigation. The required 
impulsive velocity needed to achieve mission objectives is determined as a 
function of the position vector and used to calculate the velocity-to-be-gained. 
Numerical differentiation of the required velocity vector and the acceler- 
ometer outputs, using values stored from the previous sample time, provides 
two important ingredients of the error signals. When properly scaled, the 
system output is a vector rate of command whose magnitude is propor- 
tional to the small angular differences between the actual and commanded 
thrust acceleration vectors and whose direction defines the direction of 
vehicle rotation required to null the error. Near the end of the maneuver, 
when the velocity-to-be-gained is small, cross-product steering is terminated, 
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the vehicle holds a constant attitude and engine cutoff is made on the basis 
of the magnitude of the v, vector. 

This guidance technique is being considered for steering the Apollo 
Command Module during the following mission phases, (a) translunar injec- 
tion which refers to the process of transfer from earth parking orbit to a 
trajectory linking earth and moon, (b) transfer from a hyperbolic approach 
trajectory to a circular orbit of the moon, and (c) transcarth injection or 
transfer from a lunar orbit to an earth-bound trajectory. 

For each of these maneuvers, the required impulsive velocity is as follows: 
(a) Translunar Injection 

The required velocity for translunar injection is defined as that velocity, 
at the present position, that will place the vehicle on a conic passing through 
a specified time. Specifically, this velocity vector v, is calculated from: 


"У Je [4 + ως (Ед. 3-33) 


where: 


I I 
A= + _ Z 
$ C 2a 


B — son (lin t) J: — I 
5 2а 


In these formulae, c is the linear distance from the present position r to the 
target position rr; s is the semi-perimeter of the triangle formed by the 
vectors r and r7; a is the semimajor axis of the conic; ¢ is the time of flight; 
and /, is the time to fly the minimum energy path from r to rz. The choice 
of upper or lower sign in the expression for 4 is made according as the 
transfer angle is less than or greater than 180°, respectively. The target point 
is actually offset by a calibrated amount from the desired position to account 
for gravitational perturbations. To simplify the computational load the fixed 
time requirement is readily approximated by holding constant the semimajor 
axis of the conic at a pre-determined value. 
(b) Circular Orbit Insertion 

‘To guide a vehicle into a circular orbit of the moon by a rocket braking 
maneuver initiated on an approach trajectory, the vector v, may be defined 
as that velocity impulse required at the present position to circularize the 
orbit in a specified plane. If r is the position vector of the vehicle relative to 
the moon and 7, is the unit normal to the desired orbit plane, then: 


k J (x d) (Eq. 3-34) 





r 


The shape and orientation of the final orbit is controlled by this means, 
but direct control of the orbital radius is not possible. However, there is an 
empirical relationship between the final radius and the pericenter of the 
approach trajectory, so that a desired radius can be established by an ap- 
propriate selection of the approach orbit. 

(c) Transearth Injection 

In the vicinity of the moon the spacecraft trajectory is very nearly 

hyperbolic. Therefore, the required velocity for transearth injection from 
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lunar orbit may be conveniently defined by the magnitude væ and direction 
12 ОЁ the asymptotic velocity væ. Thus: 


ге = [(D+ r) iç + (р—1) и] (Eq. 3-35) 


D— Ji — 
TUs? (1--ir * ἕω) 


The direction in space that the thrust vector should be oriented at the 
beginning of a power flight maneuver is determined from the equation : 


ат = ур + (4—19 ·• yp) m (Eq. 3-36) 


where ¿ç is a unit vector in the direction of the v; vector and 


q = Мат“ — (yp)? + (ig + yp)? 


The quantities v; and f are both continuous functions through the ignition 
point and, thus, their computation can be started to align the vehicle 
initially prior to the firing of the engine. 


TERMINAL STATE VECTOR CONTROL 

The explicit technique just discussed is workable if it is possible, at thrust 
termination, to define the required velocity as a function of position and 
thereby eliminate the need for position control. On the other hand, when 
burn-out position and velocity are independently specified, an alternate 
guidance method, based on an explicit solution of the powered flight dyna- 
mics, is frequently applicable (10). As examples, consider the problems of 
insertion of a vehicle into a circular orbit at a pre-specified altitude which 
lies in a prescribed plane, soft-landing a vehicle on the surface of the moon 
and orbital rendezvous. 

The guidance computations, needed for solving explicitly the more general 
boundary value problem, involve a determination of the time remaining 
before thrust termination. For fixed thrust rocket problems, the termination 
time is calculated cyclically by an iteration process in such a manner as to 
control the final velocity along one coordinate axis. As a part of the cal- 
culation, the effective exhaust velocity of the rocket engine, based on a 
mathematical model of the engine performance, is needed. 

When the vehicle is propelled by a controllable thrust engine, the magni- 
tude of the thrust acceleration can be commanded to cause burn-out to occur 
at a pre-specified terminal time. In this case, the time-to-go is a trivial 
calculation. Prior to thrust initiation, the thrust termination time is chosen 
according to criteria which depend on the particular guidance problem. For 
orbital rendezvous, the time and desired terminal position and velocity are 
chosen from a knowledge of the target vehicle ephemeris. For a lunar land- 
ing, the terminal time is selected to maximize the initial thrust acceleration. 

The development of an explicit steering equation for a controllable 
thrust engine, which will guide a vehicle to a desired set of terminal condi- 
tions, is based on the solution to the following simple variational problem. 
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LINEARIZED GUIDANCE THEORY 

Techniques of guidance and navigation of a spacecraft in interplanetary 
or cislunar space are often based on the method of linearized perturbations. 
The approach is to linearize the equations of motion by a series expansion 
about a nominal or reference orbit in which only first-order terms are re- 
tained. The resulting equations are far simpler and superposition techniques, 
as well as all of the powerful tools of linear analysis, may be exploited to ob- 
tain solutions to a wide variety of navigation and guidance problems. 

Consider, for example, the guidance problem illustrated in Fig. 3-10. A 
vehicle is launched into orbit at time ¢, and moves under the influence of one 
or more gravity fields to reach a target point at time ¢4. Let ro(tn) and vo(tn) 
be the position and velocity vectors at time /, for a vehicle traveling along a 
reference path connecting the initial and final points. Because of errors, the 
true position and velocity vectors r(t,) and xv(tn) will deviate from the 
associated reference quantities. If the deviations from the reference path are 
always small, so that linearization techniques are applicable, the velocity 
correction 4y,* may be computed as a linear combination of the position 
and velocity deviations. The three-dimensional matrix C,* is the matrix of 
partial derivatives, with respect to the components of r, of the components 
of the velocity vector y* required to reach the target from position r. 

For these calculations to remain valid it is, of course, necessary to restrict 
the magnitude of the deviations from the corresponding nominal values. 
Another disadvantage of the method is that all possible times of velocity 
corrections must be anticipated and associated values of the C* matrix stored 
in the guidance computer. Also to provide an adequate launch window, a 
family of reference trajectories is mandatory and the guidance computer 
storage requirements rapidly become excessive using this approach. 


EXPLICIT TECHNIQUES 

The quantity of stored data required for mid-course guidance maneuvers 
can be markedly reduced if explicit techniques are employed using conic arcs 
suitably modified to account for small non-central force field effects. Both 
fixed and variable-time-of-arrival velocity corrections can be calculated and 
the procedures will be illustrated by two specific examples. 
Fixed-Time-of-Arrival Guidance — Because of initial errors arising from 
a failure to inject the spacecraft in an appropriate trajectory to the moon, a 
velocity correction is frequently required after a few hours of coasting flight. 
During the post-injection phase, an accurate determination of the vehicle’s 
orbit is made using navigation techniques as previously discussed. An inter- 
mediate target point rz is selected as the position on the lunar sphere of in- 
fluence through which the reference vehicle would pass at the reference time. 
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Refer to Fig. 3-11 and let r and v be the position and velocity estimates of 
the vehicle at the time a correction is to be made. Using the trajectory inte- 
gration routine, which is a part of the coast phase navigation program, the 
position of the vehicle is extrapolated to determine the point ry’ at which the 
spacecraft would be found at the target reference time if no corrective action 
were taken. By calculating the conic arc connecting the position vectors r and 
rr. in the same time interval, the conic velocity vector ve1 at r is determined. 
The difference between the conic velocity and the vehicle’s actual velocity 
is a good measure of the effect of lunar and solar perturbations. A second 
conic arc connecting the vehicle position vector r and the desired target point 
rr produces the conic velocity vector ves. If this velocity is corrected for the 
effect of perturbations, the velocity necessary to reach the desired target from 
position r is obtained. ‘Thus, an excellent approximation to the required 
velocity correction is just the difference between the two conic velocities. 
The computation may, of course, be repeated iteratively to achieve any 
desired degree of convergence. However, in practice, one computation cycle 
is usually sufficient. 

Fixed-time-of-arrival guidance may be summarized as follows: 

(a) The conic velocity required at r to arrive at ry’ is calculated from 


ба == вид aa аа 0 (ie — i) + 
45 


$ JEEE = pi (Eq. 3-42) 
= 405—6) ^ — | 


where jg is the gravitational constant of the earth, 7, is a unit vector in the 
direction of r, ¿¿ is a unit vector in the direction of rr’ — r, and s is the semi- 
perimeter of the triangle formed by r and rr’. The quantities x and y are 
determined as the roots of the equations: 


vhe At = σσ] S(x) + | ": i S() (Eq. 3-43) 
ra= al ° 9; | 


4 





sC(y) = (s—c)x C(x) 


where Δ! is the time difference between the reference time of arrival and 
present time. The special transcendental functions $S and C are defined in 
Eq. 3-11. The choice of the upper and lower signs in Eq. 3-42 and Eq. 3-43 
is made according to whether the angle between r and r7' is less than or greater 
than 180 degrees, respectively. 

(b) The conic velocity v«» for attaining rr is computed by repeating step A 
with rp substituted for rz’. 

(c) The estimated velocity correction is then given by 


Av = veo — va (Eq. 3-44) 


Variable-Time-of-Arrival Guidance — When a velocity correction is made 
in the vicinity of the moon the arrival time at perilune may be allowed to 
vary thereby reducing substantially the required velocity correction as well 
as the terminal velocity deviation from its nominal value. Specifically, let the 
desired terminal conditions at the moon be a specified altitude at perilune 
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vector рез — ре in the plane perpendicular to ip and is calculated from 
Av = (ve2—e1) — tv * (Ye2—We1) 1р (Eq. 3-49) 


During transearth flight it is not sufficient to aim for a fixed plane when 
making a velocity correction to the vicinity of the earth. The desired terminal 
conditions are a vacuum perigee distance (which is equivalent to an entry 
angle) and a landing site fixed to the earth. This type of velocity correction, 
called perigee guidance, is an extension of perilune guidance with the plane 
determined so that the spacecraft will be directed to the desired landing site. 

Inherent in perigee guidance is a timing problem which necessitates taking 
into account the correction to be made in estimating the time of arrival at 
perigee. The change in perigee time due to a correction that alters the perigee 
distance from ур 10 rp is given by the empirically determined formula 
kr(ry' —rp), where & has been found experimentally to be 16 x 10-!9? hr/mi?. 
A simple calculation shows that a velocity correction, which is made at the 
lunar sphere of influence (about 200000 miles from the earth) and which 
changes the perigee distance by 500 miles, alters the perigee arrival time by 
nearly ten minutes. 

Let ôtp be the estimated deviation in perigee arrival time in hours, iz, a 
unit vector in the direction of the landing site at the nominal time of arrival, 
and ag the nominal angle from perigee to 7,0. Assuming that the spacecraft 
travels on the average at circular orbital speed during entry, the deviation in 
the angle through which the earth rotates is given by: 

а — ao 


4 — “~. у ο σσ ú 
óA 12 б | 1б (Eq. 3 50) 


where a is the actual angle from perigee to the landing site. When the earth 
rotates through an angle ôA, the landing site changes from 7;, to 7;, according 
to: 


cos 6A — sin 6A ο 
iL = [sin 6A cos дА o | zz, (Eq. 3-51) 
O O I 


The angle a satisfles: 
cos-! (i, * ij) — Ө 


а = (Eq. 3-52) 


21 — cos^! (t, ` 1) — Ө 


where the choice of the first or second equation is made according to whether 
the angle between 7, and 7; is greater or less than 180 degrees, respectively. 
The desired plane is then determined by the initial position ry and the landing 
site vector 7;, calculated from Eq. 3-50, Eq. 3-51 and Eq. 3-52. 

If the spacecraft trajectory was indeed planar, the steps outlined in the 
discussion of perilune guidance would be adequate for calculating the velocity 
correction. Unfortunately, the non-planar characteristics are sufficiently 
pronounced that an additional step is required before the perilune guidance 
technique can be applied. 

In Fig. 3-13 is represented, schematically, an edge-wise view of the 
trajectory problem in which a planar path appears as a straight line. The 
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unmodified perilune guidance method would cause the vehicle to head for 
a landing site at 77" instead of 7;. ‘To counteract this effect, the vector rp’ is 
projected ahead to 7;', the position the spacecraft would achieve on an un- 
corrected trajectory at the time the target landing site is at 77. Then a false 
perigee position r,’’, in the plane determined by y and ?,’, is used in place of 
Тр. 
Perigee guidance may be summarized as follows: 
(a) The estimated change in time of arrival at perigee is calculated from 


dtp = dtp’ + kr(rp—rp’) (Eq. 3-53) 


where 8345' is the deviation in perigee time obtained in the extrapolation of 
r and p to perigee rp’. 

(b) The position of the desired landing site is found by solving the trans- 
cendental Eq. 3-50, Eq. 3-51 and Eq. 3-52 for 7; and a. 

(c) The unit vector tz’ is calculated from 


iL = tr, COS a + irv, Sin a (Eq. 3-54) 


where z;,, and z,, are unit vectors in the directions of the position and velocity 
vectors at fp’. 
(d) The false perigee vector is located using Eq. 3-47 with the substitutions: 


+ UNIT (ir X п/) —> in 
fp — Тр 
Тр = Тр 


(e) The unit vector normal to the desired plane is computed from: 
in = + UNIT (îr X iL) 


(f) The remaining calculations are exactly as outlined in steps (a) through 
(e) for perilune guidance. In the determination of the vector 7, in steps (d) 
and (e) above, the upper or lower sign is selected according to whether the 
angle between 7, and either 7;' or ;;, whichever is relevant, is greater or less 
than 180 degrees, respectively. 


OPTIMUM GUIDANCE POLICIES 

In an effort to compensate for initial errors by means of a mid-course 
velocity correction, new errors will inevitably be made which must again be 
corrected. The problem of determining when and how to perform impulsive 
corrections to a spacecraft orbit can be classified as a multistage decision 
process. Various guidance policies have been proposed and the new mathe- 
matical techniques of dynamic programming and steepest ascent optimiza- 
tion theory have been used with some success in an attempt to formulate an 
optimum policy. Several useful guidance policies are described and com- 
pared by Curkendall and Pfeiffer (11) in a recent paper. 

As with all applications of dynamic programming techniques, the com- 
putational requirements are extensive and rapidly become impractical as the 
dimension of the problem increases. The results obtained by Arcon (12) and 
Orford (13) using this approach have been rather limited and numerical 
examples are restricted to problems of only one or two dimensions rather 
than six. 
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CHAPTER 4-1 


THE APOLLO INERTIAL MEASUREMENT UNIT 


Thermal and Mechanical — The Apollo Inertial Measurement Unit (IMU) 
is a three degree of freedom gimbaled system. The reasons for using this iner- 
tial measurement configuration have been previously stated. The IMU is 
described from the stable member to the case using Fig. 4-1. The inertial 
components are three single-degree-of-freedom Inertial Reference Integrating 
Gyroscopes (IRIG) and three single-degree-of-freedom Pulsed Integrating 
Pendulums (PIP). These components are mounted on the inner member 
which is referred to as the stable member. It is the member which will be 
non-rotating with respect to the fixed stars except by the drift of the gyro- 
scopes. The stable member also contains necessary electronics. Three degrees 
of freedom are obtained by coupling the stable member to a middle gimbal 
by means of an intergimbal assembly to provide one axis of rotation. Likewise 
a degree of freedom is provided between the middle and the outer gimbal 
and the outer gimbal and the case. Mounting pads are used as a means of 
precision alignment of the case onto the navigation base. 

The gyroscopes and accelerometers are temperature controlled. The case 
of the IMU provides a hermetically sealed environment containing air at 
atmospheric pressure with leak rates less than 10~5 cc of He/sec equivalent. 
There is in the case an integral coolant passage for a heat sink. This integral 
coolant passage is formed by placing a pattern on a sheet of aluminum. This 
sheet of aluminum is roll bonded to another sheet except in the area of the 
pattern where no bonding takes place. The piece or case is formed and 
machined to the proper dimensions. The coolant passage is then inflated 
using air to form a coolant passage where the pattern has been placed. This 
provides a means of making a leak-free integral coolant passage over a 
spherical surface. Water and glycol at 7 C from the spacecraft coolant system 
is circulated at a rate of 15 Kg/hour and the pressure drop in the IMU is 
less than 703 Kg/M*?. 

The required operation of the IMU is for ambient pressure of zero for 
14 days and environmental extremes from —18 C to —65'C. It may see 
these ambient structure temperatures depending upon orientation of the 
spacecraft with respect to the sun. The temperature of the gyroscopes and 
accelerometers is controlled by means of a thermostatic control system. Heat 
flow is from the stable member to the case and coolant. Around the stable 
member is a dead air space. The gyroscopes are controlled to 57°C and the 
accelerometers to 54 C. The major source of power is in the gyroscope wheels 
with smaller amounts in electromagnetic components such as torquers. A 
pair of blowers on the outer gimbal provide heat transfer by moving air over 
the middle gimbal and the case. There is insulation over the case that is 
shown in Figure 4-2 primarily because the case will be below the dew point. 
This is particularly true at the launch at Cape Kennedy. 
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Fic. 4-2 IMU heat transfer diagram 
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A mercury thermostat senses the stable member temperature by being 
mounted on the appropriate position of the stable member. A single thermo- 
stat is used to control the temperature of six inertial components. The 
thermostat energizes an end-mount heater on the pendulum, end-mount 
heaters on each end of each gyro and two stable member heaters. The inertial 
components have a vacuum shroud around the cylindrical wall to prevent 
circumferential gradients. All heat flow is thus axial which is done to reduce 
uncertainty torques. The thermostat dead zone 15 0.17°C. A thermostat 
heater is used to prevent long delays and to control the limit cycle amplitudes 
of the inertial components. This heater is the anticipatory heater. Fixed heat 
is applied to the thermostat to set the absolute temperature of the inertial 
components, 

Mounted on the outer gimbal are a pair of blowers, one on each end of a 
diameter, ‘These also are thermostatically controlled, their purpose is to 
increase the dynamic range of the temperature control loop in the presence 
of environmental disturbances. Each inertial component is held to a constant 
temperature - 1" С under all environmental temperature and pressure design 
conditions. The blower control loop is required only under conditions of 
high environmental conditions or high heat dissipation on the stable member. 
About 18 watts are dissipated under normal operating conditions on the 
stable member. ‘The principal portion of this power, about 14 watts, is in 
the gyro wheels. A complete temperature control diagram is shown in Figure 
4-3. The principal problems of design have been the reliable control of six 
inertial instruments with a single thermostat and the design of a precision 
temperature control system both under accelerating and free fall conditions 
with wide variations in the environmental disturbances. 

The temperature difference between IRIGs and PIPs is adjusted by pro- 
perly proportioning the amount of power in each heater. This balance is 
obtained by adjustment of R;. (Refer to Fig. 4-3 and 4-4). As the power 
required to maintain the thermostat in its limit cycle operation is varied, 
because of environmental or power changes, the temperature error of the 
IRIGs and PIPs can change proportional to the power required. This 
proportionality can be adjusted to be either plus or minus, and is adjusted 
to zero. This results in a zero temperature error, or very nearly so, over the 
full power range possible. There is a fixed bias heat applied to the PIPs to 
bring them to their operating temperature under normal conditions. As the 
PIP temperature deviations are subject to gyro power dissipation, this fixed 
heat is from the same power supply as the gyro wheels. 

The performance of the temperature control system may be seen in Fig. 
4-5. The thermostat cycle of operation at 50°, duty cycle is 0.17°C, while at 
the same time the gyroscope limit cycle has been attenuated to 0.36 milli- 
degree C° and that of the accelerometers to 5 millidegree C°. The stable 
member temperature continues to drop as the control power is increased, as 
one would expect. But the inertial component temperature remains constant 
throughout the power range. The blower extends the dynamic range of 
operation, is used infrequently and is limit cycled by a thermostat. ‘There is 
a separate sensor to detect temperature out of limits to caution the astronaut 
should this occur. In addition, high limit mechanical thermostats are used 
in every heater power line to prevent an overheated condition. These are 
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THE APOLLO INERTIAL MEASUREMENT UNIT 


is the greatest. This ratio, called transmissibility, is non-linear in that the 
ratio decreases with increasing input amplitudes. The elements must be 
structurally sound enough to withstand the flight environment. Shown in 
Fig. 4-6 and 4-7 is the transmissiblity of the IMU. The expected flight 
environment is less 0.044 g?/cps. Each IMU is given a workmanship vibration 
test from 20 to 20000 cps of at least rg rms input along each axis. The 
resonant peaks may be reduced by adding vibration dampers along each axis 
which provide a Coulomb friction force for motion along the axis but which 
do not change the friction torque about the axis. 

Gyroscopes and Stabilization — The gyroscopes used are single-degree- 
of-freedom integrating gyroscopes of a type previously described (1). The 


6 
angular momentum is —- gm cm°š°/sec developed by a wheel supported by a 


pair of preloaded ball bearings with a 13 n preload. This wheel has a hys- 
teresis ring on it with a motor stator surrounding it on the inside of a spherical 
float. The float is a beryllium member again designed to yield the highest 
ratio of wheel to float weight. Flexible power leads carry power from the 
cast to the float. These power leads create less than 1/2 dyne cm of torque 
on the float. The fluid used for buoyant support is a brominated fluorocarbon 
with a density of 2.385 gms/cc at 58"C. The fluid is fractionally distilled to 
yield polymers of approximately the same length and nearly the same 
viscosity. This prevents fluid stratification under operating and storage condi- 
tions. The damping about the output axis is 4.6.105 dyne cm/radian/sec. 
In addition to the fluid support there is an electromagnetic suspension 
system to provide both axial and radial suspension of the float with respect 
to the case. Such suspension systems have been previously described (2). 

The axis definition for the instrument has previously been described. 
Shown in Fig. 4-9 is the signal generator which develops a voltage modu- 
lated by the angle of the float with respect to the case Ae- z. This is the rotation 
of the stable member about the gyro non-rotating input axis. There is with 
each gyroscope a set of prealignment hardware. This provides integrally 
with each pre-aligned instrument the following items: 

(a) Suspension Capacitors for Microsyn Suspension 

(b) Temperature Sensor Normalization 

(c) End Mount Heater Pre-aligned to Gyro IA 

(d) Torque Generator Normalization 

(e) Signal Generator Preamplifier with normalized gain 
The gyro is prealigned on a test stand with the input axis aligned about the 
output axis relative to a slot in the mounting ring. The alignment is carried 
over to the stable member where a pin is precisely located to pick up the slot. 
The use of prealigned components has made assembly techniques simpler 
and has brought about excellent correlation between component and system 
performance of the gyroscope. Deviations in performance between component 
and system are less than 10 meru (milliearth rate ипи). 1 теги = 0.015 
degrees per hour. 

Each gimbal axis contains a d.c. torque motor used to null the deviations 
of the gyro input axis with respect to the case. These direct drive motors have 
been designed with sensitivities of 1.65 nm/amp. The gyro error signals are 
fed to the gimbal servo amplifier which with its proper dynamic compensa- 
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tion are used to stabilize the inner member. ‘The performance of the gimbal 
servos is best described by their ability to attenuate angular deviations of 
the stable member in the presence of torque disturbances. Shown in Fig. 
4-10 is the performance of each axis of the IMU gimbal servo. Among the 
design problems are the mode switching from coarse align (resolver control) 
to fine align (gyro control), synchronization from turn-on or switch over 
conditions, performance under power supply changes, gain changes from 
geometrical variations and torque disturbances. 

Gyro torquing is required for precision alignment of the stable member at 
prelaunch and for in-flight alignment. The fine alignment procedure and 
mechanization has previously been described. The gyroscope has a torque 
generator used in a digital torque command loop. This loop accepts com- 
mands from the computer by a pulse train with equal pulse width spacing. 
The torque commanded is a constant magnitude and modulated only by 
the time interval. The computer could thus command one equivalent pulse 
incremental angle (27/2?! radians/pulse). One precision current switch is 
used for all three gyroscopes and the commands are multiplexed in one 
selector network. The torque level control will be described later. (See 
Chapter 4-2.) The torque generator is normalized in gain to command a 
fixed angular velocity for a fixed current. This digital angle command from 
the computer to the IMU permits the stable member to be oriented within 
the uncertainty of the angle read system (48 — 40 arc sec). It, furthermore, 
has the advantage of no current applied to the gyro during periods other 
than alignment. The gyroscopes are oriented on the stable member with 
Y and Z gyro output axis along Xgm. This axis is usually aligned along the 
thrust axis. This inertial component orientation reduces the acceleration 
sensitive torques in the gyros. The Y, axis is usually aligned such that it is 
normal to the plane of maneuver. For this reason the X gyro SRA is along 
Ysm as can be seen in Fig. 4-11. For the same reason the Z SRA axis is 
along Ysm. 

The largest error contributors per unit of error following any maneuver 
are the premaneuver errors. That is to say that the effects of gyro drift during 
thrusting create less error uncertainty in position and velocity at the end of 
thrust period than those misalignments due to drift between alignment and 
start of thrust. The error in free fall from the time of alignment to the start 
of any acceleration maneuver is time dependent upon the gyro non-accelera- 
tion sensitive drift (bias drift). As an example the ratio of error created by 
1 meru of drift for 15 minutes prior to the start of translunar injection to that 
error created by the same drift during thrusting is approximately 400:1. 
Tables of error coefficients for two thrusting maneuvers are shown in Fig. 
4-12 and Fig. 4-13. This same fact is readily apparent. Every effort has been 
made to reduce gyro bias drift uncertainty and magnitude. 

The torque generator has been designed to be d.c. torqued with low resi- 
dual magnetism uncertainty torques. It is a twelve pole stator with an eight 
pole rotor creating 4 500 dyne cm of torque with a current excitation of 
o.r amps. The beryllium separator prevents the use of the microsyn excitation 
as a reset coil or degausser for the rotor. Dipole storage in the rotor and 
stator would create residual torque in the gyro and this torque magnitude 
and sign would be a function of its past history. It would be possible to return 
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SPACE NAVIGATION 


the state of the magnetic material to its original condition in most cases bv 
appropriate commands from the computer. However, the use of a reset coil 
with a.c. excitation from the microsyn excitation voltage supply serves to 
keep the state of the magnetic material constant following any pulse torque 
commands from the computer. 

There is a winding around each set of three poles which acts as a reset 
winding for both rotor and stator. Further use of this reset winding may be 
made if one recognizes that if the flux through one stator pole were un- 
balanced there would be a torque created on the float. ‘The bias compensation 
winding on pole nine is used to create a torque equal and opposite to all the 
non-gravity sensitive torques and thus reduce the bias drift to zero. The 
torques creating bias drift come from two sources, flex leads and microsyns. 
The microsyn torques are proportional to the microsyn excitation voltage 
squared. ‘The bias compensation winding torque changes due to excitation 
voltage changes are exactly equal and of negative polarity relative to the 
microsyn torque changes from the same source. Only the flex lead torque 
magnitude may be compensated by the bias winding. 

‘The microsyn excitation for both gyros and accelerometers is from a single 
source located in the power and servo assembly, PSA. The voltage level on 
the IMU stable member is stable to within 1°, of the value required (2 volts 
for the PIPs and 4 volts for the IRIGs) under the design disturbance condi- 
tions. The magnitude and phase of the voltage on the stable member is 
controlled. All a.c. power supplies are synchronized to the guidance computer 
clock. D.C. to d.c. converter or d.c. supplies using multivibrators as a.c. 
sources for rectification are also synchronized to the computer. 

‘The method of synchronization is to use a multivibrator which will free 
run at a lower frequency without the computer pulses. This will assure 
operation of the IMU power supplier in the event of a computer failure. With 
the computer pulses these supplies will be synchronized. In addition, the 
microsyn excitation supply voltage is phase locked to the computer. The 
voltage stability and phase stability is required at the inertial component. 
For power transmission there is a step down transformer on the stable 
member. This reduces the slip ring current and the voltage drop effects due 
to slip ring, cable and connector resistance. The stable member voltage is 
sensed at the primary transformer side and compared to a voltage and phase 
reference. Phase is controlled to within + 4° of the computer reference. On 
the stable member each PIP has the same length of wire from the trans- 
former to the PIP input terminals on the instrument. 
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CHAPTER 4-2 


THE PULSED INTEGRATING PENDULOUS 
ACCELEROMETER (PIPA) 


Basic Operation — The PIPA block diagram is shown in Fig. 4-16. The 
inertial sensor is a single-degree-of-freedom pendulum with a pendulosity of 
i gm cm. The pendulum is mounted on the stable member and is non- 
rotating with respect to inertial space. The signal generator is a variable 
reluctance device termed a signal generator microsyn. It is excited from a 
sinusoidal source which is synchronized and phase locked to the guidance 
computer. The signal generator output is voltage modulated by the angle 
of the pendulum float with respect to case (4,— 7) and the float angular velocity 
(А.у). The voltage may be considered to contain only float angle information. 
This signal, amplified, is used in an interrogator. The interrogator is a peak 
detecting device used to determine sign and magnitude of the float angle 
at discrete times. These discrete times are the computer clock times (47 ) 
synchronized with sinusoidal excitation. Only float angle sign is determined 
and the operation is binary. The interrogator output is a command to 
torque the float angle to null. ‘The current switch directs a constant current 
source into either the odd poles or even poles of an eight pole torque microsyn. 
The torque generator creates a torque either positive or negative propor- 
tional to the square of the current in the windings. Current is controlled 
constant by comparison of a precision voltage reference with the voltage drop 
across a precision resistor in the current loop. 

Dynamic Operation – ‘The basic loop equation is neglecting uncertainty 
torques about the output axis and making the small angle assumption: 
Соз Ау = 1, sin 445—1 = Асу. 


J Al-s — С Дэ : M tg = ml AIA (Eq. 4—1) 


Where: 
7 = Float inertia 
C = Damping about the output axis 
4.-; — Float angle with respect to the case (c—f ) 
A;-¢ = Float angle with respect to inertial space 
Mtg = Torque generator torque 
ara = Acceleration along the input axis 
t 
Via = | aradt 
о 
Integrating yields: 
t t 
7 А-у + C Ac-; 4- Initial conditions = | Mig dt + ml | ara di 


о о 
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Considering the float storage and initial conditions for the accelerometer 
as an error (velocity stored, Vs): 


t 
V, = | Meg dt +- ml Via 


о 


t 
ml Via — Ve = — | Meg dt (Eq. 4-2) 


о 


Since Mi, is controlled to be constant and permitted to change sign only 
at discrete times (47 ) the integral may be replaced by summation: 


n+p 


ml Via — Vs = — = Mig AT = AT Meg (n—f) (Eq. 4-3) 


where n = number of negative torque commands 
p — number of positive torque commands 


Neglecting for the moment Is: 


> M 
Via = -T AT (n—p) (Eq. 4-4) 


The accelerometer scale factor (SF) is then Me тА 
integrated acceleration or velocity increment per pulse is the scale factor. 
The net velocity is the net number of minus and plus torque commands, 
(n— p) sign considered, times the scale factor. 

The torque is constantly applied and only switched in direction. The 
system then behaves as a relay system with a delay due to sampling but no 
hysteresis. The system limit cycles and the limit cycle behavior is of impor- 
tance near zero input acceleration as the stored velocity is a function of the 
magnitude of the limit cycle. The dynamic behaviour may be described by 
collecting together all linear elements (the pendulum, amplifiers, signal 
generators, etc) as G (s) and the switching of torque as a relay either at +1 
or —1 together with the sampler as NV (5). (See Fig. 4-19.) 

O G(s) N(s) 
I 1+ G(s) N (s) 
This loop will oscillate when: 


1+ G(s) N(s) =O 


per pulse and the 


or: 
G (s 
y L) 9 = "ες 
7 (9) N (5) 

Consider for an example only the dynamics of the inertial component as 


the linear plant: 
K | 
С (5) = — — (Eq. 4-5) 
σας) 


The non-linear element, the switch, may be treated using the describing 


209 





PENDULOUS 
MASS SIGNAL 
GENERATOR 








TORQUE 
GENERATOR FLQAT 


OUTPUT AXIS 
__- =" ОА 


у : “aa INPUT AXIS 
— | PENDULOUS ΙΑ 


- 4 
А REFERENCE 
№ Асі V Axis 
PIVOT TO 
CENTER OF 
MASS LINE 


Fic. 4-18 Pulsed integrating pendulum schematic 


SAMPLER 







G(s) 
LINEAR 
PLANT 


GAIN 





ο -90 -180 
PHASE 


Fic. 4-19 Relay control system 


210 


THE PULSED INTEGRATING PENDULOUS ACCELEROMETER (PIPA) 


function technique (3). The gain-phase plot of these two functions G (s) and 


Wis is shown in Fig. 4-20. The intersection of G (s) and Xi would 
indicate that oscillations would exist at infinite frequency of zero amplitude. 
This however neglects the phase delay due to sampling. While the phase 
delay due to sampling may be introduced on the gain phase plot it is equally 
valid to introduce it on the phase plot alone. The limit cycle oscillation is 
constrained by the interrogator to have a period of integral multiples of the 
clock time, AT. The stored velocity, И», is proportional to the magnitude of 
the limit cycle and it is therefore, desirable to have it small. The phase delay 


due to the sampler is - where n is the number of 47"s per cycle in the 
limit cycle. The addition of the phase delay to G (s) shows intersections with 
Wi) and thus satisfies the conditions for G (s) = Woy The moding or 
limit cycle may be described as 1:1 where there is one sampling pulse per 
half cycle. A n:n mode is where there are n sampling pulses per half cycle. 


The phase delays are shown as lines of phase shift at frequency w — 


The illustrated graph shows as possible limit cycles either the 1:1 or 2:2 
mode, and it is impossible to have a 3:3 or higher mode limit cycle operation. 

It is possible here to decrease the moding by decreasing the ratio of 7/C. 
For a physical instrument the value of 7 is fairly firmly established and not 
much alteration is possible. However, a fairly wide viscosity range of damping 
fluid is possible. ‘This would seem to indicate that increasing the damping 
would reduce the limit cycle to its lowest mode. Such is usually the case; 
however, one must now consider the signal-to-noise ratio of the instrument. 
As the damping increases the float motion decreases. It becomes then a ques- 
tion of the smallest detectable float angle. That is to say what is the minimum 
angle from null at which you can positively identify the float as positive or 
negative. 

From previously, Vs = 74..; -- СА; у + initial conditions. Assuming 
initial conditions are zero and near null the minimum angle of detection is 
А.у == Am. At this point the damping torque is much greater than the 
inertia reaction torque therefore: 


— — Ми (Eq. 4-6) 
C 
V, == 2 М + Ç Am (Eq. 4–7) 
The damping for minimum stored velocity is: 
M . ' 
nu, PER (Eq. 4-8) 


; AL 


This relationship is heuristically correct in that a smaller detectable angle 
(higher signal-to-noise ratio) will permit increased damping, while decreasing 
J will reduce the float time constant. Increasing torque, Mtg will, in the same 
time interval, increase float angle equivalent to reducing Am. 
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THE PULSED INTEGRATING PENDULOUS ACCELEROMETER (PIPA) 


PIP — ‘The physical inertial component, the pendulum (PIP), is a single- 
degree-of-freedom pendulum. The pendulum is floated both to reduce fric- 
tion uncertainty and to provide damping about all three axes. The output 
axis damping is to provide good dynamic behavior while the damping about 
the other axes is to provide geometrical stabilization of the float with respect 
to the case. This is necessary to assure stability of performance. There is an 
electromagnetic suspension system called ducosyn to provide both axial and 
radial centering forces to additionally stabilize the float with respect to the 
case. The float is a hollow cylindrical beryllium piece with ferrite rotors 
cemented on each end. There is a pivot shaft used for axial and radial stops 
of the suspension system. The pendulosity, ] gm cm, is adjusted by a pin and 
screw which also serve as the output axis stop limiting rotation of 4. ; to 
less than +1°. On a diameter perpendicular to the pendulous axis are two 
screws used to achieve flotation. 

Surrounding the float is the damping block. The damping fluid and the 
clearances between the float and the case set the damping to about 120 000 
dyne cm/radian/second. Located in the damping block are four bellows for 
volume compensation. On each end is the end housing which has the electro- 
magnetic syspension system on the inner rotor and the signal generator or 
torque generator on the outer rotor. The rotor itself is a one piece device. 
The torque generator is an eight pole device with windings on the even poles 
for negative torque and on the odd poles for positive torque. The torque is 
proportional by the sensitivity of the torque generator, Sig, and to the square 
of the current. The damping fluid is the only mechanical connection between 
the float and the case. This has made a pendulum with a friction uncertainty 
level of less than 0.02 dyne centimeters when only the suspensions and signal 
generator are excited. The float inertia about the pivot as output axis is 
approximately 14 gm/cm?. The float time constant, 7/C, is about 100 micro- 
seconds. The pendulum time constant for the float with the input reference 
axis and output axis perpendicular to gravity is eight minutes. 

The signal generator is an eight pole device with limitations identical to 
those of the torque generator. It uses a primary excitation and a differential 
center tapped secondary. The signal generator is resistive and capacitive 
tuned for a second order system damping ratio of nearly unity and natural 
frequency slightly greater than the carrier frequency. This prevents excessive 
phase delays of the signal generator from affecting the moding and yet 
reduces high frequency noise generated and picked up in the signal 
generator. 

The effects of an elastic restraint, A, may be seen by considering the basic 
equation: 


ЗА + СА; + КАсу = Миа + ml ara (Eq. 4-9) 
A = elastic restraint coefficient 


for the average values of the angle A,_. This eliminates the limit cycle when 
considering small inputs: 


k F + Ç ү e Κάι. / = ml ara (Eq. 4-10) 


Considering the inertia reaction torque small with respect to the damping 
torque and elastic restraint torque: 
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QA + 4 K Ac_¢ = ml ara 
йыз = — ud C (Eq. 4-11) 





This is to say a finite positive A reduces the average angle through which 
the float will rotate. Any elastic restraint will alter the time at which an 
output, 4V, will be indicated. A positive A will increase the apparent inte- 
gration time and a negative A will decrease the apparent integration time. 
The limiting positive A’ case shows an interesting concept. Consider that 
there is corresponding to a 4V an equivalent average float angle 4A. 


AA = A4T — “Z Δι (Ед. 4—12) 


For a steady state case as (——» oo: 


Аг; = АА as a necessary condition for integrating an input 








acceleration 
ml ara Mig 
K C AT 
Or: 
„ _ Паша œ Cara 
Ат ДУ (Eq. 4-13) 


This shows the minimum detectable input acceleration under conditions of 
a finite elastic restraint. Furthermore, this shows that increasing C reduces 
the effect of elastic restraint. We again return to the criteria of the minimum 
detectable angle Am. — the optimum damping: 


(IA ml ο TP Z i= 
AT An T 


Refer to Fig. 4-22. The torque generator flats to create a pseudo-salient pole 
are not just a single planar surface. There are multiple planar surfaces near 
the cylindrical rotor portion designed to reduce the elastic restraint to a 
negligibly small value. The accelerometer itself is the best means of measuring 
the elastic restraint coefficient. The minimum detectable acceleration is 
below 0.05 cm/sec?. 

Scale Factor and Bias — The constant current loop with the reference and 
switching is shown in Fig. 4-23. A d.c. differential amplifier compares the 
voltage drop across a scale factor resistor with that of a precision voltage 
reference. The torque generator of the PIP is a V connected microsyn torque 
generator. Torque is developed proportional to the difference of the squares 
of the current in odd poles and even poles. Switching of current is controlled 
by appropriate drive voltages to the basis of the switch transistors for M 
or M;. The network of resistances and capacitance associated with each 
torque are chosen to make the impedance of the switched network resistive. 





K 


IIA 


(Eq. 4-14) 


That is to say > = R,C,. This, for the amplifier, has the output impedance 
1 


always resistive. As will be shown later, it is desirable to have the voltage 
across the compensated windings as high as possible to reduce the current 
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THE PULSED INTEGRATING PENDULOUS ACCELEROMETER (PIPA) 


SF — Stg 2? AT 
ml 
чак OOP κι SF ,. óS F 855 а т! 
dSF — FC dS, P E di — SAT = a (Eq. 4-16) 


ΔΣΕ d$ | adi, dAT dml 
SF Διὶ 1 AT ml 


This is the fundamental relation describing stability of the scale factor. 
Mechanization is required to minimize these changes. ‘The pendulosity is very 


' : ες 
stable. ‘The current control has been previously described to minimize T 


A single computer pulse train is used for switching the torque. As a precaution 
against any modulation of the switching pulse amplitude and the resulting 
timing changes a second pulse train, the interrogration pulse, preceding the 
switching pulse, is used to set the state of the gates to allow switching with 
the switch pulse. This eliminates any apparent elastic restraint effects which 
might result from summing the float angle information with the switching 
pulse. 

The primary scale factor stability parameter is the torque generator sensi- 
tivity. The torque generator sensitivity is proportional to the permeability 
and inversely proportional to the gap. The gap is controlled by the magnetic 
suspension system with radial force restraints of 11.6 n/mm and about 1/20 
this stiffness for the axial restraint. 

The stabilization of the permeability requires a number of things. First a 
review of the torque generator will show that at the stator locations between 
poles there are alternate locations of d.c. and a.c. flux. These d.c. flux 
regions are locations where memory can be maintained. This memory may 
be erased by the reset coil which has an a.c. flux in the back iron of the stator. 
The rotor memory is erased by the suspension system through the one piece 
rotor. 

The quality of any accelerometer is determined by its performance 
stability. The bias, a», of the accelerometer (output with no input) and its 
stability has another relationship. The torque generator is compensated to 
be resistive. Upon switching, the current in one winding decays exponentially 
while it rises exponentially in the other winding. The torque is proportional 
to the difference of the square of the current. 


Mig — Sto n — 12) 


If Mi, is integrated over one limit cycle period and averaged the bias due to 
the torque generator is obtained. 


2n AT 


Mavg Sig (11 — E) dl == ml db 


I 
с оп ДТ 

о 
Thus bias acceleration, a», is proportional to difference to the current rise 
time. 
| 4AV T2 — i (Eq. 4-17) 
= AT 2n AT 


ab 
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SPACE NAVIGATION 


It is important to have these two times identical or the bias would be a 
function of the period 2n 47. The accelerometer itself is the best instrument 
to use to adjust these two rise times to be identical. By introducing a phase 
delay (decreasing the damping for example) the moding may be altered. 
Then the change in bias is proportional to the current time constant dif- 
ferences. 

The other parameter of primary significance in an accelerometer is the 
alignment and stability of the input axis. The mounting flange can be seen 
on the view of the pendulum. On that flange is a slot. The surface of the 
flange and the slot then form the reference alignment directions. The stable 
member contains the mounting surface and pin with the proper tolerances. 
The input axis is aligned about the output axis by rotating the PIP with 
respect to the slot. The mounting flange contains two rings which have 
mating spherical surfaces. Alignment of the input axis about the pendulous 
reference axis is obtained by sliding between these surfaces. The two rotations 
are uncoupled for small rotations. ‘The pendulum is thus prealigned prior to 
its assembly into the IMU. Like the gyro it also contains a module of the 
necessary suspension capacitors and other normalizing components. For 
alignment reasons this module fastens into the stable member and not the 
pendulum. 
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CHAPTER 4-3 


THE COUPLING DATA UNIT (CDU) 


The Coupling Data Unit provides the central angle junction box between 
the IMU, Optics, Computer and certain portions of the spacecraft analog 
electrical interfaces. There are three basic portions of the CDU. They are 
the angle read system or analog to digital conversion process, the digital to 
analog conversion process, and a portion of the moding controls for the 
guidance system The analog to digital system will be covered in some detail 
and other portions only mentioned. 

Analog to Digital Conversion - Angle information is stored in a two speed 
resolver system of a control member, for example a gimbal axis or an optical 
axis see Fig. 4-25. The output of the resolver is proportional to sin 6, cos 6, 
sin 26, cos 56, where s is a binary number. It is a common technique to have 
both the single speed and multiple speed resolver use the same iron and 
utilize a single excitation winding. The second excitation winding space, 
phased go” with respect to the primary excitation, is used for electrical zero 
adjustment. The elements of the angle read system are an analog multipli- 
cation of the resolver output, an analog summation, a sampler and quantizer, 
a storage counter to control the analog multiplication and a.c. switches con- 
trolled by the counter to gate inputs to the analog multipliers. 


The equation mechanized is: 


sin Ü cos V — cos 0 sin y — sin (0— V) (Eq. 4-18) 
cos 0 соѕ у + sin 0 sin Y% = cos (0— y) (Eq. 4-19) 
Where y is a quantized angle in increments of 11] electrical degrees, 
and 


0 is the angle of the control member 


As shown in Fig. 4-26 this output is summed with a quantized linear inter- 
polation of difference between sin (0—4) апа 8. The selection of the quantized 
angle ys and the quantized linear interpolation angle ¢, is based upon the 
contents of an angle counter register. The angle counter inputs are gated by 
the phase of the summed voltages. Thus when the contents of the counter are 
equal to the control member angle: 


sin (0—4) + K cos (0—4) = о (Eq. 4-20) 


The inputs to the counter are angle increments of the control member and 
these are parallel fed to the computer where the same control member angle 
information is stored. 

Analog multiplication of the resolver sin @ and cos @ voltage is accom- 
plished by the use of an a.c. operational amplifier with the ratio of the feed- 
back resistor to the input resistor equal to the cosine of the angle Vi. S is an 
a.c. transistorized switch gated closed or open by contents of the angle 
counter resistor. The switch is in series with the feedback resistor to take 
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THE COUPLING DATA UNIT (CDU) 


advantage of the high impedance open condition and low impedance closed 
condition which makes the impedance equivalent to a portion of the amplifier 
gain, K. Since the switch is eflectively a single pole double throw switch the 
output of the open side diflers from zero only by the input signal divided by 
the amplifier gain. Using the technique of transistorized a.c. switches and 
operational amplifiers the read system is mechanized. The read counter con- 
tains 16 bits. ‘The lowest order bit is used to eliminate transmitting any limit 
cycle operation to the computer and thus creating unnecessary activity. The 
four highest order bits are used for quadrant selection and multiplication of 
the single speed resolver (y1). In addition, the bits 2% — 2!2 are used as an 
approximate linear interpolation of the single speed resolver to within 2.81 
of the actual angle. The multiple speed resolver (sixteen speed) is the pre- 
cision angle transmitting device. ‘The zero-to-peak errors of this resolver are 
less than 20 seconds of arc. There is crossover between the sixteen speed and 
the single speed resolvers to assure synchronization of the reading of the 
sixteen speed resolver within the proper cycle. The lowest order bits are a 
linear interpolation of error using the voltage of the cos (0 —) as a source. 
This voltage has the same phase relation as the sin (@—y) of the sixteen 
speed resolver and is scaled correctly by the resolver attenuation. 

Referring to Fig. 4-27 the input to the error detector is the sum of the 
single speed multiplication, the sixteen speed multiplication and the linear 
interpolation. There is a coarse-fine mixing network to assure synchroniza- 
tion and angle measurement using the precision resolver. The error detector 
contains an active feedback quadrature rejector network which for large error 
signals will not introduce dynamic errors for reading the angle, but for small 
errors will yield the proper precision. The output of the error detector is fed 
to both the rate selection logic and up-down counter logic. The contents of 
the counter are used to control the a.c. switches for the multiplication of the 
resolver voltages and the linear interpolator. 

The error detector has three-state or ternary logic. The lowest order pulse 
rate command to the counter is 800 pulses per second. Using this as the lowest 
order assures switching of equal multiples of the resolver carrier frequency of 
боо cps. This prevents rectification of the switched signal and altering of the 
dynamic operation of the read system. 

The high speed rate following command reduces dynamic error for high 
angular velocity inputs and the low speed command rate reduces the limit 
cycle error. 

The linear interpolation constant A is adjusted to minimize the peak error: 


E = sin (0—4) — K cos (0—) (Eq. 4-21) 


By suitably choosing A the error for the speed resolver system can be reduced 
to less than 10 sec arc. For a 64 speed system as used on the optics trunnion 
this error is reduced to less than 3 sec arc. 

In addition, a bias is added to further reduce the errors over the entire 
range of linear interpolation. This results in a system whose errors are within 
the predicted errors. 

AII digital functions including the memory are mechanized with the three 
input NOR gate, a silicon semiconductor micro-integrated circuit. This is the 
same element used in the computer. Direct coupled transistorized logic 15 


225 


85 |GIMBAL ANGLE) 
‘ 










— | 
Ў. SELECTION CTION 
V, SELECTION LOGIC | | 

| | 








COUNTER 66 GIMBAL ANGLE 








— —--- CONTROL 800pps ш 64ООрр» 


Fic. 4-28 Coarse-fine mixing (1 and 16 speed resolver) 


226 


А 
800cps 
SIGNAL 


TO ` 


LINEAR 
FUNCTION 
MULTIPLIER 
CONTROL 


A-DIGITAL WORD: SPACECRAFT 


COMMAND DIGITAL 
COUNTER 
A 










800cps 
EXITATIO 









* 
Ι 

I 

STEERING | 

OR 

OTHER l 

APOLLO ОМТЕ. | 
I 

| 

' 

I 

| 

I 

I 

| 


GUIDANCE 


COMPUTER COMMANDED 
HEADING FROM 
STEERING 
PROGRAM 





. COMPUTER CDU 


——— —— 1 WV v 3 1:1 4 | SS «€ 4 vw 
BOOcps 
EXITATION Oj PuLsES 
COS 6, 
FUNCTION 
MULTI PLIER — SIN B, COS 6, 


COS 6, SIN6, имачр"а 


FUNCTION = ERROR 
MULTIPLIER š DETECTOR 













| " 
| LINEAR 
FUNCTION 
; 800| MULTI PLIER 
8 | cps 
É . EXITATION 8 
LARGE ANGLE | : 5 
PORTION OF : [= SMALL ANGLE 
B. | i PORTION OF 8; 


—— —— — 


INDICATED GIMBAL ANGLE 
DIGITAL COUNTER 
0. s 8; + 0, 


Fic. 4-29 Electronic coupling data unit, schematic 


227 


` SNB ATIVE STEERING SHQNALS 
—— — 


— δῶν 195 εκ 


Ας SIGNAL TO FDAL OPERATE ic OMPUTER 
| 
| 






ets * A& (160 sec) | (3200 PPS) 


моо Е ERROR COUNTER 
LOG C c=... 


| νας 






c лоок COARSE ALIGN 
LOGIC ENABLE 


Σ.Ε. ^c 


ANALOG часа 5 6 E D να 
(6, - On) 


е.м Ө ок с 
-- ον = — 
cos 
—— = ом оа 36 St Zz Kors 
IMU taz" * IP, —— 
DRIVE LOGIC CLOCK PHASES 
tor Timings 


$ 
“se REAO countER (OR) ФА (eases) 
"CIN- taz" — (6400 
* — — Р» 
D ans E omen a CU SIGNALS MAX) 
z 
9-22, 
r on zezo (z ` MODE COU- ZERO 
---------- LOGIC 
SYNC 


Fic. 4-30 IMU-CDU moding 


9PTICS MUDING AND CONTROL 


м! 
DIRECT 6 
сере сос 


€ "η RESOLVED < e 
"AND * ¿ ° 
— — " — TRACKER ON 


CONTROL 
D Lc etd 
— PP Sa 


DISENGAGE DAC 









o 
N*5LVE $!N WDG —— 
MANUAL SIGNALS (DIRECTOR 


RPEso.ve 5 
MOTOR 
— MOTOR 
SHAFT DRIVE AMP D/A LADDER 


AC ERROR SIGNAL 





SHAFT- \60 Sec 







I 
DEMOD ~ 
| . TRUNNION 40 ες 
TO C594 SPS ENGINE REF 
| GIMBAL (SEE FIG ο те ERROR COUNTER Sa TAG LINE OF SIGHT (3200 pps) 
њи QA [η 
она о ENABLE (NOUMALLY ra MODE | ERROR COUNTER 
IMU B00cps —o | CLEARED É INHISITED) — ENABLE 





d 
az y ~ THRUST VECTOR 


SiN 
1 м 065 en SiN ECOS (%нАкт) гву ж CONT. ENABLE 
— — 
| 
Wo RATE SELECT ance CLOCK 
| Ετος ο В [e oo ppa [PREC SEOS pa 


| I 
, 
/ x €%x Sin € COS (TRUNN tt 
Меј ои о OCK Phrases 
FOR TIMING 
SHAFT. 40 Set 
READ COUNTER R TRUNNION * IO sec 
cepe mp 2's е9 -Δθε 25ιόναι5 LINE OF SIGHT 


| MODE LOGIC 2) Гессе оос] солино. ZERO 
Ln Гессе acc] cou-zero 





FıG. 4-31 Optics - CDU moding (CSM only) 


228 


652 


'191unoo o[Su* 10442 291 01 os[nd xoeqpooj se posn әле шэәјѕАѕ peo оца 
uro4] sjuaura42utr os[nd o[Sue [equis ou p, 'uoneaodo o[qvis opr^o4d Οἱ лоупа 
-шо2 оф) шолј риешшо војеџе оду цим рошштв 51 лојзојор 10119 JY} 0) 
ипдит 29], 'зодо2волаАВ əy) 0) упдит Апоојол лејпдиг упшу ој ројјолио 2314 St 
вдолјовол JY) Áq so[Sue [equi ΩΙΝΤ ο Surpueururoo jo је pon изуу 
әѕлеог) әчү, "по эЧ) Jo Ayr[iqixəj əu jo 3sne2aq o[qissod sopour Sunso12jut 
Jo 1oquinu Ὁ 910 JYJ, '349Mos[» poquosop oq jr Surpour sm p, ‘16-b ‘S14 
UL UMOYS в: рив [ojuoo [enueuir олош sey Surpour sondo ‘руҳ 241 лој 05–Р 
"Br шол) 1905 91 109 50 15jnduioo oq Áq po[[o.nuoo sr Surpour 19110 үү 

'92u349]24 opninj* ue se Гүр Py) asn 
urede pue *ir oseo[o1 *jje1222eds ou 01 1223dso4 qnit NWI PY 29892 ој цоим5 
эше ay} asn uvo ay дипелодо оц Mdu JY) YIM Jey) ΠῚ гетип 51 орош 
[епиеш лоујо əu I, PWN злоц5 Алол ? ut 32u349J31 мәи е 801010140 ЈО ѕЅиРӘШ 
p uru ολ uou) st T, јело ода pozi[rqeis isay sey oy ләре jje1222veds ou 
01 122ds24 tt^ s[equiais. (1 [AT 21 9892 0] jneuodse Jy) 10} 3peur sr uorsrao4d 
*opninj? Jo sso[ pue o[quun 3je1222eds v jo јизло 2t up "uonounj 9359 JY) SI 
pow JUH зпеползе 291 Ад ројјолуиоз 2д 01 зорош ома лој зреш 51 повтлола 
Ιο1ππιο9 оца Ад ројолиоз Ајолпиз ззоште 51 шојва5 оца јо 8шрош 29], 

'Jojyepnpourop poje[osr uv ло влошлојвивл Áq лоцуио шојвав оопершта 
291 шолј ротејовг '2"р оле ојотцол урипеј ојјоду 291 јо зиоплод лоцло 10 ујело 
-ooeds *IN^]'] 2u1 01 spueururoo Burs зе розп зодеујол Војеше [ту ‘зәррә 
911 01 упади 542 008 aseyd 4 10 aseyd o од pueururoo 0} posn st Surqojr«s 
Aq [е5лолол Аплејод 'лоцуцаште |епопелодо ив Jo упдит ay) 01 лорртеј зопе)з15ол 
5 [ΠΟΠ] 5]19}109 Ι9}1Ππ09 91} 4} Ρ9183 золпов 545 008 ит Ад родојолор әле 
S[BUBIS 10119 So[eue ot T, 'sjuouro19ut αὖ пецу олош ој рорпиешшо st 1t 1uəAə 
31] ut O19Z 01 1әзәл 8шәч шолу 1ї уполола ој ројјолиоз Ајеотвој 51 лојипоз 
ƏL UNOD sty ur pa40js 31e spueuruioo лопашогј *1233unoo uMop-dn 11q 
Iq8r19 uv sr 19junoo o[Suv лолло 291, 'зрчешшоз 25991 01 јепоплодола (:3:p 
pue 0:2) sodvi[o^ So[eue ојелопоа рик лопташоз зоперта оу шолу spueur 
-шоә үеїїйїр 1dooov oj poumboa sr uiojsÁs 1291124u00 So[eue 0) [Virstp ou T. 
'19).12AUu02 [V113rp 03 So[eue ot Jo 9215 11q 21] pue urojsÁs pea4 ot јо лолло 
оца 'лолјовол оца јо Азитајлозип оу UPIM JUL equs NWI I? UNOD 
91} шил *tust|qe)sə o) Алеѕѕәдәи sr NWI 291 Jo 8Витолохол јеошеуоош ou 
рив влолјовол оца ит pa.0js s&eA[v st uor euriojut o[gue əu |, `19149Auo3 So[eue 
оз [BILSIp ay} VIA ујелооокав оцу о) вфриешшоз орпуе рив 8и112915 зортлола 
‘sgue [equrs 291 јо обројмоим Jo asn 91} quSnoag) αοιπάαοο οι ΩΙΝΙ 
911 Suzyn uonəunj Burs Kue io, `sə|Bue səondo ло saysue једипа NWI 
uodn poseq лопашоз зоџерта оца Aq ореш зле зиопешлојвивлу ојдиг |ту 
‘Q01A9p Sutsuas ou pue ујелодокав оцу изомјод Миу 1ие1лойши1 3u1 se səA42s 
лопта шоо зоперта sy], - uors1oAuor) So[euy 03 үези рие Зирор 
'suonounjg [үе [0.13u09 0) posn sr *19j3nduroo ooueprin3 oq) 0) pozruodqouáÁs pue 
AAD 2 uris pojea2ouo38 *uiojsÁs x5o[» oseud opdn[nur y "nousnoang posn 


(лао) ламп VLYG 9NITd2100 AHL 





REFERENCES 

1. DRAPER, C. S., WRIGLEY, W., and Grone, L. R., “The Floating Inte- 
grating Gyro and Its Application to Geometrical Stabilization Problems 
on Moving Bases”, Institute of the Aeronautical Sciences Preprint 503, 
presented January 25, 1955. 

2. Сплмѕом, Јг. Р. J., DENHARD, W. G., and Frasier, R. H., “A Magnetic 
Support for Floated Inertial Instruments”. Report No. R-277 Instrumen- 
tation Laboratory, M.I.T., Cambridge, Massachusetts, April 1960. 

3. WIENER, T. F., “Theoretical Analysis of Gimballess Inertial Reference 
Equipment Using Delta-Modulated Instruments”, M.I.T., Cambridge, 
Massachusetts, Sc.D. Thesis. 


ACKNOWLEDGEMENTS 

HickEv, E. S., M.I.T. Instrumentation Laboratory. 
SITOMER, J. L., M.I.T. Instrumentation Laboratory. 
Cnisp, R., M.I.T. Instrumentation Laboratory. 
'USHMAN, G., M.I.T. Instrumentation Laboratory. 


230 


РАЕТ 5 
OPTICAL MEASUREMENTS AND NAVIGATION 
PHENOMENA 


D. Alexander Koso 


SN—Q 231 





D. ALEXANDER KOSO 


D. Alexander Koso, Assistant Director of Instrumentation Laboratory, 
Massachusetts Institute of Technology, heads the Laboratory group respon- 
sible for development of the optical subsystem — space sextant, scanning 
telescope and the associated electronics — used in the guidance system the 
Laboratory is developing for the Project Apollo spacecraft. 

Mr. Koso was born in Bratislava, Czechoslovakia, March 13, 1935, and 
came to the United States in 1949. He was graduated from University High 
School, Minneapolis, Minn., in 1952. He received both the B.S. and M.S. 
degrees from M.I.T. in Electrical Engineering in 1957 and the degree of 
Electrical Engineer from M.I.T. in 1959. 

While an undergraduate at M.I.T., Mr. Koso studied under the Institute's 
cooperative plan and was employed by the Philco Corporation. As a graduate 
student studying for the E.E. degree, he was a research assistant at the M.I.T. 
Electronic Systems Laboratory. Mr. Koso joined the Instrumentation 
Laboratory in 1959 and worked a few years on navigation studies for manned 
boost-glide space vehicles. He was appointed an Assistant Director in 1963. 


232 


PART 5 


OPTICAL MEASUREMENTS AND NAVIGATION 
PHENOMENA 


INTRODUCTION 

During the orbital and midcourse phases of a space mission, inertial 
components (due to a lack of force) can no longer provide information about 
the position of the vehicle. The gyroscope can be used to provide an artificial 
set of fixed stars usable as a basic reference for measurements. However, 
external sensors have to be used to update the position information within the 
vehicle. 

During the orbital phases of a mission, it is possible to treat the naviga- 
tional problem with relative ease, because one can write a set oflinear constant 
coefficient equations which describe the propagation of errors with time. 
Each measurement then provides a linear equation between certain of these 
errors. In this chapter on-board measurements are considered which can be 
used to determine the orbit of a satellite. 


233 








EARTH CENTER 


Fic. 5-1 Equations of motion 


ASSUMED 


ACTUAL 
ας Wo 





— — 
— — — 
— 


Fic. 5-2 Orbital geometry 


234 





CHAPTER 5-1 


NAVIGATION IN ORBIT 


ERROR PROPAGATION IN ORBIT 

The equations of motion in this analysis are written in polar coordinates 
to make linear approximation of these equations easier. Thus, the equations 
presented are closer to the equations of a local-vertical system ; however, the 
analysis applies irrespective of the coordinate system used in the actual 


computation. 
The equations of motion in polar coordinates are: 
R = Fr + RQ? — E/R? (Eq. 5-14) 
2 
RS = RQ = Fé — 2RQ (Eq. 5-1b) 


where Fr and F, are the forces (per unit mass of the vehicle) in the radial and 
range direction respectively as illustrated in Fig. 5-1. 
For the purpose of analysis, set: 
R = ro + r (Eq. 5-2a) 
Q = аб + о) (Eq. 5-2b) 


where ro and wə are constants. 


Thus: 


R = f; R = ř; Ô = ò; 0 — ом = | w(x) dx 


One can also assume without loss of generality that: 
шо? = Ето? (Eq. 5-3) 


If rə is assumed to be about 300 kilometers above mean earth radius, then for 
orbits ranging from 150 to 450 kilometers altitude: 


r|ro — .02 (Eq. 5-4) 
Similarly: 
c) a9 — .05 (Eq. 5-5) 


Thus, the equations of motion can be lincarized for satellites confined to 
nearly circular orbits. 
Under the assumption that: 


E|R? — Ejr,? — [2Ejr;?]r (Eq. 5-6) 
Eq. 5-1a and 5-1b can be written as: 


у = Fr + (ro + r) (wo? + 2ww + w?) — Elro + 2E|r?r. (Eq. 5-72) 
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Error 
Source 


„4 (sin w t-u 1)+ L. 
а о E 


tl4(cos v t-1)+1 (1 - сове 1) 
о Ы о 





TABLE 5-1 Summary of errors due to initial conditions at some time 7, after 
insertion into orbit 
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NAVIGATION IN ORBIT 


where radar tracking coverage is provided, they do become important during 
lunar operations, where — especially on the far side of the moon — ground 
based information is not available. Thus, the following measurements have 
been considered: 

(a) Bearing measurements to known landmarks 

(b) Bearing measurements to unknown landmarks 

(c) Star occultation measurements 

(d) Star horizon measurements 

(e) Star known landmark measurements 
Measurements of two or three horizons simultaneously were rejected because 
the lines of sight have to be able to see almost a full hemisphere. This requires 
a sensor too close to the skin of the vehicle to make this type of a measurement 
feasible. 

In midcourse, where the subtended angle of the planet is smaller, and this 
measurement becomes feasible from an equipment standpoint, the error 
sensitivities are so low that the accuracy requirement was deemed not 
feasible. 

While this is not an exhaustive list of possible measurements, it does cover 
a large variety of applications and it can be instrumented with a relatively 
simple optical system. 


KNOWN LANDMARK BEARING MEASUREMENT 

Consider a known point on the earth’s surface and an assumed vehicle 
position as shown in Fig. 5-4. The assumed position of the vehicle at time, 
T, is at a range (T) and $,(T) and an altitude H,(7) from the known 
landmark. Now consider a projection of the landmark into the assumed 
orbital plane as shown in Fig. 5-5. The angle a is the angle between the local 
horizontal at the landmark, and the projection of the vehicle into the 
assumed orbital plane. 
Figure 5-5 provides the first equation of orbit determination from a bearing 
measurement to a known landmark: 


G(T) + OT) 
Ho(T) + (Т) 


Now consider a projection of Fig. 5-4 into a plane which is orthogonal to 
the assumed orbital plane and which also contains the landmark local vertical 
as shown in Fig. 5-6. 

This measurement provides the second equation of orbit determination: 


(T) + Ф(Т) 
Нит) + Т) 


The cotangent has been chosen because H,(T) -- r(T) —0 at all times and 
the equations are well behaved. Let us assume that a landmark can be tracked 
when the angle between the local vertical at the landmark and the line of 
sight is less than 45°. For a 150 kilometer orbit, this means that the landmark 
can be tracked for a period of less than 40 seconds. The exact amount depends 
on the distance between the landmark and the ground track of the vehicle. 

Consider the time, Tı, when the landmark is first acquired. It is immedi- 
ately possible to write two equations, Eq. 5-11 and Eq. 5-12, in the three 


— cot a (Eq. 5-11) 


— cot B (Eq. 5-12) 
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NAVIGATION IN ORBIT 


unknowns r(71), @(71), and (Ti). Consider now the determination of 
other variables at time, 71, by further bearing measurements to the same 
landmark. At the time, / — 71, the position errors of the vehicle will have 
changed. The new variables are: 


A(t) = (Ti) + w(T1)(t— Th) (Eq. 5-13a) 
r(t) — r(T1) + ?( Ti) (t— T1) -- rowo0( T1) (Eq. 5-13b) 
$(t) — $(T1) + &(T)) (t— T1) (Eq. 5-13c) 


Substituting Eq. 5-13 into Eq. 5-11 and Eq. 5-12 provides a complete solu- 
tion to the orbital navigational problem: 


6(T1) + (t—T1)w(T1) — cot a(t)r( Ti) — cot a(t)(t— Ti) [?( T3) 
+ rowo0( T1)] = Ho(t) cot a (t) — 6;(t) (Eq. 5-14a) 


Ф(Ту) + (t- Τι)φ(Τι) -- «οι a(t)r( T1) — cot a(t)(t— Ti)[*( Th) 
+-rowo8(T1)| = H(t) cot B (t) — @,(t) (Eq. 5-14b) 


However, four bearing measurements to a single landmark are required 
before Eq. 5-14a and 5-14b can be solved. Three measurements do provide 
six equations in the six unknowns; but they are not independent. 


UNKNOWN LANDMARK BEARING MEASUREMENT 

When the point on the earth's surface has unknown coordinates, the navi- 
gational system has to rely on the changes in the tracking angle as the vehicle 
passes over the landmark. Let us assume that the astronaut can lock-on to an 
identifiable but otherwise unknown point on the earth's surface when the 
angle between the computed (or assumed) velocity vector and the line of 
sight to the point is approximately 45. The exact number will depend on 
the skill of the astronaut and on the range error which the navigational 
system has accumulated by the time of the measurement. 

Consider the measurement geometry of Fig. 5-7 and the projections of 
this geometry into the orbital plane as shown in Fig. 5-8. 

The problem is the determination of the errors: r(71), 7(T1), 6(71), 
то (Та), (Tı), (71) at the time of unknown landmark acquisition. As 
will be seen, it is not possible to determine all of the errors after the tracking 
of a single landmark; at least four landmarks have to be tracked before all 
of the orbital parameters of a vehicle can be determined. 

Let us assume that the distance between the intersection of the landmark 
local vertical and assumed velocity vector and the point where tracking 
begins is S, (Fig. 5-8). For a general time, 7, after T1( T1 is the time when 
tracking begins), the computed bearing measurement is given by: 


d" — Тошот 


H, (Eq. 5-15) 


cot de = 


This variation in the bearing angle has to be compared to the angle which 
actually gets measured. 
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NAVIGATION IN ORBIT 


Consider first an erroneous altitude of the vehicle r( 71). 

As can be seen from Fig. 5-9, it is impossible to determine the difference 
between an altitude error in the vehicle path and a lack of knowledge in the 
altitude of the landmark. For a general time, 7, after 71, the actual bearing 
measurement given 


Е So — Γοώοτ cot a(o) (r( T1) —AH) . 
оба ДЕТ) 28 Њ+АТ)- АН “те 


where 4H is the altitude uncertainty of the landmark. 

If the vehicle has an error «&( 71) when tracking begins, then the measure- 
ment geometry is as shown in Fig. 5-10. The actual bearing measurements 
in this case are: 

бо — (w о( Т1))7т à 
cot aa = So — (wo + w(T1))ror (Eq. 5-17) 
Ho 
Again 7 is the time after landmark acquisition. 

Tracking with an initial vertical velocity error provides the geometry of 

Fig. 5-11. In this case the bearing measurements are: 


Зе — ToWoT 


H, + (Тут mors 


cot Qa 


An initial range (0(7T1)) error appears identical to a vertical velocity 
error, because at the time, 71, the computed and actual velocity vectors 
differ by the angle 0( T1) as shown in Fig. 5-12. Thus it is impossible to dis- 
tinguish between a range error at time, 71, and a vertical velocity error at 
time, Zi. 

The bearing measurement made along the actual trajectory is: 


d — Тот 


Н. — ӨСТ, )ғоаот (Eq. 5—19) 


Since the error terms in Eq. 5-16 to Eq. 5-19 are generally small, further 
linear approximations of these equations can be made. Using the approxi- 
mation: 


cot Qa == 


I 
ταν 
Ед. 5—16 сап be approximated by: 
СОЁ аа = So — шот , rowo l(r( T1) — AH) 


Н H? (Ва. 5-20) 
(since So = Hp cot a (0)) 
Eq. 5-17 can be approximated by: 
COL да == > — = рав “те т (Eq. 5-21) 
Eq. 5-18 can be approximated by: 
——S So— Τοωοτ Sor ( T1) god. Τοωοῖί Τι) т? (Ед. 5-22 
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NAVIGATION IN ORBIT 


Eq. 5-19 can be approximated by 


So — ToWoT Soroc 0( T1) то Зао 0 (Т ° 
cot aq = — + ех у S T" (Eq. 5-23) 


The first term on the right hand side of Eq. 5-20 through Eq. 5-23 is cot a. 
Thus, one can write in general: 


ont as ~ eot as = ere р —4H] 


H? 
= w( Tı) — $o [r( T) — rant Tr) 7 (Eq. 5-24) 
4 HA (Ту) — rowb(Ti)]r? 


When one considers the magnitude of the terms in Eq. 5-24, it becomes 
apparent that the row( T1)(Ho) term can also be neglected. This leaves the 
relatively simple expression: 


COt aa — COt ac = = Е [{ Τι) -- 4Η] 
-- 8ο [τοωοθ(Ττι) --- τί ту : (Eq. 5-25) 
ToWo 





"ОН? 

To determine the track errors in the vehicle trajectory, consider the 
projection of Fig. 5-7 into a plane normal to the assumed velocity vector. 
The unknown landmark should also be contained in this plane. This mea- 
surement provides no information about the position error $ as shown in 
Fig. 5-13. 

However, the measurement does provide information about the track velocity 
error ó as shown in Fig. 5-14. 

To determine 4, two variables from the in plane component of this measure- 
ment have to be known: 

The distance between the landmark and the vehicle velocity vector (just 

the sum — not the individual components) 

The sum of the vertical velocity and range error (again only the sum), 
These variables, though, are available from the in plane computation (Eq. 
5-25). The measurement geometry is as shown in Fig. 5-15. 

Consider the angle, B, between the assumed bearing measurement and the 
actual bearing measurement. 


[ ne CT) 7? 


. = фтт . ορ) 
p = И πω ποπ 


Depending on the particular orbit, the denominator terms with exception of 
H, or possibly H, + r( 71) — АН will be negligible. For small values of 
B sin B = B and in general: 

В(т) [Ho + r(T1) — AH] 


rot 


ф (Eq. 5-27) 


Eq. 5-25 and Eq. 5-27 form the two basic equations which have to be solved 
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to determine the orbital parameters when unknown landmarks are used. 

Thus, as contrasted with the known landmark measurement, the unknown 
landmark measurement provides information about the velocity vector of the 
vehicle. Since each measurement to an unknown landmark provides only 
one equation for the determination of the four in plane orbital parameter 
unknowns, it is necessary to track four unknown landmarks to determine the 
initial condition errors. The first two of these measurements completely 
determine the track errors. ‘The remaining two track computations — if 
carried out — serve only for redundancy. ‘The requirement for four landmarks 
instead of three appears here again, similar to the requirements for four 
bearing measurements to a known landmark. 


NAVIGATION USING STAR HORIZON MEASUREMENTS 

Let us assume for the moment that it is possible to define an earth horizon 
by some means. A possible method is discussed in a later section of this paper 
where a horizon is defined at approximately 30 kilometers above the earth’s 
surface. The astronaut then maneuvers the vehicle so that the plane formed 
by the two lines of sight (star line of sight and horizon line of sight) also 
contains the center of the earth and measures the angle between the star and 
horizon. This places the vehicle on a surface which touches the earth at the 
earth’s artificial horizon as shown in Fig. 5-16. 

Since the artificial horizon is at an altitude of approximately 30 kilo- 
meters, the angle between the local horizontal and the line to the horizon is 
about 0.2 radians. 

Again it is possible to make a flat earth approximation for this measure- 
ment. Figure 5-17 illustrates the star horizon measurement when there is 
no error in the vehicle position. The angle, y, is the angle between the assumed 
orbital plane, and a plane containing the vehicle, earth center, and a vector 
from the vehicle to the star. Thus, when у 15 zero, the measurement is insensi- 
tive to ¢ errors, when у 18 90°, the measurement is insensitive to @ errors. 
The angle, 90^— a is the angle between the velocity vector at time, 71, 
and the normal to the plane established by this measurement. 

If the measurement is taken at a time, /, when the star horizon angle is 
equal to the expected star horizon angle at time, 71, the vehicle is located on 
a plane (taking the position of the vehicle at time, 71, as the origin) given 
by Eq. 5-28. One equation relating the errors: 


r(t) cos a + y(t) sin a cos y + (t) sin a sin y = o (Eq. 5-28) 


at time, 71, can be obtained by substitution of Eq. 5-13a, Eq. 5-13b, and 
Eq. 5-13c into Eq. 5-28. Thus, only one equation between the orbital para- 
meter errors can be obtained from this type of measurement, since the 
measurement involves only one angle and time. The angle, a, depends only 
on the orbital altitude. The angle, y, depends on star direction. It can be 
chosen to favor either the range error (by making y small) or the track error 
(by choosing » close to 90^). The star horizon angle only determines the time, 
Ti, when the vehicle should pass through the plane given by Eq. 5-28. 

Since each measurement provides only one equation in the six unknown 
orbital errors, it is necessary to take at least six star horizon measurements to 
determine the orbital parameters. 
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STAR OCCULTATION MEASUREMENT 

As a vehicle moves in an orbit around the earth or moon, stars will rise 
and set. Whenever a star sets, the disk of the moon or earth occults this star 
and the vehicle is at that moment crossing a cylinder with its axis in the direc- 
tion of the star. ‘The diameter of this cylinder is equal to the diameter of the 
earth or moon. 

The measurement is very useful when the vehicle is in a lunar orbit. 
However, in earth orbit — due to the atmosphere — it is very difficult to 
determine when a star is occulted, since attenuation of the starlight in the 
atmosphere will take place due to differential refraction and due to attenua- 
tion. ‘This measurement can be considered as a special case of the star horizon 
measurement with a zero star horizon angle. 

The position of the vehicle is given by the plane defined by Eq. 5-28 and 
the error at time, 7 1, by substitution of Eq. 5-13a, Eq. 5-13b, and Eq. 5-13c 
into Eq. 5-28. Again, six star occultation measurements have to be performed 
to completely determine the orbital parameters of the vehicle. 

The measurements described in this chapter require different configura- 
tions of equipment. They also have certain constraints imposed on their 
usage as described below: 


Known Landmark Bearing Measurement: 


Advantages: 
ood error sensitivity 
Moderate equipment accuracy requirement with man made beacons 
usable on both the light and dark side of the earth 
Disadvantages: 


Landmarks have to be chosen for ease of recognition and unambiguity. 
Cloud cover can make landmarks not usable. Large map requirements. 
Surveying of some landmarks required. Barely usable on the moon 
due to poor maps. Requires a reference (e.g. inertial system) 


Unknown Landmark Bearing Measurement: 


Advantages: 


Reasonable error sensitivity. Usable anywhere on sunlit side and where- 
ever there are lights on dark side of earth. No maps required. Usable 
even on the far side of the moon 

Disadvantages: 


Relatively high equipment accuracy required 
Requires a reference (e.g. inertial system) 


Star Horizon Measurement: 


Advantages: 


Reasonable error sensitivity 
No reference required 
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Disadvantages: 
High equipment accuracy required usable only against sunlit earth or 
moon, requires automatic star tracker and photometer 


Star Occultation Measurement: 


Advantages: 
Good error sensitivity 
No equipment required 
Disadvantages: 


Usable on moon only 
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MIDCOURSE NAVIGATION 


After injection into translunar or transearth orbit, it is no longer possible to 
use the simplifying assumptions of Eq. 5-4 and Eq. 5-5. Thus, one generally 
has to resort to computer solutions to solve the navigational problem. Naviga- 
tion from ground based stations is again possible and has been used quite 
successfully. However, in this part only on-board measurements will be 
considered. 


POSSIBLE MEASUREMENTS 

Again in midcourse, as in the orbital case, use is made of optical measure- 
ments. However, the accuracy requirements in midcourse are so much 
greater than the accuracy requirements in orbit that bearing measurements 
with the inertial system used as a reference are no longer possible. As can be 
seen from Fig. 5-4 and Fig. 5-5 a measurement uncertainty of one milli- 
radian produces position uncertainties of 0.15 to 0.2 km in earth orbit. A 
measurement with similar accuracy, however, is not too useful at a distance 
of 100000 km. 

At distances from the earth, which are comparable to the lunar distance, 
it is possible to use features on the earth or on the moon, or to use planets 
within our celestial system. Among these choices, the earth and moon provide 
the best accuracy because of their proximity to the trajectory. 

Another factor is of great importance in midcourse. The bearing angles 
to landmarks or to the horizon change very slowly. In orbit these rates are 
(see again Fig. 5-4 or Fig. 5-7) in the order of degrees per second. In mid- 
course the rates reach low values of arc-seconds per second. Thus, consider- 
ably more time can be taken by the operator to complete each measurement. 

Measurements which have been considered are: 

Star Landmark Angle Measurements 
Star Horizon Angle Measurements 
Star Occultation Measurements 

The first two of these measurements are sextant measurements. Only one 
angle has to be read with great accuracy to complete the navigational 
measurement. The third measurement does not require any instrumentation 
when a star is occulted by the lunar disk. However, occultation measurements 
against the earth's disk require relatively precise knowledge of starlight at- 
tenuation through the atmosphere to determine a point of occultation. A 
photometer to make this measurement has not been included in the optical 
unit used in Project Apollo. 


STAR LANDMARK MEASUREMENT 


One precision angular measurement between a star and a landmark places 
a vehicle on a cone as shown in Fig. 5-18. The apex of the cone is located at 
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the landmark. The direction of the center line of the cone is parallel to the 
direction to the star. The cone half angle is equal to the measured star land- 
mark angle. Consider the plane formed by the vector from the vehicle to the 
landmark and the vehicle to the star. If another navigational measurement 
is made using the same landmark, and another star within this plane, then 
another cone of position is established as shown in Fig. 5-19. The two conical 
surfaces touch at the line containing the vehicle and landmark. Locally, in 
the vicinity of the vehicle (assuming a distance to the landmark greater than 
20000 km and a star landmark angle greater than five degrees) this conical 
surface can be approximated by a plane; the only difference is that for a 
larger star landmark angle the flat plane approximation is better. No other 
information is provided by this measurement. 

To obtain information for a second degree of freedom it is necessary to 
choose another star so that the plane containing the vectors from the vehicle 
to the second star and vehicle to the first star is approximately orthogonal to 
the plane shown in Fig. 5-18. The resultant locus of position of the vehicle 
is a line as shown in Fig. 5-20. Any other measurement using the chosen 
landmark only provides redundant information. The uncertainty of the 
vehicle along this line can only be reduced if another landmark is used. 

Let us assume that a landmark can be used as long as the angle between 
the line-of-sight and the local vertical at the landmark is less than 45°, then 
at a 20000 km distance from the earth the error along the line established in 
Fig. 5-20 is about 0.4 km per arc-second of error in the measurement. At 
100000 km from the earth star landmark measurements to two earth land- 
marks provide essentially no additional information when compared to 
measurements made with only one landmark. Conversely, it can be said that 
the choice of earth (or moon) landmarks does not matter for star landmark 
measurement in midcourse. Any landmark, as long as its position is known 
and clouds are not present, can be used as well as any other landmark. 


STAR HORIZON MEASUREMENT 

Let us assume again that a suitable earth horizon as seen from space can 
be defined. The lunar horizon can be defined by the lunar disk. The astro- 
naut maneuvers the vehicle so that the horizon scan takes place in a plane 
normal to the horizon. When the measurement between star and horizon is 
made, the vehicle is located on a cone as shown in Fig. 5-21. The center line 
of the cone is parallel to the starlight. The half angle of the cone is equal to 
the star horizon measurement angle. The location of the apex of the cone can 
be obtained from Fig. 5-22, where R is the radius of the earth or moon 
respectively. Thus, as can be seen, the geometry of a star horizon measure- 
ment and a star landmark measurement is almost identical. The only 
difference between the two measurements is the location of the apex of the 
cone which defines the vehicle position, 


STAR OCCULTATION MEASUREMENT 

When a star is occulted by the earth’s or moon’s disc, the vehicle is 
located on a cylinder as shown in Fig. 5-23. The center of the cylinder passes 
through the center of the earth. The diameter of the cylinder is equal to the 
earth's or moon's disc. Since star occultations depend on the trajectory of 
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the vehicle, it is not possible to choose the measurement geometry to any 
extent. However, the measurement does have the advantage that no equip- 
ment is required to perform it. The only requirement is timing of the star 
occultation. 


ERROR SENSITIVITIES NEAR THE EARTH AND MOON 

When the distance between the earth or moon and the vehicle is less than 
about 20000 km, the angle between the two horizons is sufficiently large so 
that an advantage can be gained from star horizon measurements using first 
one horizon and then the other horizon. Since errors at injection are costliest 
(from a correction fuel requirement standpoint) when they are made in the 
trajectory, it is important to determine their magnitudes early during the 
midcourse phase. 

Let us assume that at the end of injection the vehicle has an error in the 
magnitude of the velocity vector. The direction of the velocity vector and 
position of the vehicle are assumed to be correct. Figure 5-24 shows in ex- 
aggerated fashion how the path of the vehicle deviates from the nominal (or 
expected) path. The differences between the actual angles and expected 
angles are shown in Fig. 5-25 to Fig. 5-29. Let us assume that the vehicle is 
injected with an altitude error of 1 km. The difference between the expected 
and actual star horizon angle as defined in Fig. 5-24 is shown in Fig. 5-25. 
The error sensitivity for readings taken against either horizon is almost 
identical when the vehicle reaches a distance of about 30000 km from earth 
center (100 minutes after injection). Similar conclusions can be reached from 
Fig. 5-26 (error sensitivity due to wrong injection velocity) and Fig. 5-27 
(error sensitivity due to an error in the direction of the velocity vector at 
burnout). A range error (0 in Chapter 1) simply rotates the transfer ellipse 
by the angular range error @. ‘Thus, the error sensitivity is constant during the 
first part of the mission. 

If navigational sightings cannot be taken during the first one or one-half 
hours, either due to crew tasks or constraints imposed by radiation belts, the 
astronaut or computer has to choose only between an earth feature or a lunar 
feature. Choosing between specific landmarks or horizon on either the earth 
or the moon does not provide any major improvement in the knowledge of 
the vehicle position. 


AN ARTIFICIAL EARTH HORIZON 

Clouds and atmosphere on the earth make it generally impossible to see 
the earth’s surface near the horizon; thus it is necessary to define a horizon 
which is sufficiently high above the clouds to be visible during most of the 
mission time. To date, most of the horizon sensing has been accomplished in 
the infrared region of the spectrum. However, sunlight scattered within the 
earth's atmosphere also provides a possible horizon. Since the upper at- 
mosphere scatters most of the blue and near ultraviolet light, a horizon 
model based on scattered sunlight is being used. Figure 5-29 illustrates the 
measurement geometry used. A comparison is made between the maximum 
intensity and half of the maximum. The half maximum establishes a horizon 
located about 30 km above the earth’s surface. 
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THE APOLLO OPTICAL UNIT 


The varied navigational measurements which are made during the Apollo 
mission are used as a basis for the design of the optical unit shown in Fig. 
5-30. The unit consists of a sextant, an automatic star tracker and photo- 
meter and a scanning telescope. During midcourse when it is necessary to 
make accurate star landmark and star horizon measurements, the sextant is 
used. The scanning telescope is used only as an instrument for target acquisi- 
tion. 

Both instruments are used during the orbital portion of the mission. The 
scanning telescope is used for known landmark bearing measurements. Its 
large field of view is essential for landmark identification and acquisition. 
The movable line-of-sight of the sextant is used for unknown landmark 
tracking. The automatic features are used for star-horizon measurements. 
Star occultation measurements need no particular bearing readout, since only 
the time of occultation is required. Either instrument or a window can be 
used for this particular measurement. 


SPACE SEXTANT 

The sextant consists of a 28 power, 1.8 degree field of view telescope 
located within the optical base (see Fig. 5-30). Before light enters the tele- 
scope, it passes through the sextant head, where the two lines-of-sight of the 
instrument are combined. The landmark line-of-sight passes through the 
beamsplitter and from there directly into the telescope. To move this line-of- 
sight, it is necessary to move the vehicle. The beamsplitter passes about 20°, 
of the light to the telescope. Also contained within the beamsplitter is a filter 
which attenuates most of the blue and green light entering the landmark 
line-of-sight. This reduces the blue haze which is generally visible on the 
earth from high altitudes without appreciably degrading the characteristics 
of lunar landmarks. 

The star line-of-sight is directed to the telescope by a movable mirror, two 
fixed mirrors and the beamsplitter. About 80°, of the starlight passes through 
the beamsplitter into the telescope. ‘The movable mirror is positioned by a 
conventional a.c. servo system. The readout of the mirror position (this is 
the most accurate angle readout within the guidance system) depends on a 
64 speed (128 pole) resolver. The angles of this resolver are read by a coup- 
ling data unit as described in Part 4. 

Angles ranging from zero to 50 degrees between the two lines-of-sight can 
be read with this instrument. The mirror can be moved further to go degrees, 
where the image of the reticle is reflected back upon itself. The astronaut can 
use this point as a check of the alignment stability of the instrument. Viewing 
of a bright star or planet with the line-of-sight angle set to zero degrees pro- 
vides another point where the sextant angular readout can be easily checked. 
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These self-checking features have been incorporated to make sure that a 
check of the instrument accuracy can be made before and after each mid- 
course navigational] sighting. 

The head assembly and telescope rotate within the optical base. This 
motion provides the second degree of freedom of motion for the star line-of- 
sight. Motion in this direction is limited to +. 270 degrees from a predeter- 
mined zero. The power to the components located on the sextant head is 
carried through a flex cable. Limitation of the freedom of motion of the 
sextant thus makes use of slip rings not required. 


STAR TRACKER-PHOTOMETER 

The star tracker is included within the optical unit to enable the astronaut 
to make measurements between the earth's horizon and a star. Both instru- 
ments including their detectors and preamplifiers are completely located on 
the sextant head. The photometer measures the intensity of the near ultra- 
violet sunlight scattered by the earth's atmosphere. Light collected by the 
photometer aperture is filtered and modulated by a vibrating reed before it 
reaches the photodetector. The signal is further amplified and the level of 
the signal is detected with circuitry within the power and servo assembly of 
the guidance system. 

The star tracker is a narrow, field-of-view (4 deg. x 4 deg.) instrument. 
Star light is directed into the aperture of the telescope by the star line-of-sight 
movable mirror and two redirection mirrors. Crossed tuning forks are used 
to provide information about the star position within the tracker's field of 
view. The electronics required to process the star tracker signal are also 
located in the power and servo assembly. 

The two degrees of freedom required to position the star tracker are 
identical to the degrees of freedom provided ror the star line-of-sight. Thus, 
when a star is tracked the astronaut can compare the star position in the 
sextant field to the center of the reticle. This provides a visual check on the 
operation of the star tracker. 


SCANNING TELESCOPE 

The scanning telescope is a single line-of-sight, unit power, 60 degree field 
of view instrument used for making known landmark bearing measurements 
in earth and lunar orbit and also for general use, such as acquisition of land- 
marks and stars for sextant sightings. The complete telescope assembly 
rotates within the optical base, similar to the sextant. The two shafts are 
continuously tied together with a conventional a.c. servo system. 

The light enters the telescope through a double dove prism. This prism 
can be positioned so that the telescope line-of-sight is parallel to the landmark 
line-of-sight (for midcourse landmark acquisition) or parallel to the star line- 
of-sight for star acquisition. A third position, offset from the landmark 
line-of-sight by 25 degrees, is also provided. In this position the scanning 
telescope covers the complete sextant field of view. This position is used when 
the astronaut tries to hold one image in one of the sextant lines-of-sight while 
searching for the second image. 

To provide backup in case of an electrical failure, the scanning telescope 
also contains two mechanical counters connected to the movable parts of the 
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telescope. ‘These counters can be read and the angles manually entered into 
the computer in case of a malfunction within the angle encoding loop. Two 
knobs which can be used for manual positioning of the telescope line-of-sight 
are also provided. These provide a backup for the a.c. servo components 
which are normally used to position the sextant and scanning telescope. 
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GUIDANCE COMPUTER DESIGN 


INTRODUCTION 

Some twenty-two years have elapsed since the first digital computer was 
completed. For the past several years, digital guidance computers have 
flown in airplanes, missiles and rockets. Some of these vehicles аге зсагсеју 
bigger than an early computer, whose performance is surpassed bv the 
guidance computers they carry. 

The first general-purpose computer and the first high speed electronic 
number processor were each put into use in about 1943. Numbers were 
stored in relay controlled counter wheels and in vacuum tube ring counters. 
The next few years brought the high speed general-purpose computer, the 
acoustic delay line and the electrostatic storage tube. In the early 1950s 
higher densities were achieved in logic by the use of semiconductor diodes 
and in memory by the introduction of magnetic cores, drums and tapes. The 
transistor was developed in 1948, and was employed in some experimental 
small computers intended as prototype airborne computers in the early 
1950s. Transistors began to be employed in large-scale computers in the late 
1950s, beginning with computers for military applications. Only now are 
semiconductor components beginning to match the enormous density which 
was achieved in magnetic memories ten years ago. In today’s guidance com- 
puters, we are realizing an overall density thousands of times greater than in 
computers of fifteen years ago. Part of this difference is due to advances in 
mechanical design which have been made purely because of the extreme 
importance of weight and volume in airborne applications, In cases where 
size is not an important factor, densities are lower by an order of magnitude. 

Performance has been increased over the years by advances in logical 
design as well as in component size and speed. Early contributions of the 
number bus, binary arithmetic and common storage have been followed by 
such improvements as methods of fast arithmetic, indexing and other address 
modification schemes, multiprogramming and program interrupt. Progress 
in mathematical areas has been a significant factor in our ability to employ 
digital computers in airborne guidance at this stage of their development. 
Computer programming developments have given us automatic program- 
ming and internal *'software" routines such as executive control and inter- 
pretive programs. Recent efforts have produced numerical methods of 
celestial mechanics which do not overtax the limited resources of today's 
guidance computers. Sampled-data theory has given rise to methods of stable 
control of unstable vehicles using digital techniques. Vast amounts of pro- 
gramming and analysis are needed before today's missions become tractable 
for existing computer performance. It is the purpose of the remainder of this 
essay to discuss the present state of the art of logical design, hardware and 
software, particularly as it is applied in the Apollo Guidance Computer. 
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The reasons for having an airborne computer are so numerous that the 
computer engineer is apt to take the parochial viewpoint that the guidance 
computer is the principal part of the guidance system and that the other 
parts such as inertial, optical, radar and radio elements are ancillary units 
for sensing and communication. This picture of a guidance system is some- 
what distorted but not entirely so. In 1962, J. F. Shea, then Deputy Director 
of Manned Space Flight at NASA and presently Apollo Project Manager, 
said, “Although engineers in each discipline tend to regard their particular 
developments as the most critical, once the propulsion capability has been 
provided, the key to reliable execution of a wide range of complex long- 
duration missions is the computational capacity provided aboard the space- 
craft." (1). 

The Apollo Guidance Computer will be incorporated into the Guidance 
and Navigation Systems in the Command and Lunar Excursion Modules. 
Its functions are to aid in operating the inertial and optical subsystems, to 
provide steering signals where human reaction is too slow, to perform space- 
craft attitude control with minimum fuel expenditure, to maintain timing 
references, to communicate with the Astronauts via display lights and key- 
board, to communicate with ground tracking stations via digital data links 
and to perform the calculations necessary to deduce position and velocity 
relative to the earth and the moon from the input data available during all 
flight phases from boost through lunar landing and rendezvous to final entry 
and landing. 
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CHARACTERISTICS OF GUIDANCE COMPUTERS 


GENERAL 

Guidance computers are designed to meet a number of severe constraints. 
The extent to which the constraints are met depends upon the ingenuity of 
the designers; but to judge from comparisons among existing computers, it 
depends far more strongly on the limitations of available hardware. The more 
significant differences in performance among computers can be traced to the 
degree to which their designers are willing to commit themselves to advanced 
technology and processes previously untried. Today, the complex micro- 
circuit and the multi-layer etched board are areas in which some computer 
makers are attempting to attain significant advantages, while others wait 
and watch to see the inevitable problems arise and become solved before 
venturing. 

Requirements for guidance computers are extreme reliability, low weight 
and power consumption, high performance in terms of mathematical answers 
per second and inputs and outputs serviced and flexibility to grow with the 
scope of the mission. Although immense achievements have been made 
within the last few years, the present generation of guidance computers 
rapidly becomes obsolete; missions already in the planning stages call for 
much greater achievements in design, programming, production, test and 
repair than have so far been realized. 

Some feeling for the range of guidance computer characteristics may be 
obtained from the tabulation in Table 6—1 of published data (1, 2, 3) on 
computers designed within the past few years. Comparisons are often mis- 
leading, especially if one is trying to prove superiority of one computer over 
another. It is reasonable and often necessary to choose among computers for 
a specific application, but it is not easy, for subtle differences can be of great 
importance. It is less difficult and more valid to draw conclusions about the 
similarities of various computers from a chart of comparative characteristics. 
Size and weight data have been omitted here because they tend to be parti- 
cularly misleading in the absence of knowledge of the particular input and 
output configuration of the computers. This, in turn, is hard to present 
because of its detailed nature in some cases and its scanty description in 
others. Sizes range from 0.2 to 2 cubic feet (0.005 to 0.05 cubic meters), and 
densities are close to that of water. 


LOGICAL DESIGN (4, 5) 

Word Length - It is desirable to minimize word length in a guidance com- 
puter. Memory sense amplifiers being high-gain class A amplifiers, are con- 
siderably harder to operate with wide margins of temperature, voltages and 
input signal than, for example, circuits made of NOR gates. Memory digit 
drivers are also critical circuits whose number is equal to the number of bits 
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in a word. Similarly, the time required for carry propagation in a parallel 
adder or for circulation in a serial machine is proportional to word length, 
and moreover the very size of a computer is dependent on word length, 

Factors which discourage the minimization of word length are the 
numbers of bits required for data words, input and output variables and 
instruction words. ‘These numbers are functions of mission requirements and 
details of logical design. Most guidance computers have word lengths of 
around 24 bits. The Apollo Guidance Computer is unique among those 
listed in having 16 bits of which one is a parity check bit. As explained later, 
the difference is due largely to a decision to use multiple-precision arithmetic 
for variables concerned with guidance and navigation. Even the longest word 
in the list (30 bits) is short by comparison to the large scale computer in- 
stallations, where size is not of as great concern as are speed and program- 
ming ease. 
Instruction Repertoire — The implicit requirements for any Von New- 
mann-type computer demand that facilities exist for: 

(a) Fetching from memory 

(b) Storing in memory 

(c) Negating (complementing) 

(d) Combining two operands (e.g. addition) 

(e) Address modification 

(f) Normal sequencing (specifying the location of the next instruction) 

(g) Conditional sequence changing. 
A single instruction can provide several of these facilities, so that a very 
limited repertoire is possible (6), although a large burden is thereby placed 
on program storage and speed is limited. For a relatively small additional 
cost in complexity, a more comfortable repertoire is obtained. An operation 
set of eight instructions can provide flexibility without sacrificing simplicity. 
All of the computers listed go beyond this, however, and in general it is done 
to obtain speed at a cost in hardware. In some instances, the taking of square 
roots and the conversion of numbers between binary and decimal appear as 
single instructions. More commonly, the instruction sets contain convenient 
data handling, branching, and arithmetic operations with from about 2? 
to 2? codes. 
Speed — It is well known that the overall speed of a computer can be en- 
hanced by its logical design, usually at an equipment cost. This may take the 
form of having separate adders in a parallel machine for indexing and arith- 
metic, or it may consist of providing circuits to speed up multiplication by 
processing several multiplier bits at a time. Alternatively, speed can be 
obtained by providing single instructions which perform complex jobs such 
as the two mentioned in the preceding paragraph. Speed is important in 
guidance computers and logical complexities are employed in order to gain 
speed in virtually every guidance computer design, but size and reliability 
restrictions are of sufficient importance to limit the number and extent of 
such complexities. In data processing computers, where size is less important 
and where speed is a competitive issue, logic circuits are employed somewhat 
into the area of diminishing returns. Guidance computers as a result are 
generally slower than their ground based relatives. 
Input and Output — Guidance computers and control computers in general, 
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differ from data processors most significantly in the area of input and output. 
Modern data processors generally communicate with peripheral equipment 
which is complex and sophisticated enough to send and receive data over 
parallel channels without the computer having to spend much time over- 
seeing the process. In some cases the computer sends data to a remote buffer 
register upon receipt of an indication that the remote unit is ready. In other 
cases the remote unit interrogates the computer memory as often as neces- 
sary thus eliminating the buffer. In guidance computers, however, the input 
and output are not generally exchanged with such sophisticated machines. 
Owing partly to the non-digital nature of such electromechanical machines as 
inertial measurement units and rocket steering servos and partly to the 
strong desire to keep interface circuits and cables as small as possible, the 
guidance computer spends a substantial part of its time (or equipment) 
budget on maintaining communication with these units. 

Another interesting contrast exists between data processors and guidance 

computers. The former are designed to spread a work load out over a period 
of time to achieve a good balance between internal computing and input- 
output activity. One figure of merit of a data processing installation is the 
degree to which it can keep its various facilities busy by time-sharing them 
among various independent users. If a large demand occurs for time on a 
printer, for example, the results to be printed will be buffered on a magnetic 
tape to be printed later when the facility is available. In a guidance com- 
puter, the central processor is time-shared among numerous jobs, but the 
allowable delays in reacting to a large demand for input-output service are 
measured in milliseconds rather than minutes, and the logical design of com- 
puters and systems must reflect this fact. 
Fault Diagnosis — Another area of interesting contrast between data pro- 
cessors and guidance computers is in the area of self-checking or fault diag- 
nosis. Since time on a large computer is valued at hundreds of dollars per 
hour, it is economically necessary to locate and correct faults very rapidly. 
For this reason modern computers are equipped with circuits whose function 
is to make fault location nearly automatic. 

Guidance computers cannot afford to carry extra hardware for this pur- 
pose. It is important, however, to be able to detect that an error has occured 
in flight so that the proper course of action may be taken. This action might 
be to switch to a back-up computer or other means of control, or possibly it 
may mean that a missile must be destroyed in order that it may not stray far 
off course. The most common means of fault detection is by a programmed 
self-check which is run at all times when the computer is not otherwise 
occupied. More refined checking may be done by a limited amount of cir- 
cuitry. For example, some guidance computers employ a parity test on the 
contents of memory. Still other types of alarms are included in the Apollo 
Guidance Computer, including tests for prolonged or insufficient interrupt 
activity and various sorts of program freezes. ‘The sum total of these checks 
and alarms reduces to a small value the probability that a malfunction shall 
go undetected. 


HARDWARE 
Memory Devices — The ferrite coincident current core memory is the 
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cornerstone of computer technology, providing fast random access at a few 
cents per bit in the megabit range. Thin film memories have had a large 
research investment and have surpassed core memories in speed and bit 
density Dy little or none at all. Their cost is relatively high and their capacity 
is more limited than core. Plated wire promises to be a substantial improve- 
ment, but is not yet advanced enough to be producible or reliable in data 
processing or guidance applications. 

Core memory is clearly ahead of thin film in data processing applications. 
The matter is controversial with respect to guidance computers, where the 
higher cost and the capacity limitations of film are less important. Film offers 
somewhat higher speed, where core offers the economy of coincident selec- 
tion plus a large output signal. Density and reliability are unresolved issues 
between the two. 

High capacity electromechanical memories such as drums and disks are 
disappearing from guidance computer use. This is so for three reasons: a 
substantial increase in packaging density of core and film memories, the 
serial access nature of disks and drums, and the limited time that disks and 
drums can operate without maintenance. The high bit densities and large 
capacities attainable with electromechanical memories make them virtually 
indispensable to large scale data processing installations, however. 

Fixed memory is not used in data processing to any large degree except 
as a means of implementing internal machine logic such as in a program 
sequence generator. Its broader use in guidance computers stems from its 
potential for indestructibility and high density. Indestructibility is a two- 
edged sword. It requires that program and data be determined well in 
advance of use, moreover it places a limitation on changes in mission plan 
such as may be required periodically in ballistic missile applications. Wherever 
these limitations are not overly constraining, a fixed memory offers assurance 
that the computer program is identical through all phases of testing and in 
flight. It moreover permits recovery from temporary malfunctions which 
would alter the contents of an erasable memory. 

Some types of memories compromise between reliability and unchange- 
ability by having the ability to be electrically alterable. Modifications of film 
and core memories have this property, although coincident selection is less 
apt to be possible in the core versions, most of which are relatives of trans- 
fluxors. The bit densities of such memories have been well below those which 
are available in permanent memories. 

Logic Devices - In the past few years integrated circuits or microcircuits 
have been adopted nearly universally by guidance computer designers for at 
least the logic portion of their computer designs. Prior to the advent of micro- 
circuits, magnetic cores were strong contenders as logic elements against 
all-transistor circuitry. Core circuits were no larger, and in addition were 
capable of operating on substantially lower power than all-transistor circuits. 
Although special applications may yet exist which favor the magnetic core, 
the very small size of microcircuits and their high speed and proven reliabil- 
ity make them preferred in nearly all instances over cores. With each passing 
year, moreover, the power consumption of new microcircuit logic devices 
has been substantially reduced. One can now expect to consume less power 
with microcircuits than with cores at full speed. The latter elements still 
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retain the advantage of reduced power consumption at low speed operation. 

Data processing machines are only now beginning to use microcircuit 
techniques, because of numerous problems which have attended the large 
scale production of microcircuits. If these problems are solved, we may expect 
to see the same increase in the ratio of performance to size in the logic area of 
data processors which was seen in guidance computers a few years ago. 

The primary area in which advances need to be made is in interconnection 
of logic units (7). A poor job of mechanical design results in unreliable 
connections or low component density or both, yet it has so far proven quite 
difficult to arrive at a structure which is satisfactory in all respects. Some of 
the essential and important requirements are reliability, ease of manufacture, 
thermal conductance, mechanical soundness, convenient shape, means of 
inspection and repair and high density. Some of the methods which achieve 
high density are seriously lacking in some of the other attributes listed. The 
multi-layer etched board appears to be a means whereby the technology of 
interconnection can be advanced but there exists some disagreement as to its 
qualifications in its present state of development. A highly satisfactory, 
though somewhat less dense method, is the welded wire matrix which is also 


a multi-layer device, but not made in an integral unit and not so small as 
the etched board. 
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CHARACTERISTICS OF THE APOLLO 
GUIDANCE COMPUTER 


LOGICAL DESIGN 

General — The AGC has three principal sections. The first is a memory, the 
fixed (read only) portion of which has 36 864 words, and the erasable portion 
of which has 2 048 words. The next section may be called the central section ; 
it includes an adder, an instruction decoder (SQ), a memory address decoder 
(S), and a number of addressable registers with either special features or 
special use. The third section is the sequence generator which includes a 
portion for generating various microprograms and a portion for processing 
various interrupting requests. The backbone of the AGC is the set of 16 
write buses; these are the means for transferring information between the 
various registers shown in Fig. 6-1. ‘The arrowheads to and from the various 
registers show the possible directions of information flow. In Fig. 6-1, the 
data paths are shown as solid lines, the control paths are shown as broken 
lines. 

The Fixed Memory is made of wired-in “tropes”? which are compact and 
reliable devices. The number of bits so wired is in excess of 5 > 105. The 
cycle time is 12 psec. The erasable memory is a coincident current ferrite 
core system with the same cycle time as the fixed memory. Instructions can 
address registers in either memory and can be stored in either memory. The 
only logical difference between the two memories is the inability to change 
the contents of the fixed part by program steps. Each word in memory is 
16 bits long (15 data bits and an odd parity bit). Data words are stored as 
signed 14 bit words using a one’s complement convention. Instruction words 
consist of 3 order code bits and 12 address code bits. 

The contents of the address register S do not always determine uniquely 
the address of the memory word. For example, the 2 048 erasable registers 
are accessed via a 1 024 word address field. ‘This is done with a 3-bit auxiliary 
address contained in the “Erasable Bank” register which is under program 
control. Part of the address field is one-to-one: addresses between o and 
1377 (octal or base eight) always refer to the same registers. Addresses 
1 400-1 777 (octal) are ambiguous and refer to one of 5 sets of 256 words 
according to the number stored in the Erasable Bank register. 

The 3072 word fixed-memory address field encompasses 36 864 words by 
means of a 5-bit “Fixed Bank” register and a 1-bit “Fixed Extension" 
channel. Addresses between 2000 and 3777 (octal) are ambiguous and refer 
to one of 34 banks of 1 024 words each according to the number in the Fixed 
Bank register. If this number exceeds 30 (octal) then the bank selection further 
depends on the Fixed Extension bit. The Bank registers and the Extension 
channel are addressable and are all in the non-ambiguous portions of the 
erasable memory and channel fields. 
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Word Length 

Number System 

Memory Cycle Time 

Fixed Memory Registers 

Erasable Memory Register 

Number of Normal Instructions 
(Interrupt, Increment, etc.) 

Interrupt Options 

Addition Time 

Multiplication Time 

Double Precision Addition Time 

Double Precision Multiplication 
Time Subroutine 

Increment Time 

Number of Counters 

Power Consumption 

Weight 

Size 


15 Bits + 1 Parity 
One's Complement 
11.7 дес 

36,864 Words 
2,048 Words 


10 
10 
23,4 MSEC 
46.8 asec 
35.1 JA Sec 
515 psec 


11.7 pasec 

29 

100 Watts (AGC * DSKY's) 

58 Pounds (Computer Only) 
1.0 Cubic Foot (Computer Only) 


TABLE 6-2 AGC characteristics 
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Transfers in and out of memory are made by way of a memory local 
register G. For certain specific addresses, the word being transferred into G 
is not sent directly but is modified by a special gating network. The trans- 
formations on the word sent to G are right shift, right cycle, left cycle and 
7-position right shift for editing interpretive instruction words. 

The middle part of Fig. 6-1 shows the central section in block form. It 
contains the address register S and the memory bank registers which were 
mentioned above. There is also a block of addressable registers called **central 
and special registers", which will be discussed later, an arithmetic unit and 
an instruction decoder register, SO. The arithmetic unit is an adder with 
shifting gates and control logic. The SQ register bears the same relation to 
instructions as the S register bears to memory locations; neither S nor SQ 
are explicitly addressable. The central and special registers are A, L, Q, Z 
and a set of input and output channels. Their properties are shown in Table 
6-3. 

The sequence generator provides the basic memory timing and the se- 
quences of control pulses (microprograms) which constitute instructions. It 
also contains the priority interrupt circuitry and a scaling network which 
provides various pulse frequencies used by the computer and the rest of the 
navigation system. 

Instructions are arranged so as to last an integral number of memory 
cycles. The list of instructions is treated in detail later. In addition to these 
there are a number of “involuntary” sequences, not under normal program 
control, which may break into the normal sequence of instructions. These 
are triggered either by external events, or by certain overflows within the 
AGC, and may be divided into two categories: counter incrementing and 
program interruption. 

Counter incrementing may take place between any two instructions. Ex- 
ternal requests for incrementing a counter are stored in a counter priority 
circuit. At the end of every instruction a test is made to see if any increment- 
ing requests exist. If not, the next instruction is executed directly. If a request 
is present an incrementing memory cycle is executed. Each “counter” is a 
specific location in erasable memory. ‘The incrementing cycle consists of 
reading out the word stored in the counter register, incrementing it (positively 
or negatively) or shifting it and storing the results back in the register of 
origin. All outstanding counter incrementing requests are processed before 
proceeding to the next instruction, This type of interrupt provides for asyn- 
chronous incremental or serial entry of information into the working erasable 
memory. The program steps may refer directly to a counter register to obtain 
the desired information and do not have to refer to input buffers. Overflows 
from one counter may be used as inputs to another. A further property of 
this system is that the time available for normal program steps is reduced 
linearly by the amount of counter activity present at any given time. 

Program interruption also occurs between program steps. An interruption 
consists of storing the contents of the program counter and transferring con- 
trol to a fixed location. Each interrupt option has a different location asso- 
ciated with it. Interrupting programs may not be interrupted, but interrupt 
requests are not lost and are processed as soon as the earlier interrupted 
program is resumed. 
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REGISTER ADDRESS PURPOSE 
A 0000 Central Accumulator. Most instructions refer to A. 
L 0001 Lower accumulator. Used in multiply, divide and all double- 
precision operations. 
Q 0002 Return address register. If a transfer control (TC) operation 
occurred atlinel, (Q) = L +1, 
EB 0003 Erasable bank register, bits 9 10, 11. 
FB 0004 Fixed bank register, bits 11, 12, 13, 14, 15. 
Z 0005 Program counter, Contains L +1, where L is the address of 
the instruction presently being executed. 
BB 0006 Both bank registers: Erasable, bits 1, 2, 3, Fixed, bits 
1. 15, 13, М, 15, 
-- 0007 Contains Zero. 


TABLE 6-3 Addressable special and central registers 
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Word Length — The AGC is a “common storage” machine which means 
that instructions may be executed from erasable memory as well as from 
fixed memory, and that data (obviously constants in the case of fixed memory) 
may be stored in either memory. The word sizes of both types of memory must 
be compatible in some sense, the easiest solution is to have equal word 
lengths. The AGC is somewhat unique in its very short word length and the 
reasons for it are of some interest. The principal factors in the choice of word 
length are: 

(a) Precision desired in the representation of navigational variables; 

(b) Range of the input variables which are entered serially or incre- 

mentally ; 

(с) Instruction word format. Division of instruction words into two fields, 

one for operation code and one for address. 

As a start, the word length (15 bits) for two previous machines in this 
series (4) was kept in mind as a satisfactory word length from the point of 
view of mechanization, i.e. the number of sense amplifiers and inhibit 
drivers and the carry propagation time etc. were all considered satisfactory. 
The influence of these principal factors will be taken up in turn. 

‘The data words used in the AGC may be divided roughly into two classes: 
data words used in elaborate navigational computations and data words used 
in the control of various appliances in the system. Initial estimates of the 
precision required by the first class ranged from 27 to 32 bits o(1o8*"). The 
second class of variables could almost always be represented with 15 bits. 
The fact that navigational variables require about twice the desired 15-bit 
word length means that there is not much advantage to word sizes between 
15 and 28 bits, as far as precision of representation of variables is concerned, 
because double-precision numbers must be used in any event. Because of the 
doubly signed number representation for double-precision words, the equiva- 
lent word length is 29 bits (including sign) rather than 30, for a basic word 
length of 15 bits. 

‘The initial estimates for the proportion of 15-bit vs. 29-bit quantities to be 
stored in both fixed and erasable memories indicated the overwhelming pre- 
ponderance of the former. It was also estimated that a significant portion of 
the computing had to do with control, telemetry and display activities, all of 
which can be handled more economically with short words. A short word 
allows faster and more efficient use of erasable storage because it reduces 
fractional word operations, such as packing and editing; it also means a more 
efficient encoding of small integers. 

As a control computer, the AGC must make analog-to-digital conversions, 
many of which are of angles. T'wo principal forms of conversion exist; one 
renders a whole number, the other produces a train of pulses which must be 
counted to yield the desired number. The latter type of conversion is em- 
ployed by the AGC, using the counter incrementing feature. When the 
number of bits of precision required is greater than the computer’s word 
length the effective length of the counter must be extended into a second 
register, either by programmed scanning of the counter register, or by using 
a second counter register to receive the overflows of the first. Whether pro- 
grammed scanning is feasible depends largely on how frequently this scan- 
ning must be done. The cost of using an extra counter register is directly 
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measured in terms of the priority circuit associated with it. In the AGC, the 
equipment saved by reducing the word length below 15 bits would probably 
not match the additional expense incurred in double-precision extension of 
many input variables. The question is academic, however, since a lower 
bound on the word length is effectively placed by the format of the instruc- 
tion word. 

An initial decision was made that instructions would consist of an opera- 
tion code and a single address. The straightforward choices of packing one 
two such instructions per word were the only ones seriously considered, 
although other schemes, such as packing one and a half instructions per word, 
are possible (1). The two previous computers had a 3-bit field for operation 
codes and a 12-bit field for addresses, to accommodate their 8 instruction 
order codes and 4096 words of memory. In the initial core-transistor version 
of the AGC, the 8 instruction order codes were in reality augmented by the 
various special registers provided, such as shift right, cycle left, edit, so that 
a transfer in and out of one of these registers would accomplish actions 
normally specified by the order code. These registers were considered to be 
more economical than the corresponding instruction decoding and control 
pulse sequence generation. Hence the 3 bits assigned to the order code were 
considered adequate albeit not generous. Furthermore, as will be seen, it is 
possible to expand the number of order codes. 

The address field of 12 bits presented a different problem. At the time of 
the design of the previous computers it was estimated that 4000 words would 
satisfy the storage requirements. By the time of redesign it was clear that 
the requirement was for 10* words or more, and the question then became 
whether the proposed extension of the address field by a bank register was 
more economical than the addition of bits to the word length. For reasons 
of modularity of equipment, adding more bits to the word length would 
result in adding more bits to all the central and special registers which 
amounts to increasing the size of the non-memory portion of the AGC, 

In summary, the 15-bit word length seemed practical enough so that the 

additional cost of extra bits in terms of size, weight and reliability did not 
seem warranted. A 14-bit word length was thought impractical because of 
the problems with certain input variables and it would further restrict the 
already cramped instruction word format. Word lengths of 17 or 18 bits 
would result in certain conceptual simplicities in the decoding of instructions 
and addresses but would not help in the representation of navigational vari- 
ables. These require 28 bits, so they must be represented in double precision 
in any event. 
Number Representation — In the absence of the need to represent numbers 
of both signs, the discussion of number representation would not extend 
beyond the fact that numbers in the AGC are expressed to base two. But the 
accommodation of both positive and negative numbers requires that the 
logical designer choose among at least three possible forms of binary arith- 
metic. These three principal alternatives are: one’s complement, two’s com- 
plement and sign and magnitude. 

In one’s complement arithmetic, the sign of a number is reversed by com- 
plementing every digit, and **end around carry" is required in addition of 
two numbers. In two's complement arithmetic, sign reversal is effected by 
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EXAMPLE 


Both operands positive; Sum positive, 
no overflow. Identical results in both 
systems. 


Both operands positive; positive over- 
flow, Standard result is negative; 
Modified result is positive using 5, as 
sign of the answer, Positive overflow 
indicated by 51 А So. 


Both operands negative; Sum negative 

no overflow, End around carry occurs, 
Identical results in both systems using 
either 51 ог 89 as the sign of the answer, 


Both operands negative; negative over- 
flow, Standard result is positive; 
modified result is negative using S, as 
the sign of the answer, Negative over- 
flow indicated by 51° So: 


: Operands have opposite sign: Sum posi- 
tive. Identical results in both systems. 
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: Operands have opposite sign; sum 
negative. Identical results in both 
systems. 
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Fic. 6-3 Illustrative example of properties of modified one's complement system 
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complementing each bit and adding a low order one, or some equivalent 
operation. Sign and magnitude representation is typically used where direct 
human interrogation of memory is desired, as in ‘postmortem’? memory 
dumps for example. ‘The addition of numbers of opposite sign requires either 
one’s or two’s complementation or comparison of magnitude, and sometimes 
may use both. The one’s complement notation has the advantage of having 
easy sign reversal which is equivalent to Boolean complementation, hence a 
single machine instruction performs both functions. Zero is ambiguously 
represented by all zero’s and by all one’s, so that the number of numerical 
states in a n-bit word is 2^ — 1. Two's complement arithmetic is advantage- 
ous where end around carry is difficult to mechanize, as is particularly true 
in serial computers. An n-bit word has 2" states, which is desirable for input 
conversions from such devices as pattern generators, geared encoders or 
binary scalers. Sign reversal is awkward, however, since a full addition is 
required in the process. 

In a standard one's complement adder overflow is detected by examining 
carries into and out of the sign position. These overflow indications must be 
"caught on the fly" and stored separately if they are to be acted upon later. 
The number system adopted in the AGC has the advantage of being a one's 
complement system with the additional feature of having a static indication 
of overflow. The implementation of the method depends on the AGC’s not 
using a parity bit in most central registers. Because of certain modular advan- 
tages 16, rather than 15, columns are available in all of the central registers 
including the adder. Where the parity bit is not required the extra bit position 
is used as an extra column. The virtue of the 16-bit adder is that the overflow 
of a 15-bit sum is readily detectable upon examination of the two high order 
bits of the sum (see Fig. 6—3). If both of these bits are the same, there is no 
overflow. If they are different, overflow has occurred with the sign of the 
highest order bit. 

The interface between the 16-bit adder and the 15-bit memory is arranged 

so that the sign bit of a word coming from memory enters both of the two 
high order adder columns. These are denoted Se and Sı since they both have 
the significance of sign bits. When a word is transferred to memory, only one 
of these two signs can be stored. In the AGC the Se bit is stored which is the 
standard one’s complement sign except in the event of overflow, in which 
case it is the sign of the two operands. This preservation of sign on overflow 
is an important asset in dealing with carries between component words of 
multiple-precision numbers. 
Multiple-Precision Arithmetic — A short word computer can be effective 
only if the multiple-precision routines are efficient corresponding to their 
share of the computer’s work load. In the AGC’s application there is enough 
use for multiple-precision arithmetic to warrant consideration in the choice 
of number system and in the organization of the instruction set. A variety of 
formats for multiple-precision representation are possible, probably the most 
common of these is the identical sign representation in which the sign bits of 
all component words agree. The method used in the AGC allows the signs 
of the components to be different. 

Independent signs arise naturally in multiple-precision addition and 
subtraction and the identical sign representation is costly because sign recon- 
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A. Sequence Changing 


l. 
2. 
X 
t 4. 
"А 


Transfer control, set return address 
Transfer control only 

Four way skip and diminish by one 
Branch on zero 

Branch on zero or minus 


B. Fetching and Storing 


:O 9° ч Ф n £ з го; 


° 


Clear and add to Accumulator, A 

Clear and subtract from Accumulator, A 

Double clear and add to A and Lower Accumulator, L 
Double clear and subtract from A and L 

Transfer to storage 

Exchange A with storage 

Double exchange A and L with storage 

Exchange L with storage 

Exchange Q with storage 


C. Instruction Modification 


l 
е, 


Index (add to next instruction) 
Index and extend 


D. Arithmetic and Logic 


°> о 


- 
о фосчр л р у го р 


* 10. 
° 11. 


Add to A 

Subtract from A 

Add to Storage and A 

Modular subtract from A (mixed number system) 
Add 1 to storage (Increment) 

Increase absolute value of storage by 1 (Augment) 
Decrease absolute value of storage by 1 (Diminish) 
Double add A and L to storage 

Logical product to A 

Multiply; product to A and L 

Divide A and L by storage; quotient to A 


E. Input Output 


е L 
£i να 
+3, 
"4 
"5 


° 6. 


1. 


Transfer channel to A 

Transfer A to channel 

Logical product (of A and channel! to A 
Logical product to channel and A 
Logical sum to A 

Logical sum to channel and A 
Exclusive or to A 


* Requires Extend instruction 
MCT * Memory Cycle Time 


TABLE 6-4 Normal instructions 
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Fixed Only 
Erasable 
Fixed only 
Fixed only 
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All 
All 
Erasable 
Erasable 
Erasable 
Erasable 
Erasable 
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All 


All 

Erasable 
Erasable 
Erasable 
Erasable 
Erasable 
Erasable 
Erasable 
All 

All 

Erasable 


Channels 
Channels 
Channels 
Channels 
Channels 
Channels 
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ciliation is required after every operation. For example, (+6, +4) + 
(—4, —6) = (+2, —2), a mixed sign representation of (+1, +8). Since 
addition and subtraction are the most frequent operations it is economical to 
store the result as it occurs and reconcile signs only when necessary. When 
overflow occurs in the addition of two components a one with the sign of the 
overflow is carried to the addition of the next higher components. The sum 
that overflowed retains the sign of its operands. This overflow is termed an 
interflow to distinguish it from an overflow that arises when the maximum 
multiple-precision number is exceeded. 

For triple and higher orders of precision, multiplication and division 

become excessively complex, unlike addition and subtraction where the 
complexity is only linear with the order of precision. Apollo programs do not 
require greater than double-precision multiplication and division, however. 
The algorithm for double-precision multiplication is directly applicable to 
numbers in the independent sign notation. The treatment of interflow is 
simplified by a double-precision add instruction. Double-precision division 
is exceptional in that the independent sign notation may not be used; both 
operands must be made positive in identical sign form and the divisor nor- 
malized so that the left-most non-sign bit is one. A few triple-precision quan- 
tities are used in the AGC. These are added and subtracted using independent 
sign notation with interflow and overflow features the same as those used for 
double-precision arithmetic. 
Instruction Set — The major goals in the AGC were efficient use of memory, 
reasonable speed of computing, potential for elegant programming, efficient 
multiple-precision arithmetic, efficient processing of input and output and 
reasonable simplicity of the sequence generator. ‘The constraints affecting 
the order code as a whole were the word length, one’s complement notation, 
parallel data transfer and the characteristics of the editing registers. The 
following rules governing the design of instructions arose from these goals 
and constraints: three bits of an instruction word are devoted to operation 
code, address modification must be convenient and efficient, there should be 
a multiply instruction yielding a double length product, facility for multiple 
precision must be available and a Boolean combinatorial operation should be 
available. These rules are by no means complete, but give a good indication 
of what kind of instruction set was desired. 

The three bits reserved for instruction codes are capable of rendering a 
selection among eight operations with no further refinement. Two techniques 
are employed in the AGC to expand the number of operations fourfold. 
These are called “extension” and “partial codes” respectively. Extension is 
like using a teletype shift code; when an Extend instruction occurs, it signifies 
that the next instruction code in sequence is to be interpreted otherwise than 
normally. By this means, the instruction set could be expanded almost 
indefinitely at a penalty in speed, for a memory cycle time is required for 
each extension. In the AGC the size of the instruction set is doubled by an 
Extend operation, which calls forth the less-often used instructions. For 
example, code ooo selects the Transfer Control instruction unless it is pre- 
ceded by an Extend, in which case it selects an Input-Output instruction. 

Partial codes are instruction codes which encroach upon the address field. 
This technique capitalizes upon the essential difference between fixed and 
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Α. Involuntary 


l. Transfer to interrupt program, store c (Z) and c(B) 3 MCT Limited 

2. Increment by 1 ] MCT Counters 
3. Increment by - 1 1 MCT Counters 
4,  Diminish absolute value by 1 ] MCT Counters 
5. Shift left 1 MCT Counters 
6. Shift left and add 1 1 MCT Counters 


B. Address Dependent 





1. Resume interrupted program = Index 0017 (octal) 2 MCT 
2. Extend * Transfer control 0006 1 МСТ 
3. Inhibit interrupt = Transfer control 0004 1 MCT 
4, Permit interrupt = Transfer contro! 0003 1 МСТ 
5. Cycle right each access Address 20 (octal) 
6. Shift right each access Address 21 (octal) 
7. Cycle left each access Address 22 (octal) 
8. Shift right seven places each access Address 23 (octal) 
MCT * Memory Cycle Time 
TABLE 6-5 Special instructions 
O +4 VOLTS 
O OUTPUT 


INPUT **! 


а) EQUIVALENT CIRCUIT OF NOR GATE 


— 
INPUTS; ————e OUTPUT 
— 


b) DIAGRAM NOTATION FOR NOR GATE 


— 
INPUTSI —ə = OUTPUT 
— ⸗ 


C) DIAGRAM NOTATION FOR UNPOWERED 
NOR GATE (+4 VOLTS DISCONNECTED) 


Fic. 6-4 The NOR gate 
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erasable memory. More specifically, a wider variety of instructions are applic- 
able to erasable than to fixed memory; for example, all instructions which 
modify the operand register are not fully applicable for fixed memory. Since 
the fixed memory address field in the AGC is three times as big as the 
erasable memory field, it is possible to pack three extra erasable memory 
instructions into that portion of the entire address field. Thus operation code 
101 for addresses 0 through 1777 (octal) selects the Index instruction for the 
erasable memory, whose address field is also 0 through 1777 (octal). The same 
operation code for addresses 2000-3777 (octal) selects a Double Exchange 
instruction for erasable memory, whose addresses are obtained by reducing 
the address modulo 2000 (octal). In a similar way, the Transfer to Storage 
instruction is selected by the same code for addresses 4000-5777 (octal), and 
the Exchange A instruction for addresses 6000-7777 (octal), both for erasable 
memory. Alternatively, the entire fixed memory field may select a different 
instruction for fixed memory, or else the same instruction may be selected 
over the entire address field. 

Table 6-4 lists the normal AGC instructions. These include facility for 
double-precision data handling and addition. Many of these instructions are 
similar to one another and share microprogram steps. Input and output are 
handled to a large extent by special registers called channels, which are not 
accessible through the regular address field. In the version of the AGC prior 
to the present one, this was not true; the input and output registers were 
addressable for any instruction. Here, the channels are accessible by the 
input-output instructions alone. A slight extra degree of freedom is provided 
by making the Lower accumulator (L) and Return address (Q) registers 
accessible through channels 1 and 2 as well as through regular addresses 1 
and 2. This is primarily to allow the programmer to take advantage of the 
or and exclusive or input-output instructions. 

The remainder of the AGC instructions are involuntary or address de- 
pendent, and are listed in Table 6—5. The last four are not really instructions, 
but are rather editing operations on all words written into the specified four 
addresses. They are tabulated as instructions only because such operations 
have instruction status in most computers. 


HARDWARE 
Logic — The design of the Apollo Guidance Computer began at a time when 
microcircuits were first being produced. Microcircuits held great promise 
but were not well enough proven for the design of this computer to be based 
on them; magnetic core and transistor logic had been used in its immediate 
ancestry and was scheduled to be used here. Nevertheless, during the first 
year of design microcircuits were evaluated for possible use in the AGC. 
When it became clear that microcircuits could be reliably produced with 
rigid specifications, the decision was made to substitute them for the core- 
transistor logic. In the course of this change, the power consumption increased 
by a factor of three but size and weight were reduced by half and perform- 
ance and speed were doubled. Moreover, though it could not be known at 
the time, the reliability of the logic hardware was greatly increased. 

One of the important decisions made at that time was to confine the use 
of logic microcircuits to a single type to avoid having to develop successively 
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FiG. 6-5 NOR gate circuit resembling one column of AGC central registers 
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a number of different devices. A logic circuit was required whose operational 
function was capable of synthesizing all switching functions and which was 
simple enough to be controllable, testable and producible. The circuit chosen 
was a NOR gate which employs a configuration known as modified direct- 
coupled transistor logic (DCTL). Three transistors in parallel, along with 
four resistors, form a three-input gate with a fan-out capability of approxi- 
mately 5 and an average propagation delay of about 20 nanoseconds, while 
dissipating about 12 milliwatts of power. A recent modification of design has 
resulted in a new unit with approximately the same specifications except for 
a power dissipation of 5 milliwatts instead of 12. These gates are designed to 
operate over the temperature range from 0 to 70°C. 

‘The importance of using a single circuit should not be underestimated. 
Thousands of logic gates are employed in each computer and barring the use 
of redundancy techniques, every one may be considered critical. Indeed, 
most redundancy techniques depend on randomness of failures; in general 
new components and assembly methods introduce failure modes which make 
erroneous the basic assumptions on which the redundancy is based. High 
reliability is essential for every gate. It can best be attained by standardiza- 
tion, and can only be demonstrated by the evaluation of large samples (8). 
Had a second type of logic microcircuit been employed in the AGC, the 
number of logic elements could have been reduced by about 20%, but it is 
clear that to have done so would have been false economy, for neither of the 
two circuits would have accumulated the high mean time to failure and high 
confidence level that the one NOR-circuit has. 

Logic equations expressed in the familiar AND, OR, NOT notation may 
readily be realized with NOR operators. A two-level and-or expression is 
realizable in a two-level NOR-circuit. The NOR function of three variables 
is as follows: N(x, y, z) = x y z = x + y + z. An AND function is A(x, y, z) 
= x y z, and an OR function is o(x, y, z) = x + y + z. By comparison, 
N(x, y, z) = A(x, y, z) = o(x, y, z). The NOT operation, or complementa- 
tion, is the NOR function of one variable i.e. x = N(x). Complex Boolean 
expressions ordinarily arise only in connection with non-sequential or com- 
binational aspects of the computer logic. Sequential operations require 
storage; and the basic logic storage element is the flip-flop. Two NOR gates 
form a flip-flop if the output of each is an input to the other and if all other 
inputs are normally zero. If one of these other inputs is momentarily made 
equal to one, the flip-flop is forced into one state, whereas if a free input on 
the opposite gate is made equal to one, the other state is obtained. Most 
frequently, the condition for setting a flip-flop to a particular state is that two 
or more other signals simultaneously take on prescribed values. Detection of 
such coincidence requires a NOR operation separate from the flip-flop plus 
any NOR operation required to invert (complement) the inputs. 

It is frequently necessary to implement NOR functions of more than three 
variables and also to be able to drive more than five inputs with a single 
output. For these reasons, NOR gates may be combined so as to increase 
either the input (fan-in) capacity, or the output (fan-out) capacity, or both. 
Fan-in is increased by connecting the outputs of unpowered gates to the 
output of a powered gate. This provides a fan-in of three times the total 
number of gates. Fan-out is increased by connecting the outputs of powered 
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gates together. Both fan-in and fan-out are increased, but the fan-in is not 
available because it is necessary to have each input signal connected to as 
many inputs in common as there are powered gates connected together. This 
is done in order to be able to saturate the transistors whose current gain is 
limited. By simultaneous application of these techniques however, it is pos- 
sible to increase both fan-in and fan-out at the same time. 

An illustrative example of the employment of NOR logic in the AGC is 
provided by the central register flip-flops. Digits are transferred from one 
register to another via common set of wires called write buses. The sending 
and receiving flip-flops are selected by read and write pulses, respectively, 
applied to gates which either set or interrogate the flip-flops of the corres- 
ponding register. Figure 6—5 shows a hypothetical set of three flip-flops 
similar to those in one column of the AGC central register section. Dashed 
lines imply the existence of other registers than the three shown. Diagonal 
lines, or slashes, after signal names denote inverse polarity. Thus WRITE 
BUS/ is normally in the one state, and changes to zero while transferring a 
one. Suppose REG 1 contains a one, i.e. the top gate of its flip-flop has an 
output of zero. At the time that the READ 1/ signal goes to zero from its 
normally one state, the output of the read gate, CONTENT 1, becomes a 
one. This propagates through a read bus fan-in and an inverter and fan-out 
amplifier to make WRITE BUS/ become zero. Suppose that WRITE 2/ is 
made zero concurrently with READ 1/. Then the coincidence of zero’s at the 
write gate of REG 2 generates a one at the input to the upper gate of its 
flip-flop, thus setting the bit to one. 

If REG 1: had contained a zero, the write bus would have remained at 
one, and no setting input would have appeared at the upper gate of REG 2. 
The CLEAR 2 pulse, which always occurs during the first half of WRITE 2, 
would have forced the flip-flop to the zero state, where it would remain; 
whereas when a one is transferred, the SET 2 signal persists after the CLEAR 
2, and thus forces the register back to the one state. Thus the simultaneous 
occurrence of READ 1/, WRITE 2/, and the short CLEAR 2 pulses transfer 
the content of REG 1 to REG 2. Only the content of REG 2 may be altered 
in the process. REG 1 and REG 3 retain their original contents. An instance 
of gates being used to increase fan-in is shown where several CONTENT 
signals are mixed together to form the signal READ BUS/. An increase in 
fan-out is achieved by the two gates connected in parallel to form the signal 
WRITE BUS). 

The main problem of mechanical design in guidance computer logic is 
the creation of signal interconnections, indeed approximately three-quarters 
of the volume of the AGC is used for this purpose. Interconnections are 
primarily of two types: between modules by wrapped wire, and within a 
module by welded matrix. 

The carrier into which all modules are inserted is called a “tray”. The 
AGC comprises two trays; one for logic, power supply and interface modules, 
and the other for memory and ancillary circuit modules. ‘The 15000 jacks 
on the tray into which signal pins are inserted pass through the tray and 
extend out the other side in the form of posts with square cross-sections. 
Interconnections between pins are made by wires whose ends are tightly 
wrapped around the posts without the use of any further contact mechanism 
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Fic. 6-7 Logic module containing 120 microcircuit units 
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such as solder or welds. This method has several advantages; it is executed 
by a machine, which requires only a few seconds per wire, it is controlled by 
a punched card input, it can easily be altered if a change is desired, wires 
can be run point to point if desired and the reliability of the connection is 
extremely high since there is no single point where bending stress is applied. 
Moreover, it is compatible with hand wiring, which is required wherever 
wires are twisted together to protect low level signals or where heavy gauge 
wire is needed in order to accommodate high currents. 

In the AGC, one of the basic goals has been to make the electronic circuits 
in small pieces which are easily installed and removed, for the sake of pro- 
ducibility, testing, easy diagnosis and economical maintenance. This can 
only be realized in so far as it does not excessively degrade the overall packag- 
ing density of the computer for volume is, of course, critically limited in the 
spacecraft. It was found expedient to make twenty-four modules each con- 
taining 120 microcircuit units, separated into two independent groups of 
sixty. The 12-milliwatt gates are packaged one to a unit; sixty gates are 
connected together into a circuit with seventy-two pins to bring signals in and 
out. The more recent 5-milliwatt gates are packaged two to a unit, because 
of their less severe heat transfer requirement. These are organized into sub- 
groups of thirty, such that sixty gates are again connected together; and 
seventy-two pins are again available to each sixty gates. The modules are the 
same size, so that the low-power units are packaged with double the density 
of the high power units. Accordingly, the density of pins and interconnections 
has been doubled along with that of the gates. 

The main method of connection internal to the module is by matrix. 
Gates are disposed in a single row within each sixty-gate sub-group. An array 
of vertical wires, at right angles to the row of gates provides access to every 
connection to the gates. Horizontal conductors (parallel to the row of gates) 
carry signals from gate to gate and from gate to pin. Connections between 
horizontal and vertical matrix members as well as between matrix members 
and gate connection pins are made by a spot welding process. The process 
was developed in an earlier guidance computer project in order to eliminate 
the problems of cold solder joints. 

Power distribution is a special problem in this computer. The current 
drawn by the gates is about 6 amperes for low power gates and about 13 
amperes for high power. For the sake of efficiency, these large currents must 
be distributed from the power supply to the logic modules with very little 
d.c. voltage drop. Moreover, the current return, or zero-volt distribution 
must not sustain any a.c. voltages of such a frequency or amplitude as to 
turn on or turn off a gate inadvertently. This is all accomplished by building 
an interlaced gridwork of heavy conductors upon the terminal posts of the 
tray. Each group of sixty gates shares a ground plane in a module which is 
brought out at three equally spaced places to connect to this gridwork, which 
provides multiple paths for return current much the same às a ground plane. 
The other power line, the positive voltage, is distributed by a gridwork 
circuit to two points on the power bus shared in a module by each sixty-gate 
group. 

The main tray structure of the AGC is an aluminum alloy frame into 
which the modules are affixed by jacking screws, providing a good thermal 
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Fic. 6-8 AGC mockup - front view 





FiG. 6-g AGC mockup - rear view 
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path between modules and tray. The tray in turn is screwed to a cold plate 
where heat is removed. A model of the AGC is shown in Fig. 6-8 and Fig. 
6-9. The front is shown in the first figure, with the outlines of the six fixed 
memory modules just visible. One of the six is partially extracted. The second 
figure shows the rear and the connector deck with system and test connector 
covers. ‘The ruler is calibrated in inches (1 inch = 2.54 cm), 

Memory ~ The erasable memory of the AGC was inherited from its core- 
transistor logic ancestor (9). It is a conventional coincident-current ferrite 
core array whose ferrite compound yields a combination of high squareness 
and a comparatively low sensitivity to temperature. Moreover, the silicon 
transistor circuits which drive this memory vary their outputs with tem- 
perature in such a way as to match the requirements of the cores over a wide 
range, from o G to 70 C. Coincident current selection affords an economy in 
selection circuitry at the expense of speed in comparison with linear (word) 
selection. This is advantageous to the AGC, where the memory cycle time 
is already long, largely due to the fixed memory. The 2048 word array is 
wired in 32 X 64 planes with no splices in the wires for highest reliability. 
The planes are folded to fit into a 9 cubic inch module along with two diodes 
for each select line. Bi-directional currents are generated in each selection 
wire by a double-ended transistor switching network. The selection of one 
wire in 32 is made by twelve switch circuits in an 8 Xx 4 array; the selection 
of one wire in 64 is made in an 8 x 8 array. The operation of the switching 
network is illustrated in Fig. 6-10. The transistors are driven by magnetic 
cores, which offer two advantages over all-transistor circuits; small size and 
storage of address for data regeneration. Again, this circuit economy is 
realized at the expense of speed. The timing of the currents which operate 
the switch cores is based on the duration of the write current in the memory 
array, which is 2 microseconds. Two current drivers with controlled rise 
times, one for reading and one for writing, are used on each of the two drive 
select networks, Sixteen more such drivers are used to drive the digit lines 
which contro] the writing phase of the memory cycle. Current amplitude is 
governed by the forward voltage drop across a silicon junction, so that 
temperature compensation is achieved without any circuit complications for 
changes in coercive force. 

The output signal from the memory cores has an amplitude of about 50 
millivolts. Transformer coupling to the sense amplifiers provides common 
mode noise rejection and a voltage gain of two. The sense amplifiers have a 
differential first stage operated in the linear or class A mode. A second stage 
provides threshold discrimination, rectification and gating, or strobing. ‘Three 
reference voltages are generated for the sense amplifiers by a circuit whose 
temperature characteristics compensate for amplitude and noise changes in 
the memory. 

The sense amplifiers are implemented as integrated circuits in order to 
realize a number of advantages inherent in single-chip semiconductor cir- 
cuits. Differential amplifiers pose a special problem in component matching 
both internal to a single amplifier in achieving balance and among a group 
of amplifiers in achieving uniform behaviour for common reference voltages. 
In discrete-component amplifiers a great deal of time and effort go to speci- 
fying and selecting matching sets of circuit components. In an integrated 
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circuit, however, balance is readily achieved owing to the extremely close 
match between transistors on the same silicon chip exposed to the same 
chemical processes. A similar situation holds for uniformity from one ampli- 
fier to another. Within the same batch, amplifiers tend to be very much 
alike, their differences being easily compensated by external trimming 
resistors. The efforts expended in specifying the integrated sense amplifier 
and in a program of reliability testing are little if any more costly than for 
discrete component amplifiers. Indeed, for a given degree of matching, the 
cost may be expected to be lower for the integrated circuit. 

Considerably more complex than the integrated NOR gate used in the 
AGC, the sense amplifier is used in far less number (32 per computer), so 
that it is feasible to test and screen each amplifier more comprehensively than 
a NOR gate, of which there are over 5000 in each AGC. Performance of the 
sense amplifiers has been superior, with no spontaneous failures recorded in 
about a million operational device-hours as of this writing. Their small size 
is advantageous in obtaining temperature tracking, since it is not difficult to 
keep them at a temperature close to that of the memory cores. Where sense 
amplifiers have historically been the “weak link” of computer memory 
systems, the integrated sense amplifier has already been proven to be at least 
on a par with the rest of the memory electronics. 

The AGC fixed memory is of the transformer type and was developed at 
M.I.T., (5, то). It is designated a *'core rope" memory owing to the physical 
resemblance of early models to lengths of rope. Incorporated into its wiring 
structure is an address decoding property, because of which its cycle time is 
not as short as that of some other transformer memories whose address de- 
coding is external. The resulting bit density is extremely high; approximately 
1 500 bits per cubic inch (or about 100 bits per cubic centimeter) including 
all driving and sensing electronics, interconnections and packaging hard- 
ware. This high density of storage is achieved by *'storing" a large number of 
bits in each magnetic core. A stored bit is a one whenever a sense wire threads 
a core and is a zero whenever it fails to thread a core. The total number of 
bits is the number of cores multiplied by the number of sense lines having а 
chance to thread the cores. The AGC’s memory is composed of six modules. 
Each module contains 512 cores and 192 sense lines and hence contains 
192 98304 bits of information. This information is permanently wired; 
once the module has been manufactured not a single bit can be changed, 
either intentionally or unintentionally, except by physical destruction or by 
failure of one or more of a number of semiconductor diodes whose functions 
are described in the following paragraph. 

In the operation of the rope memory a core is switched in a module, thus 
inducing a voltage drop in every sense line which threads the core. Only one 
word is read at a time so that of the 192 sense lines, only 16 are connected 
to the sense amplifiers to detect which have voltage drops and hence store 
one's. Thus it is that each core stores 12 words; and within each module a 
switching network is included in order to transmit no more than one of the 
12 to the module's output terminals. The principle of the switching network 
is illustrated in Fig. 6—17. It consists of diodes and resistors connected so as 
to block the sense line's output when sense line diodes are reverse-biased as in 
the case of d5 and d6, and to transmit it when the sense line diodes are for- 
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ward biased, as in the case of di and da. A second-stage switch composed of 
dg and dq is used to select one of six modules’ outputs to be transmitted to 
the sense amplifiers. Only the selected line in the selected module is trans- 
mitted; all others are blocked by one or two sets of reverse-biased diodes. All 
of these selection diodes are physically located in the rope modules to mini- 
mize the number of terminals necessary for each module. The application of 
selection voltages to the line and module select terminals is a part of the 
address decoding which is external to the rope; the balance is internal. 

The means by which a single core in a module is caused to switch is as 
follows: First, a switching current is applied, which attempts to set 128 cores. 
Four such current lines serve a 512 core module. Second, an inhibit current is 
simultaneously applied to either the first half or the second half of each group 
of 128 cores. ‘Two inhibit lines exist for this purpose. Third, another inhibit 
current is simultaneously applied to either the first or the second half of each 
half-group. Two more inhibit lines exist for this purpose. Fourth, six more 
pairs of inhibit lines exist for the purpose of reducing the uninhibited core 
groups successively by halves until only one core is left uninhibited. One 
member of each inhibit pair carries current at a time; there are 8 pairs in all 
to select among 27? cores, of which 7 pairs correspond to the 7 low order 
address bits. The eighth pair is logically redundant, being selected by the 
parity of the address. The redundancy is used to reduce the amount of 
current required in each inhibit line. After the selected core has switched, a 
reset current is passed through all cores. Only the core which was just set will 
change state, and the sense amplifiers may be gated on during the set or the 
reset part of the cycle to read information out of the memory. The noise level 
during reset is lower than during set for a number of reasons, but the access 
time, which is the time it takes to read the memory after the address is avail- 
able, is longer that way. Both ways have been used in the AGC; the newer 
design uses the longer access time and produces the address earlier to make 
up for it. 


INTERFACE METHODS 
General — Information transfer between the AGC and its environment 
occupies a substantial fraction of the computer's hardware and its time 
budget. An attempt has been made to minimize the number of different types 
of circuit involved. This minimizes engineering effort and makes the com- 
puter more easily produced and tested. The impact of this design philosophy 
on the system has been substantial and it came about only by active co- 
operation between subsystem design and system integration groups. ‘The 
nature of information handled through the interfaces is varied. In some cases 
computer words are transferred bodily into and out of the computer. Pre- 
launch and in-flight radio links are maintained between the computer and 
ground control. 

Owing to the great difference in data rates between up and down direc- 
tions, the mechanizations differ considerably. ‘The down link operates at a 
relatively high rate (50 AGC words or 800 bits per second) and is made so 
as to occupy a minimum of the computer’s time budget, The circuit is rela- 
tively expensive. It serializes a word stored in parallel in a flip-flop register 
and, upon command, sends the bits in a burst to the central timing system of 
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Number of Discrete Inputs 


Number of Input Pulses 
(Serial and Incremental) 


Number of DC Output Discretes 


Number of Variable Pulsed Outputs 
(Serial, Incremental, and Discrete) 


Number of Fixed Pulsed Outputs 


Number of Connector Wires 


TABLE 6-6 AGC interface summary 
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a minimum of reference to signals outside the computer and reduces 
the number of signals across the interface. This principle is particularly 
important for signals whose functions are to interrupt normal program 
sequences. 

Inputs — Incremental and serial inputs are received in special erasable 
memory cells called “counter registers”. They are made special by the fact 
that pulses received by the computer cause short interruptions of the pro- 
gram sequence during which one of these registers is interrogated and 
modified. Just which counter register is involved and what the modification 
to its contents is are determined by the particular input being responded to. 
Since there are twenty-nine of these registers, some provision must be made 
to accommodate simultaneous requests for servicing several counter registers. 
The circuit which accomplishes this and in addition satisfies the principle of 
asynchronism is known as the “Counter Priority” circuit. This circuit stores 
incoming pulses until they can be processed. If more than one request is 
pending, preference is given to the one for the counter register whose address 
is lowest. 

When the ‘Counter Increment” cycle begins, the priority circuit delivers 
to the S register the address of the counter register having the outstanding 
request of highest priority. At about the same time, the choice is made as to 
how the counter’s contents will be modified when they are obtained. This 
choice is based upon the source of the request. ‘The counter word is shifted 
if it is one of the serial data receiving counters. If the **one" input received 
the request, a low order one is added after shifting; if the “zero” input re- 
ceived the request nothing is added. When the register is full, a program 
interrupt is requested. For a counter which is an incremental receiver, a low 
order plus one or minus one is added, depending upon whether the positive 
or negative requesting input was received. Since counter words are in the 
erasable memory, they are always readily accessible by any program. Each 
increment or shift requires a memory cycle for its execution, so the aggregate 
counting rate has to be limited in order to avoid an excessive use of the com- 
puter's time budget. In some instances, this requires having a logic circuit 
between the interface and the priority circuit which prevents the input pulse 
rate from exceeding a chosen level. 

Two types of discrete inputs to the computer are distinguished, interrupt- 
ing and non-interrupting, the latter class being much larger than the former. 
Non-interrupting discrete inputs are signals which can be interrogated by 
input-output channel instructions. They are mechanized either as d.c. inputs 
through a filter to a logic gate, or as a.c. signals, transformer coupled to a 
flip-flop which is reset after interrogation. Interrupting inputs, in addition 
to appearing where they can be interrogated, announce their presence to the 
computer’s sequence generator by initiating a program interrupt. A priority 
circuit similar to the Counter Priority circuit buffers the asynchronism of the 
inputs and resolves ambiguities caused by simultaneous interrupt requests. At 
the earliest permissible time, the Interrupt Priority circuit forces a transfer 
of control to a particular address, where the computer program interro- 
gates the appropriate inputs and initiates any necessary action. The original 
program is then resumed at the point where it was interrupted. Interrupt 
programs never exceed a few milliseconds in running time. 
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Serial or | imum | 
Purpose Incremental| Nature of Signal Implementation 


Digital down 50 bursts of 40 La = ~ 
data link pulses each 51.2 KC Special circuit 
Digital up 10 ог fewer bursts | 
data link of 16 pulses each | LC | Counter increment 

Digital 10 or fewer bursts 
cross links of 16 pulses each 3.2KC | Counter increment 


Altitude 2 or fewer bursts | 
display of 16 pulses each 3.2KC | Counter increment 


10 or fewer bursts 


data link of 16 pulses each Counter increment 


Gimbal and All rates 


. а іп 
optics angles to maximum Counter increment 


PIPA velocity All rates 0 


. . r . 
increments to maximum Counter increment 





; Occasional bursts of f 
Gyro torquing Counter increment 


0 to 214 pulses 


Engine thrust Occasional bursts of f 
11 Counter increment 


control 0102 pulses 


i š Occasional bursts of | 
Engine steering 11 Counter increment 
0to2 pulses 





TABLE 6-7 Partial list of serial and incremental interface characteristics 
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Fic. 6-24 Block diagram of AGC display and keyboard unit 
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Outputs — With one major exception, the AGC uses its counter register 
processing facility to make all conversions from parallel words to serial and 
incremental pulse trains. The exception is the down data link circuit men- 
tioned previously, where a rather costly circuit is used so that the high bit 
rate will not detract from the time budget. Serial outputs originate from 
counter registers which contain the word to be transmitted. Fifteen successive 
shifting requests are applied to the Counter Priority circuit; each time an 
overflow occurs during the shifting process, a one pulse is sent to a transformer 
output circuit. If no overflow occurs, a pulse representing a zero is sent to 
another output. This is a self-timing form of serial transmission, and is fully 
compatible with the serial input counter circuits. 

Incremental transmission is made by placing a number in an output 
counter register and activating the Counter Priority circuit at a fixed rate of 
3200 times per second. Each time the counter is processed, the number in 
the counter register is diminished by a low order one of such a sign that the 
register's contents approach zero. An output pulse is generated concurrently 
each time on one of two lines, depending on the sign of the number in the 
counter register. When the number has reached zero, the periodic activation 
of the Counter Priority circuit ceases and the pulse burst terminates. Bursts 
of anywhere from one to 1 6384 pulses can be generated this way. 

Two forms of digital-to-incremental-to-analog conversion are used in the 
Apollo Guidance Equipment. 'The simpler of the two is used for gyro torqu- 
ing. During an output pulse burst, a precision current source is gated on so 
that an amount of charge proportional to the desired angle change is forced 
through the torquing element. A single precision element is used for this 
form of conversion, but external storage is required for the result. In this 
case the storage is in the mechanical gyro angle. The second form uses a 
counting flip-flop register and a resistance ladder. The number in the 
register controls the switching of a set of precision resistors in an operational 
amplifier network such that the amplifier output is proportional to that 
number. These ladder networks are located physically in the Coupling Data 
Units. An incremental form of information transfer from the computer to the 
Coupling Data Units is used in order to minimize the interface. Several 
precision elements are needed for this kind of conversion but no external 
storage is needed. Thus these analog signals are available as voltages for driving 
such equipment as attitude displays and steering gimbals for a rocket engine. 

Discrete outputs are controlled either directly or indirectly by program. 
Typically, a discrete output is turned on by placing a one in the proper bit 
position of an output channel, which sets a flip-flop. If the output is trans- 
former coupled, the flip-flop signal drives a transistor output circuit. For 
higher power levels, the transistor output circuit drives a relay located in the 
Display and Keyboard unit and the relay’s contacts are connected to the 
interface. Fixed outputs are steady pulse trains which are used to synchronize 
other equipment. Nearly all of these are transformer coupled and are 
generated simply by driving the transformer circuit with the appropriate 
pulse signal. 

Display and Keyboard — The Display and Keyboard unit (abbreviated 
DSKY) is in some respects like an integral computer part, yet it is operated 
with the same interface circuits used for connection to other subsystems and 
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DP = double precision 


Operator Average Execution Time, 
Milliseconds 

DP Add 0, 66 

DP Subtract 0, 66 

DP Multiply 

DP Divide 

DP Sine 

DP Cosine 

DP Arc Sine 


DP Arc Cosine 

DP Square Root 

DP Square 

DP Vector Add 

DP Vector Subtract 

DP Vector x Matrix 

DP Matrix x Vector 

DP Vector x Scaler 

DP Vector Cross Product 
DP Vector Dot Product 


TABLE 6-8 Partial list of interpretive operators 
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systems. Since it serves as the channel for human communication with the 
computer it needs a rather high peak data rate without either being very large 
in itself or having overly many wires between itself and the computer located 
a few meters distant along a cable. The principal part of the display is the 
set of three light registers, each containing five decimal digits composed of 
electroluminescent segmented numerical lights. Five digits are used so that 
an AGC word of 15 bits can be displayed in one light register by five octal 
digits. No fewer than three registers are used because of the frequent need to 
display the three components of a vector. No more than three are used 
because the extra space and weight penalty cannot be justified. In addition 
to the numerical lights, a sign position is included in each light register. The 
convention is used that when a sign appears, the number is to be interpreted 
as decimal. Otherwise it is taken to be octal. 

Electroluminescent lights are small and easy to read, and require rela- 
tively little power. They are driven by an 800 cycle alternating voltage 
supply, switched by miniature latching relays. These have a substantial 
power advantage over the equivalent electronic circuitry. The contacts, well 
suited to the high a.c. voltage, are used for decoding, while the latching action 
provides a storage function. Both latching and non-latching relays are used 
for interfaces with other subsystems and systems and are located in the 
DSKY’s where they share driving circuits with the light register relays. A 
double-ended selection matrix is used for actuating the relays. This is or- 
ganized so that one of fourteen groups of eleven relays is set at a time. 
Eleven signals are required from the computer to govern the configuration 
of the eleven relays in a group and four more bits are used to select one group 
out of fourteen, making fifteen bits. The fact that this is the size of an AGC 
word is not entirely coincidental. This arrangement allows one word in the 
DSKY output channel to control enough relays to light two numbers in a 
light register and one stroke of a sign. 

Digits are entered into the computer from a keyboard of nineteen push 
buttons including the ten decimal digits, plus and minus and a number of 
auxiliary items. No more than one key is depressed at a time, so the nine- 
teen key functions can be encoded into five signals. This is done by a diode 
matrix in the keyboard section of the DSKY. In order that each key depres- 
sion can be quickly gathered and interpreted, the key code inputs to the 
computer are of the interrupting type. The key input channel is interrogated 
by the keyboard interrupt program, which also makes a request to the 
computer’s executive program to process the character at the earliest oppor- 
tunity. A “trap” circuit logically differentiates the leading edge of the key 
code signal so that no more than one interrupt is made for each depression 
of a key. This trap circuit is reset by a signal through all of the normally 
closed contacts of the keys; the reset signal is present only when all keys are 
released. Problems from key contact bounce are avoided by having flip- 
flops at the input channel to receive the key code signals. 

In addition to the three light registers, the display has other digit displays 
labeled verb, noun, and program. The keyboard has keys labeled verb, noun, 
enter, and clear as well as three others. These are used to enable concise yet 
flexible communication between man and computer. Commands and re- 
quests are made in the form of sentences each with an object and an action, 
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such as “display velocity” or “load desired angle". The first is typical of a 
command from man to machine; the second is typical of a request from 
machine to man. The DSKY is designed to transmit such simple commands 
and requests made up of a limited vocabulary of 63 actions, or “verbs” and 
63 objects, or *nouns"'. These verbs and nouns are, of course, displayed by 
number rather than by written word; so it is necessary to learn them or else 
to have a reference document at hand. To command the computer, the 
operator depresses the verb key followed by two octal digit keys. This enters 
the desired verb into the computer, where it is stored and also sent back to 
the DSKY to be displayed in the verb lights. The operator next enters the 
desired noun in similar fashion using the noun key, and it is displayed in 
the noun lights. When the verb and noun are specified, the enter key is 
depressed, whereupon the computer begins to take action on the command. 

When the computer requests action from the operator, a verb and a noun 
are displayed in the lights and a relay is closed which causes the verb and 
noun lights to flash on and off so as to attract the operator’s attention and 
inform him that the verb and noun are of computer origin. To illustrate the 
usefulness of the requesting mode, consider the procedure for loading a set of 
three desired angles for the IMU gimbals. The operator keys in the verb and 
noun numbers for “load 3 components, IMU gimbal angles”. When the 
enter key is depressed, the computer requests that the first angle be keyed 
in by flashing and changing the verb and noun lights to read “‘load first 
component, IMU gimbal angles". Now the operator keys in the angle digits, 
and as he does so the digits appear in light register number one. When all 
five digits have been keyed, the enter key is depressed. The verb and noun 
lights continue to flash but call for the second component; when it has been 
keyed and entered, they call for the third component. When the third com- 
ponent has been entered, the flashing stops, indicating that all requests have 
been responded. If a mistake in keying is observed, the clear key allows the 
operator to change any of the three angles previously keyed until the third 
angle has been entered. 

Program lights give the operator an indication showing what major 
programs the computer is running. Additional features of the DSKY are 
discrete alarm and condition lamps, a condition light reset key and a key 
with which the operator relinquishes his use of the display lights to the 
computer. The last named function is useful because it is not always known 
a priori whether the operator's command has a higher priority than the 
computer's request. This is resolved by having the operator make the 
decision. If a keyboard entry sequence is in progress at a time when the 
computer program has a request or a result to display, a condition lamp is 
turned on to notify the operator of the fact. When he is ready to have the 
computer use the display, he need only depress this release key. 


UTILITY PROGRAMS (II, 12, 13) 

Interpreter — Most of the AGC programs relevant to guidance and naviga- 
tion are written in a parenthesis-free pseudocode notation for economy of 
storage. In a short word computer, such a notation is especially valuable, for 
it permits up to 32 768 addresses to be accessible in a single word without 
sacrificing efficiency in program storage. This notation is encoded and stored 
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in the AGC as a list of data words. An AGC program called the ““interpreter'' 
translates this list into a sequence of subroutine linkages which result in the 
execution of the pseudocode program. A pseudocode program consists of 
lists called **equations". Each equation consists of a string of operators fol- 
lowed by a string of addresses to be used by the operators. Two operators 
are stored in an AGC word, each one being 7 bits long. A partial list of opera- 
tors appears in Table 6-8. 

Use of the interpreter accomplishes a saving in instruction storage over 

programs generated in an automatic compiler and it affords the programmer 
a rapid and concise form of program expression which liberates him from the 
time consuming job of programming in basic machine language. In so doing 
it expands the instruction set into a comprehensive mathematical language 
accommodating matrix and vector operations upon numbers of 28 bits and 
sign. This is made possible at the modest cost of a few hundred words of 
program storage and the cost of about an order of magnitude in execution 
time over comparable long word computers. 
Executive — All AGC programs operate under control of the Executive 
routine except those which are executed in the interrupt mode. Executive 
controlled programs are called ''jobs" as distinct from so-called ‘“‘tasks’’, 
which are controlled by the Waitlist routine and completed during interrupt 
time. The functions of the Executive are to control priority of jobs, to permit 
time sharing of erasable storage and to maintain a display discrete signal 
denoting “Computer Activity”. Jobs are usually initiated during interrupt 
by a task program or a keyboard program. The job is specified by its starting 
address and another number which gives it a priority ranking. As the job 
runs, it periodically checks to see if another job of higher priority is waiting 
to be executed. If so, control is transferred away until the first job again 
becomes the one with highest priority. No more than 20 milliseconds may 
elapse between these periodic priority checks. 

When a job is geared to the occurrence of certain external events and must 
wait a period of time until an event occurs it may be suspended or “‘put to 
sleep". 'The job's temporary storage is left intact through the period of inac- 
tivity. When the anticipated event occurs the job is “awakened” by transfer 
of control to an address which may be different from its starting address. If 
a job of higher priority is in progress, the ‘‘awakening” will be postponed 
until it ends. When a job is finished it transfers control to a terminating 
sequence which releases its temporary storage to be used by another job. 
Approximately ten jobs may be scheduled for execution or in partial stages 
of completion at a time. 

Waitlist — The function of the Waitlist routine is to provide timing control 
for other program sections. Waitlist tasks are run in the interrupt mode, and 
must be of short duration, 4 milliseconds or less. If an interrupt program were 
to run longer it could cause an excessive delay in other interrupts waiting to 
be serviced since one interrupt program inhibits all others until it calls for 
resumption of the normal program. 'The Waitlist program derives its timing 
from one of the counter registers in the AGC. The Counter Priority stage 
which controls this counter is driven by a periodic pulse train from the 
computer’s clock and scaler such that it is incremented every 10 milliseconds. 
When the counter overflows, the interrupt occurs which calls the Waitlist 
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program. Before the interrupting program resumes normal program it pre- 
sets the counter so as to overflow after a desired number of 10 millisecond 
periods up to a limit of 12000 for a maximum delay of 2 minutes. If the 
Waitlist is to initiate a lengthy computation, then the task will initiate an 
Executive routine call so that the computation is performed as a job during 
non-interrupted time. 

Display and Keyboard – The programs associated with operation of the 
two Display and Keyboard units are basic to the employment of the AGC 
in the Apollo Guidance and Navigation system. These programs are long 
but their duty cycle is low so that their use of the time budget is reasonably 
small. Key depressions interrupt to a program which samples the key code, 
makes a job request to the Executive, and then resumes. When this job is 
initiated, it examines the code and makes numerous branches based on past 
and present codes to select the appropriate action. Nearly always, a modifica- 
tion of the light registers in the display is called for. A periodic interrupt pro- 
gram similar to Waitlist, but occurring at fixed time intervals, performs the 
required display interface manipulations after it has been initiated by the 
job. More complex situations occur as a result of lengthy processing of data 
and periodic re-activation of a display function. For example, it is possible 
to call for a periodic decimal display of a binary quantity, for which the 
Waitlist is required to awaken a sampling and display job every second. This 
job samples the desired register or registers and makes the conversion to 
decimal according to the appropriate scaling for the quantity, i.e. whether 
it is an angle, a fraction, an integer etc. and where the decimal point is 
located. The Display and Keyboard programs are highly sophisticated 
routines to which a certain amount of computer hardware is expressly devoted 
for the sake of efficiency. They also make full use of the Executive and Waitlist 
functions to furnish a highly responsive and flexible medium of communica- 
tion. 
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MECHANIZED AIDS TO DESIGN AND 
PRODUCTION 


MANUFACTURING 

A number of automated processes are employed in the production of the 
Apollo Guidance Computer hardware. This has been done largely for the 
sake of minimizing human error and thus minimizing the consequent prob- 
lems of reworking parts which were improperly built. The case of the 
computer consists of metal pieces processed on a numerically controlled 
milling machine. Signal matrices which interconnect microcircuit logic 
packages within a 60-package module are made semiautomatically, using 
punched paper tape to control a punching die which forms a matrix layer 
from a thin sheet of metal. Layers are insulated and stacked by hand before 
being hand-welded to the logic packs. 

Another tape-controlled semiautomatic process is used for threading sense 
wires in Core Rope memory modules. Information on paper tape is used to 
position a rope fixture for an operator to pass a wire bobbin through core 
holes in which one’s are to be stored, bypassing those where zeros belong. ‘The 
bobbin is passed as many times as there are one’s on the particular sense wire ; 
following each pass the tape is advanced so as to cause the fixture to be 
properly positioned for the next pass. When all 1g2 wires have been fully 
threaded and terminated, the module is tested on a rope memory tester which 
operates the module as it will be operated in the computer. A punched tape 
input to the tester is compared against the information content of the 
module. 

Interconnections between modules are made by wire which is terminated 
by tightly wrapping it about a rectangular post. ‘The wrapping process may 
be done manually or automatically. In the AGC most of the wiring is done 
automatically by a machine whose information input is in the form of 
punched cards. The machine positions the wire over the pins with as many as 
two right angle (90°) bends in it, cuts it, strips the insulation at the ends and 
wraps both ends. 


INTERCONNECTING WIRING 

The raw data for interconnection of modules is necessarily originated by 
hand. There have been several instances of computer makers using auto- 
mated logical design procedures in which the manual input was in the form 
of Boolean expressions to be mechanized. Such procedures, attractive as they 
sound, are difficult to prepare and check out and owing to their necessary 
inflexibility are not as efficient in hardware utilization as manual design 
methods. In the AGC, logic circuits are assigned to modules when they are 
drawn, and terminal assignments are made at the same time. À name is given 
cach terminal signal using the rule that all terminals bearing the same signal 
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name shall ultimately be connected together and no connections shall be 
made between terminals bearing different names. 

A punched card is prepared for every used terminal of every module, 
whether it be a logic module or any other kind. These cards are accepted by 
a so-called **Wirelist" program which sorts the inputs by signal name to show 
the terminal groups. On each card pertaining to a logic module a number is 
added stating the loading or generating nature of the circuits connected to 
the terminal within the module. The Wirelist program processes these 
numbers showing for each signal name (group) whether the load exceeds the 
drive or vice versa, and by how much. This is a useful feature, for whereas 
it is not difficult to analyze loading of a signal entirely contained in a module 
and hence drawn on a single sheet of paper, it is perplexing to analyze load- 
ing on a signal which goes several places and appears on several different 
drawings. The Wirelist program prepares a printed document showing the 
terminal groups listed alphabetically and also showing the signal names for 
each module terminal listed in numerical order. The information file, ob- 
tained from the cards and stored on tape, constitutes the input to the pro- 
gram which prepares the card deck for the wire-wrap process. 

‘The preparation of the card deck for wire wrapping would be a tedious 
task without the aid of automatic data processing. Starting from a magnetic 
tape file listing all of the interconnections in the AGC, a computer program 
assigns a path to each wire, punches the card deck and prints a listing of what 
it has done. ‘The program examines in order each group of terminals which 
are to be wired together. Since there is no pre-specified order in which the 
terminals in a group are to be joined to one another, the program tries to 
minimize the wire length by a sequential trial and error process. Not all 
possible configurations can be tried owing to the excessive time required, so 
an algorithm is used which can find an optimal or nearly optimal solution in 
a short time. The program thus arrives at a definition of the connections 
within a group, i.c. a list of terminal pairs. 

It is next necessary to decide how a wire will proceed from one terminal 
to the other, a straight line is only possible if the terminals happen to lie in the 
same row or column. A rectangular layout pattern is used so as to avoid choking 
the gaps between terminals. The program first tries to assign either a straight 
wire or one with a single bend. If wires previously assigned have blocked the 
gaps through which this would have to pass, then another assignment is tried. 
If all possible assignments have been tried without success, no control card is 
punched for this wire. Rather an entry is made on the printed listing calling 
for a manual insertion of the wire after the automatic wrapping is complete. 


PROGRAM PREPARATION 

Assembler — The standard programming language for the AGC is an 
assembly language, in which each machine word of program is represented 
by a symbolic expression on an 80-column punched card. In fact, it can be 
said that there are two programming languages, basic and interpretive, and 
that any sizable program contains large amounts of both, As these languages 
are mutually exclusive, that is, no expression in one can be mistaken for any 
expression in the other, the assembler readily handles any mixture of the 
two. The punched-card format consists of three main fields. 
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(a) Location field, which may be used to assign a symbolic name to the 
location of the machine word defined on the card. 

(b) Operation Code field, containing a symbolic code specifying the 
operation to be done, which determines whether the expression on 
the card is in basic or interpretive language. 

(c) Address field, which in basic language usually contains a wholly or 
partially symbolic expression that specifies the address of the location 
to be operated upon. 

There are many exceptions in detail to those definitions, only the most 
common use of each is given. Ample space is provided also for explanatory 
remarks, which are an integral part of the assembly-language file of a pro- 
gram. The printed listings made during assemblies, which for complete 
mission programs run to several hundred pages, thus constitute a medium of 
communication among the fifty or so engineers who do most of the pro- 
gramming. 

The assembly program itself runs on the Instrumentation Laboratory’s 
Honeywell 1800 data processing installation and performs in parallel its two 
major tasks, assembly and updating. The assembly process translates pro- 
grams in assembly language into absolute binary form for simulation and 
manufacturing, prints a listing in which the symbolic and absolute forms of 
each word of the program are displayed side by side and prints diagnostic 
information about syntactical errors. The assembly process also allocates 
memory space to the program and to its variables and constants. The up- 
dating process maintains magnetic tape files of current programs in both 
assembly-language and absolute form, greatly reducing the need to handle 
large numbers of punched cards. For example, a program may be revised 
by presenting to the assembler just enough cards to specify the changes. 
Assembly and updating take from less than 30 seconds to several minutes, 
depending on the size of the program being assembled and the amount of 
information on the file tape. The absolute binary files generated by assembly 
and maintained by updating are the input to the AGC simulator program 
and to program manufacturing activities that are described in later sections. 

It may be instructive to trace briefly the history of part of a mission pro- 
gram, re-entry guidance for example, from the conceptual stage to actual 
readiness for flight. 

(a) The mathematical ideas are blocked out roughly, tolerances guessed, 
variables and effects judged to be significant or negligible, and some 
such decisions are left to be settled by trial and error. 

(b) A procedure employing the concepts is worked out, using one mathe- 
matical model for the spacecraft with its guidance and navigation 
system and another for the environment. This procedure is then em- 
ployed in a data processor program for testing. 

(c) The program is compiled, tested, revised and retested, until the 
mathematical properties of the procedure are satisfactory. Because 
these programs retain 2 to 4 more digits of precision than double- 
precision AGC programs, the variables at this stage may be considered 
free of truncation or round-off error. It is desirable to do as much 
pinning down of the procedure as possible in steps B and C, since 
these programs run a good deal faster than real time. 
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(d) Ап АСС program is written by translating the relevant parts of the 
program into AGC assembly language, the more mathematical parts 
such as position and velocity updating, into interpretive language, and 
the more logical such as turning reaction control jets on and off, into 
basic. 

(e) In combination with the utility programs described previously, the 
AGC program is assembled. After two or three revisions, when the 
grammatical errors that can be detected by the assembler are elimin- 
ated, the program checkout is begun by use of the AGC simulator, 
another data processor program, which is described later. In ad- 
vanced stages of checkout, this simulation incorporates the part of the 
program of steps (b) and (c) that models the environment. AGC 
simulation discovers the numerical properties of the procedure, since 
all effects of scaling, truncation, and roundoff are present. Steps (d) 
and (e) are repeated until the program fulfills the goals determined 
in step (a). Severe problems may send the engineers back to step (ђ), 
or even to step (a). 

(Г) Up to this point, everything has been done on the initiative of the 
3- or 4-man “working group” whose speciality is the particular phase 
of the mission. Now, however, this AGC program must be integrated 
with the rest of the mission program. Using the updating facilities of 
the assembler, the working group transfers its own coding to the 
mission program and, in cooperation with the group in charge of 
program integration, checks out not only its operation but its ability 
to "get along with" the other parts of the mission program, e.g. stay- 
ing with its part of the time budget. Here again, the AGC simulator 
is the primary tool. 

(g) At this point, or sometimes before step (f), it is necessary to run an 
AGC attached to guidance and navigation and ground support 
equipment. This is the last procedure devoted entirely to the checkout 
of an AGC program. 

(h) When all of steps (a) through (g) for a whole mission program have 
been completed, the assembly listing of the program is given the status 
of an engineering drawing. Only now are rope memory modules 
wired and further testing is for the benefit of other subsystems as much 
as of the program. 

It should be explained that by “mission” is meant not only a flying 
mission but lesser responsibilities as well. Early mission programs, shipped 
with computers to other contractors to aid them in testing their systems, con- 
sisted mostly of utility programs. 

Simulator — The assembler is designed to detect programmer errors of the 
nature of inconsistencies but it is not capable of checking program validity 
in general. ‘The hazards are numerous: faulty analysis of a problem, incorrect 
scaling, wrong use of instructions, interference with other programs, wrong 
timing, endless loops and many other pitfalls familiar to programmers. 
Strictly speaking, the AGC program can never be fully tested before it is 
operated in a system in flight. Short of this, however, it is possible to prove 
out a program to a high degree of confidence by simulations of the program 
operating in an environment. Several possible approaches have been taken 
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to the simulation study. In one, a computer and other parts of the guidance 
and navigation system are operated in conjunction with a real-time hybrid 
analog and digital simulation of the environment. The other approach to 
simulation is an all digital simulation program which is run on the large 
scale data processing installation at the Instrumentation Laboratory. This is 
an important tool in the development of system oriented programs. Since it 
does not run in real time, it is possible to halt for the purpose of recording 
information relevant to program progress, such as periodic values of control 
constants or guidance and navigation variables, traces of interpretive instruc- 
tions, environmental data and so forth. Initial conditions are easily set, and 
there is no limit, in principle, to the extent to which one can reproduce 
anticipated operational environments. The penalty is having running times 
from two to forty times as long as real time (ten times is typical). 

The Simulator comprises three major sections. ‘The first simulates the 
AGC, and even operates an AGC Display and Keyboard (DSKY) con- 
nected on-line to the data processor. ‘The second simulates the environment 
and is constantly being added to and improved as operating experience is 
gained. These two sections run largely independent of one another as their 
functions are basically incompatible. One is a function of elapsed time and 
the other is a function of AGC program execution status. The third section 
exists for the purpose of communication between the other two. It is capable 
of representing the environment to the computer over short periods of time 
while the two operate in isolation. From time to time the simulation halts 
while the AGC and environment sections reconcile with one another. ‘The 
communicator section is re-initialized; and the simulation proceeds with the 
communicator extrapolating the recent past history of the environment. 
Information which is recorded out is subsequently edited in such a way that 
system analysts can easily process it with their own programs in order to make 
error analyses, study correlation of events or perform any other mathematical 
or editing operation. 
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CHAPTER 6~4 
GROUND SUPPORT EQUIPMENT 


TEST SET 

Because of volume and weight restrictions guidance computers are built 
without the extensive maintenance features found in data processing com- 
puters, During all stages of design, assembly and field testing it is important 
to have the facility for manual intervention into the computer’s operation as 
well as a means for certifying that all circuits are properly operating. This 
facility is provided by a separate unit which connects to the computer through 
what is usually a separate interface. 

The unit which does this job with the AGC is called the AGC Test Set. 
It contains a number of flip-flop registers which can be made to serve various 
roles by selecting among numerous modes of operation. Over 100 signals are 
exchanged between the AGC and Test Set through an interface called the 
test connector. The Test Set has access to the AGC’s write buses. It can sense 
them and also force signals upon them, This feature, together with the AGC’s 
timing pulses and central register control pulses, permits the ‘Test Set to 
follow the progress of AGC programs. 

In its monitor mode the Test Set uses flip-flop registers to duplicate or 
mimic the contents of AGC central registers. Any of these registers may be 
displayed in lights on the control panel. Since in particular the S, or address, 
register and the G, or memory local, register are displayed, it is possible to 
see what is stored in memory. The successive contents of any erasable register 
can be displayed by commanding the Test Set to sample the G register and 
display its contents each time the address is the same as the address specified 
by hand set switches on the panel. 

Facility is also available for causing the computer to halt when it interro- 
gates a specified address, or when the content of a specified register reaches a 
specified value, or at the end of each instruction, memory cycle, or alarm. 
‘The computer may be made to proceed from where it is, or it may be started 
at any desired instruction. Any register may be read to the lights whether or 
not it is accessed by program, and any erasable location may be loaded from 
the Test Set with any desired value. 

The Test Set contains circuits for exercising and testing all of the AGC’s 
interface circuits. A separate cable connects the Test Set with the AGC’s 
system connector and a switch panel causes an oscilloscope to be connected 
to an AGC output, or else a signal generator of appropriate characteristics 
to an AGC input. This feature is used to make a detailed test of output signals, 
including their rise time, amplitude, duration and any other important cha- 
racteristics. A faster and less complete check of the interfaces can be made by 
a special connector which exercises pulse inputs by connecting them to pulse 
outputs and exercises DC inputs by connecting them to DC outputs and 
supplying a dummy load. The check can then be made by an AGC program 
read into the erasable memory. 
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AGG MONITOR 

Before an AGC program is wired into fixed memory modules it must be 
exercised on an AGC. For this purpose, there exists a form of ground support 
equipment incorporating some features of the Test Set together with an 
erasable type of memory whose contents are sent to the AGC when it interro- 
gates a fixed memory address. This machine is the AGC Monitor, so called 
because it encompasses the monitor feature of the Test Set. The memory 
control circuits of the Monitor are arranged so that only a part of the AGC 
fixed memory is read from the Monitor, while the remainder is read from the 
AGC. This is done, moreover, without having to remove fixed memory 
modules from the AGC. Rope simulations are done in 1024 word segments. 
When the AGC Fixed Bank register and Š register are observed to be set to 
access a simulated bank, the sensing of the AGC fixed memory is inhibited 
by a signal from the monitor while the simulated word is transferred into the 
G, or memory local, register of the AGC. 

‘The memory used in the Monitor is a set of nine erasable memory units 
each containing a 4096 word coincident-current ferrite core stack with driv- 
ing electronics similar to those in the AGC. The logic in the Monitor and in 
the ‘Test Set is made from microcircuit NOR gates. One reason this is done 
is to put to use those gates which are not found qualified for flight hardware 
but are still satisfactory for less stringent environments. 
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CONCLUSION 


Guidance computer engineering is a simultaneous effort in mechanical, 
electrical and logical design disciplines. In order to obtain high efficiency in 
terms of performance, volume and power consumption, guidance computers 
are designed to work in a single specific system unlike most commercial 
computers, ‘They commonly have fewer and less flexible instructions, shorter 
word length and less complex arithmetic units. Compactness and short term 
reliability predominate over considerations of programming ease, main- 
tainability and manufacturing cost. Whereas the commercial computer 
designer strives to maximize answers per month, the guidance computer 
designer seeks the capability of handling high peak loads and is concerned 
with answers per second. 

The guidance computer receives data from various sources and delivers 
answers to various destinations over tens or hundreds of signal paths, each 
requiring appropriate conditioning circuitry at origin and at destination. One 
of the challenging design problems is to minimize the number of these inter- 
face signals, and moreover to minimize the number of different circuits used. 

‘The AGC is quite representative of the state of the art in guidance com- 
puters as contrasted with the rest of computer technology. Most conspicuous 
of the attributes common in guidance computers are the extensive use of 
microcircuits and high density interconnections, a dense fixed memory of 
about half a million bits, a small erasable memory, and a short word length. 
‘The computer was designed to employ certain utility programs. The Inter- 
preter program allows efficient expression of double precision matrix pro- 
grams for navigation, attitude control and steering. ‘The Executive program 
allots computer time among various jobs according to a priority schedule. 
The Waitlist program provides interrupted entry to other programs at speci- 
fied intervals of real time. 

Guidance computers are often supported by commercial computers for 
automatic programming and in various areas of mechanical and electrical 
design. A large scale computer is used in connection with the Apollo Guid- 
ance Computer in several respects. It assembles and makes simulation runs 
on programs, it generates the input card decks for automatic wire wrapping 
machinery used in computer manufacture, and it also prepares punched tape 
for use in fixed memory fabrication and information input to ground support 
equipment. 

The constraints on the guidance computer designer are severe. In addition 
to the requirements of size, performance and reliability is the urgency for 
early delivery which stems from trying to get the best equipment possible 
without introducing unnecessary delay in flight schedules. For this reason, 
we may expect that guidance computer engineering will continue to be a 
highly productive competitive discipline for years to come. 
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PART 7 


SPACE VEHICLE FLIGHT CONTROL 


INTRODUCTION 

The development of the theory and practice of automatic control has to 
a large extent gone hand in hand with the development of aerospace flight 
control systems. Although the earliest application of feedback control as a 
deliberately conceived and consciously applied technique preceded the inven- 
tion of the airplane by about fifty years, it was the exacting requirements of 
aircraft flight control which for years made the greatest demands on the 
developing theory of feedback control and which stimulated much of its 
growth. In recent years the advance of **modern" control theory has been 
led in large part by workers responding to the need for more sophisticated 
control theories and techniques for application to aerospace flight control 
problems. 'The requirements for control efficiency, accomodation of changing 
controlled-member characteristics and reliable control in complicated and 
demanding situations have resulted in a far broader application of optimal 
controls, adaptive controls and digital-computer control systems to the prob- 
lems of aerospace vehicle flight control than to any other area of application. 

Aerospace flight control problems are not only demanding but quite 
diverse. Among the many different phases of a space vehicle mission begin- 
ning with lift-off from a launching pad and ending perhaps with a return to 
a designated landing point on earth, one can identify three major classes of 
flight control problems: 

(a) Powered flight control — control of the attitude and flight path of 

the vehicle while thrusting. 

(b) Coasting flight control — control of the attitude of the vehicle 

while coasting in free space. 
(c) Atmospheric flight control — control of the attitude and flight 

path of the vehicle while gliding in an atmosphere. 

The nature of the control problems in these different situations is very 
different. The environment in which the vehicle operates, the requirements 
of the control systems, the sources of reference information and of control 
torques are all quite different. But a single space vehicle operates under all 
of these conditions during the course of a mission and it is to be hoped that 
the different control problems will not have to be solved one at a time in 
isolation. 'The design of an overall control system which performs well in each 
phase of the mission, using common equipment whenever possible and which 
is in addition integrated efficiently with the guidance and navigation system 
constitutes a most challenging engineering problem. In the following chapters 
the major characteristics of the control problems in each of these classes is 


discussed in turn. 
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CHAPTER 7-1 


POWERED FLIGHT CONTROL 


The function of the powered flight control system is to orient the vehicle 
thrust acceleration vector in response to commands generated by the guid- 
ance system. This function is required during each of the powered flight 
phases of a mission. These phases might include: 

(a) Boost from the launching pad into a parking orbit 
(b) Acceleration into the destination transfer trajectory 
(c) Midcourse velocity corrections 
(d) Deceleration into an orbit around the destination planet or moon 
(e) Powered descent to the planet or moon 

(f) Comparable phases in the return flight 

The thrust acceleration vector is, on the average, oriented in the vicinity 
of the vehicle longitudinal axis. Thus powered flight control is primarily a 
problem in attitude control. This problem will be discussed first as it relates 
to two means of generating the required control moments. Then in the follow- 
ing section, some additional considerations involved in acceleration vector 
control will be discussed. 


ATTITUDE CONTROL WITH A GIMBALED ENGINE 

With a rocket engine providing a large force which acts on the vehicle, the 
most evident source of large control moments is the deflection of the direction 
of this force so it has some moment arm with respect to the vehicle center of 
mass. This can be conveniently accomplished in the case of a liquid-fueled 
rocket by mounting the engine on gimbals and rotating it. A solid-fuel rocket 
requires rotation of the thrust direction with respect to the engine itself. ‘This 
has been accomplished by different means; among them are jet vanes, 
jetavators, rotating canted nozzles and secondary fluid injection. The present 
discussion supposes a liquid-fueled rocket with a gimbal-mounted engine. 

The very first flight control problem encountered in a space mission is 
probably the most difficult — the control of the unstable, elastic vehicle in its 
ascent through the gusty atmosphere. In this phase the configuration of the 
vehicle is largest, the frequencies of body bending and fuel sloshing oscilla- 
tions are lowest and the need for control system gain and bandwidth is most 
critical due to the requirements of stabilizing the aerodynamically unstable 
vehicle and reducing structural loads due to wind disturbances. In most of 
the powered flight phases following this, there is no atmosphere to contend 
with and the vehicle configuration is smaller due to the separation from one 
or more stages. This would not be true if in-orbit assembly of separately 
boosted payloads were employed. 

The most important requirements of the attitude control system during 
atmospheric exit may be summarized as: 

(a) Maintain vehicle stability 
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SPACE NAVIGATION 


(b) Provide adequate performance for execution of commands 

(c) Provide adequate alleviation of gust loads 

(d) Make reasonably efficient use of control action 

(e) Maintain simplicity and reliability 

The first requirement dominates the design of this system. For early 
analysis one might very well model the vehicle and its control system as 
quasi-stationary and linear. If so, one has only the classical problem of the 
stability of a linear, invariant feedback system — and the problem would be 
simple were it not for the very complicated nature of the vehicle being con- 
trolled. The basic rigid vehicle is unstable in the atmosphere because of the 
required distribution of area and mass. It could be stabilized aerodynamically 
by the addition of fins at the rear of the vehicle but the additional weight and 
drag would incur too dear a performance penalty. So the alternative of active 
stabilization through control system feedback is almost universally preferred. 
This places a lower bound on control system gain for static stability; the 
restoring control moment due to a rotation of the vehicle must be greater 
than the diverging aerodynamic moment due to that rotation. 

But this requirement of high gain for static stability is in conflict with the 
requirement of low gain for dynamic stability. The dynamic stability problem 
is complicated by the fact that the large vehicle is by no means rigid. The 
launch configuration consists of a number of vehicle stages coupled with 
light-weight interstage structure. Significant bending occurs at these coup- 
ling points. Further, each stage is designed as light-weight as possible with the 
major requirement being to carry axial compressive loads. The resulting 
structure has appreciable bending elasticity. Still further non-rigid-body 
behavior is due to fuel and oxydizer sloshing in their tanks and localized 
bending of the structure between the points of engine gimbal mounting and 
gimbal actuator attachment. 

The primary body bending deflections are decomposed for analytic pur- 
poses into a series of normal modes of oscillation. Each mode has a cha- 
racteristic frequency and mode shape. These resonant modes are very lightly 
damped. An idealized picture of a fundamental or first order bending mode 
is shown in Fig. 7-1. The body centerline, deflected according to the first 
order mode shape, is shown with an undeflected body reference line. The two 
points which do not translate in this mode of oscillation are called nodes; the 
point of greatest translation, which is also the point of zero rotation, is called 
the antinode. The engine gimbal deflection, 5, is measured and controlled 
with respect to the deflected body. Also, the body attitude is indicated by an 
instrument located at a particular body station such as that shown on the 
figure. It will indicate the local body angle with respect to the inertial 
reference line; in Fig. 7-1, this angle is 6 + 4. Additional higher ordered 
bending modes may be excited simultaneously. The body translational or 
rotational deflection at any station is the sum of the deflections in the different 
modes. 

It is clear that if the control system bandwidth extends to the frequency 
of a particular bending mode, the effect of the control feedback can either 
tend to stabilize or destabilize the mode. Consider as an example just the effect 
of attitude rate feedback on the mode shown in Fig. 7—1. We see that for gross 
vehicle stability the sense of the rate feedback to gimbal angle must be 
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not shown in Fig. 7-3 would still be troublesome, so careful placement of 
the sensors is not generally adequate to solve the problem. 

For the configuration shown in Fig. 7-3, which is commonly the case, 
the design problem results from the fact that for a loop gain high enough to 
stabilize the rigid body dynamics, which is indicated by the unstable closed 
loop pole crossing into the left half plane at A, the bending mode pole has 
already crossed into the right half plane at B. Static stability demands a 
certain minimum loop gain as noted before, so it is essential to stabilize the 
bending mode at the required higher gain. This can be thought of as a 
requirement to turn the bending mode locus from the right to the left of the 
pole and zero. This can be accomplished by rotating the breakaway angle 
for the locus from the pole either clockwise or counterclockwise, which 
corresponds to either lag or lead compensation. 

With lag compensation for the bending mode, the root locus has the 
appearance of that shown in Fig. 7-4. The additional lag has turned the 
bending mode locus to the left as desired but it has adversely affected the 
dominant rigid body mode. There is, however, a range of loop gains for 
which the system is stable. It has a bandwidth well below the frequency of 
the bending mode. The neglect of any higher frequency effects may well be 
justified in this case. 

With lead compensation for the bending mode, the root locus has the 
appearance of that shown in Fig. 7-5. The strong lead compensation required 
to turn the bending mode locus far enough has significantly influenced the 
locus of the rigid body mode. Considering only the dynamic effects shown in 
the figure wide bandwidth operation would be possible. However, the 
additional lead maintains the open loop gain at higher frequencies and makes 
more high frequency effects important in the system. Higher ordered bending 
modes must then be included in the analysis. The lead at higher frequencies 
will not be as great, and there may well be instability indicated in a higher 
frequency mode. 

In addition to all this, there is another source of dynamic modes to com- 
plicate the picture still further. For the liquid-fueled rockets under con- 
sideration here, the propellants are free to slosh back and forth in their tanks. 
This oscillatory change of momentum of the fluid particles reacts through the 
tank walls to affect the dynamic behavior of the vehicle — giving rise to addi- 
tional lightly-damped modes. The analysis of these effects is facilitated by 
reference to a mechanical analogy to the sloshing fluid. The analogy can be 
taken in the form of a spring and mass with a degree of freedom normal to the 
body longitudinal axis, or a pendulum as shown in Fig. 7-6. The parameters 
of the mechanical analogies have been derived by a number of authors; 
among them is Lorell (1). One such pendulum is required to simulate each 
mode of sloshing to be considered in each tank. For a multi-stage vehicle 
having two tanks in each stage the complexity compounds rapidly. For- 
tunately it is often true that only the first sloshing modes in the largest tanks 
have frequencies in the pass band of the control system. 

The coupling of the pendulum oscillation into indicated vehicle attitude 
is dynamic in this case as opposed to geometric in the case of body bending, 
so the effect is more difficult to visualize. However, the coupled equations of 
motion for the vehicle and pendulum produce light damped pole-zero pairs 
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required to follow the command inputs since the required attitude for efficient 
powered flights is usually very slowly changing. ‘The requirement for speed 
of response to alleviate gust loads may be more demanding. In the selection 
of a system bandwidth to minimize structural loads, as previously discussed, 
the effects of gust and wind shear inputs should be included. The requirement 
for efficient use of control action is not usually of crucial importance though 
there is some weight penalty associated with excessive demand for control 
moments, System simplicity and reliability is always an object of first im- 
portance. In the present context this requires the design of simple compensa- 
tion using parameter values which can readily be realized and finding simple 
ways to vary this compensation as needed during the flight. 

Another basic choice which bears on the question of reliability is the 
choice of analog vs. digital data processing to close the control loop. Wide 
band systems are usually more efficiently implemented with analog equip- 
ment but the range of achievable bandwidths in this problem is not very 
large. On the other hand there is the need for variable compensation and 
loop gains and the desirability of complex zeros and poles in compensation 
functions each of which can more readily be implemented by digital com- 
putation. Moreover, there is the fact, usually obscure at the outset, that after 
a system has been designed to serve its primary function it tends to grow to 
accommodate the additional requirements of the operational situation. One 
major cause of this growth is the need for a variety of modes of operation: 
check-out mode, primary mode, back-up mode, pilot control mode etc. Mode 
switching requires changing connections in an analog system and this in- 
creases the component count and decreases the reliability estimate. In a 
digital system, mode switching is accomplished by branching to another pro- 
gram stored in memory. Since fixed memory is highly reliable, this entails 
little penalty in the reliability estimate. 

The design of a digital attitude control system is quite like the design of a 
continuous system with the additional requirement to choose the sampling 
period and quantization of computer input and output variables. 'The samp- 
ling period is chosen primarily on the basis of the desired system bandwidth. 
If, for example, it is decided that the first bending mode is to be stabilized and 
higher frequency modes isolated as much as possible, the sampling frequency 
would be chosen perhaps five times greater than the first bending frequency. 
If the form of the attitude indicator and analog/digital convertor permits it, 
insertion of a low-pass filter before the sampler would be wise, in most cases, 
to attenuate the higher frequency noise which might be modulated down into 
the control system pass band by the sampling process. ‘The signal quantization 
levels are chosen to cause no more than some tolerable degree of graininess 
in the operation of the system. 

An example of a digital attitude control system for a large vehicle may be 
cited from the Apollo program. The configuration of the vehicle as it de- 
celerates from the translunar trajectory into the lunar circular orbit is shown 
in Fig. 7-7. The Lunar Excursion Module is shown attached to the Com- 
mand Module in the position that allows the astronauts to move from one 
vehicle to the other. This configuration is rather flexible, most of the bending 
occurring in the coupling structure between the vehicles. The frequency of 
the first bending mode is about 2 cps. Fuel sloshing has little effect on the 
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dynamics of this vehicle, the mass of fuel which participates in the sloshing 
oscillation being only a very small fraction of the mass of the vehicle. The 
analytic manifestation of this small mass ratio is the very close proximity of the 
zero to the pole in the sloshing pole-zero pair. Thus the zero nearly cancels the 
pole and both can be ignored in the analysis of this system. The attitude control 
system uses a sampling frequency of 25 cps and employs angle information 
only; no rate gyros are required. The attitude information which is the input 
to the digital Apollo Guidance Computer (AGC) is quantized at 40 are-sec. 
The output of the AGC is the command to the engine gimbal servo which is 
held between the sampling points; this command is quantized at 160 arc-sec. 

A Z plane locus of roots for the sampled system without compensation is 
shown in Fig. 7-8. The rigid body dynamics in the absence of atmosphere 
are just due to the vehicle inertia, this gives rise to the two poles at + 1. Pole- 
zero pairs due to the first two bending modes are included. Without compen- 
sation, the first bending mode goes unstable immediately for very low system 
gain. The locus with lag compensation is shown in Fig. 7—9. In this case a 
single compensating zero has been used which corresponds to the rigid body 
compensation mentioned earlier, plus four poles to attenuate higher fre- 
quencies sharply. ‘The closed-loop root locus originating at the first bending 
pole is seen to be pulled well into the stable region. ‘The corresponding locus 
with lead compensation is shown in Fig. 7-10. In order to provide active 
damping of the first bending mode considerable lead was required. As can 
be seen in the figure, compensation involving five zeros and five poles is 
employed for this purpose. The result shows the first bending mode to be not 
only stabilized but rather well damped. With each of these forms of com- 
pensation the dominant system closed-loop poles have a natural frequency 
of about 1 rad/sec, roughly one-tenth fundamental bending frequency. With 
lead compensation, however, there are closed-loop zeros in the vicinity of 
these poles resulting in a significantly shorter response time to transient in- 
puts. The bandwidth of each system as measured by the frequency at which 
the magnitude of the open-loop transfer function is unity is nearly the same 
— about r rad/sec — but the lag compensated system has more phase lag at this 
frequency and cuts off much more sharply for higher frequencies. 

The step response of this system with lead compensation is shown in Fig. 
7—11. This response was recorded by a simulator which used an analog 
computer to simulate the vehicle dynamics but used an actual AGC as the 
controller. The basic system response is seen to follow quite well the transient 
response characteristics corresponding to the dominant poles in the Z plane. 
Moreover, the bending oscillation is seen to be reasonably well damped. An 
interesting problem is pointed up by the occasional bursts of activity after the 
major response transient is over. These are occasioned by the attitude error 
drifting far enough to cause an indicated 1 quantum of error. ‘This is a small 
error and the actual error rate is very small, so very little control is required 
to return the error to the zero quantum zone. However, the computer has 
seen an indicated zero error for many sampling periods so when one quantum 
of error is indicated the lead compensator interprets this change as a significnt 
rate of change of error with a similar interpretation of higher derivatives. 
This touches off an unnecessarily long period of control activity during which 
the bending modes are again excited. 


341 











_ u. 
RAD/SEC? 0 | —— —— — —“ 


«10 -- 





“ENGINE GIMBAL ACCELERATION RAD/SEC2 


0 


RAD/SEC i ^ 7 Wl Hp HB μη IHR ee "m енмен 


ENGINE GIMBAL VELOCITY RAD/SEC — 


05 «αι πμ N — = = -- — 
RAD — κο, —— — 








- 05 ! L ——————————————————'á«"——"-——— -— -- 
ENGINE GIMBAL POSITION RAD 
KRKKIKKKKKICVÉI£ÍIsçIIIII,II€ÉéÉIÉIIIIÉIIII<úI€IG@VIQZIX€”I£€€IQI€I — — ος — — — 
[ | 
RAD 0,——— — — F 
- 05 М.а — — — — — — — — — — — — — 
ENGINE GIMBAL POSITION COMMAND RAD QUANTIZED 160 SEC/BIT 
05 pv a — - 


RAD/SEC бутине liliis. RARE — — s”w— — —— 
- 05 ——— —— — J 


VEHICLE RATE AT IMU STATION RAD/SEC Ἢ 


_ —— а a Ио 
RAD zz ^ VEHICLE POSITION AT IMU STATION RAD 3 
0 ЕАР 4 | 


[ ENCODED INCREMENTAL VEHICLE POSITION, QUANTIZED 40 SEC/BIT 
ENCODER МИО траене д ннн — 


BLOCK IT CSM AUTOPILOT RESPONSE ТО i.c. ATTITUDE ERROR OF 4 DEG 
25 SAMPLES / SECOND 


о sess 
=> — a — 
_ BODY BENDING DISPLACEMENT AT ENGINE, I” MODE 


-01 








— — —— —— — — 


Fic. 7-11 Step response of attitude control system 


342 


Svs Z—NS 


-UO UMUNUIU JY) *juaurour [0.13u09 0] 9np uorne19[929* ојотал JYI AE 19510 
sIXv jsnu Jo 2ouasqe aq ur usrsop 291 озезотр цотум 5лојоштлра 29], 'зорош 
Aouanbouj quSrq κ1ολ Suroq Surqso[s jue[[pdoud pue Surpuoq Ápoq “әрә 
enour au) asnf Á[[erjuosso оле зопшеџар ојопал оу] олоцавошпе јо Mo JPA 
jews Ὁ 10g ‘ataydsoune ur 193s00q IsnayI-Yysty о8леј Алол V Jo |onuo5 
91] 101 олповли 91 100 рјпом попелпауиоо 51 ү, 'оит8из роху е цим ојопцол 
2 лој шојзав јолиоз орпие џет јо идвор оца лорвиоо 'извола 291 104 
‘[OIQUOD OPNINIE лој злојеплуј лојрешв јо 951 ΘΠ] ἸΠΠ19Ι {14} 5Π| 1, 
'`sseur JO 191uə2 Ə|ƏItuƏA 9t[1 Sq9€J ѕтхе 15010) эц) ος αι ur p9u9)IMs SI ΠΟΛΛΑ 
‘Alp 23]e1 juejsuOO v se qons 'оллов Ə|durs Áio^ pue 40jenjoe 19Mod-A^o[ 
г цим Ајио рортлола jnq po[equira ourguo ureur oq) seq qorq auo sr ustsop 
озпшола шоо Випзолојшт uy 'sxquej sIX?-]o uro4dp pournsuoo a4e sjuve[[odo.id 
se Аүаеәлаае әлош еш ѕѕеш јо 19j1u32 oq) oseud uorssrur ouo Áue Surimn(T 
еш о ләјиәо ојопцол 291 јо попезој итезлозип Əu) st osngo aofeur ou) nq 
'uone[qe o[zzou [eorgoururAsun pue Ao; [eorrourur&sun 0] onp oul[19]Uu92 
эш8пцпә әц1 Suo[e Ət| 1ou səop sixe jsniu) ou], 'ourduo oq) jo Zurusi[e. pue 
випипош 991 ит озпелојој 90108 51 2199], 's9sneo јо лодшти L 07} ənp st 19sJJO 
stt[ T, "ourduo ureur 3t J0} SIƏSHYO SIXL jsnaq] jo o8uv4 o[qrssod oq »o»ue[eq 01 
onb.o; [ox1uoo [ециезѕапѕ дёимәлцәр Jo ajqedeo aq oso sm) ur jsnur s19]snat 1 
[олиоз 241, 'аоГ ποηῃοσοα [oujuoo opnjnje Jo SurqojrtMs Jjo-uo uo poseq 
ur3jsÁs [o1juoO * sr oAnv?udoj[e ou], "Ajorduurs urojsÁs Jo uormnoourp ou] ut 
days Sureadde Asda Ὁ sr surojsÁs oA428 pue s10jenjoe 1oMod-qSrq pojeroosse 
pue a1njonajs [€equirg ourgduo Jasser Ou] JO uoneurur[o o[qrssod org, 
ANIONA AAXIA V HLIM TOULNOD AGALILLV 


‘suornesado опаАјеџе овоца јо попешојпе упоцим 
o[npauos op[qeuosea4 e uo зпор изод VARY рјпоз догГ 291 моц 228 01 упоштр 
st 3] 'A1o1e1oqe'T uonejuournasu] * T/ D JA 9u ye suraysAs op[ody ou jo usrsop 
оф по Аллез ој розп пзод олеу 28991 зе gons sureido4q 72)9 uonounj 1915101} 
doo[ uodo oq uoArg urojsÁs snonumnuoo 4o po[dures ev ло} $1001 doo[ poso[o 
Jo snoo[ Əy) Sun1o[d *uorounj 15jsue1) snonurmuoo au πολι uoroung 19]Sue. 
po[dures au Jo uon e[no[eo» *urojsÁs doo[ uado ou osriduroo qorq syuouro[o Jo 
op?oseo aq] uaArS urojsÁs doo[ poso[» 10 uado uev 10j uorunj osuodsox Áouonb 
-οα] ου] Sunjo[d se qonus sxsej :pueu Áq op очмлоцјо рјпом әио зеца 54591 
оца op ој зшелвола ләјпашоо [евр јо sorios e Suriredoud Aq pououne[ oq 
иеэ шојдола зу чо моеуе |пјломоа у 'јеоповлаши зопбиц2ој 25991 Jo uon 
-вэцаае риец ѕәҳеш ләдшәш рәцолиоо эц) јо 19198.1ΒΠ9 Ρ91θ9Ππ109 əy} mq 
‘әи8іѕәр шә1545 JY} 10] 500] [Π|95Π 419Λ игешәл ѕәпЫыицэә) ѕ1ѕ4[еие 0191545 
леоиц [eO rsse[o *ourgueour aq иу ‘шәүдола 5π 01 попеоцаде ошов риу [им 
Á1oog) uoneurnso иләрош eY? Jq Osje Áeur 3[ *uonvorpdde sip 20] surojsÁs 
[оциоо 3Andepe-j[5s ur 153421ut 2t snu T, 1021] 211 Jo 92ueApe ur o[qe12rpo.ad 
лоцаовоцје ј0п зле зопзмојовлецо 25оц1 рив – зорош 9551] 10 зопзмојоелецо 
рәрезәр ә иоЯп зџәриәаәр Аеэпіиә шэјѕќѕ әц) јо 41110215 оца зозеш и зла 
‘QuOp за џет чуј, 'зогопопбој 45015 рив битризд әҷі риоќәд рие о] 4asoſo 
u)puwpucq јо зшлој ит оопешлојлод шојвав 91 чепа ој 2д им јпошолтбол 
3u1 snu ], '2se2a122p Á[riessooou jou 590Ρ πιϑ]5άς оца јо ролтбол зопешлојлод 
ay) nq ломој ошозод зотопопболј ц5015 pue Surpuoq ou 193101 198 5ојотцол 
992 5у 'олтупј 231] Ur 0s 310UI U2A2 2UIO29Qq [[IM 3t pue — Surduo[[equo» poopur 
st ѕәјогцәл 2oveds o[qrxop oSue[ Jo [o11uoo opninie 91} 10 uro[qoud. ou oç 


TOULNOD LHOITA ONILSVOO 








D MEASURED WITH RESPECT TO THE COMMANDED ANGLE 


Fic. 7-12 Minimum symmetric limit cycle with no thrust offset 
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time for the control thrusters and the maximum allowable attitude error. In 
this situation, with the control moment designed to accommodate the maxi- 
mum possible thrust axis offset, the acceleration due to control moment is 
likely to be very large. Also, for any thrusting system, there is a minimum 
on-time which can reliably be commanded. The product of this control 
acceleration and minimum on-time then gives the minimum change of 
vehicle angular velocity which can be commanded, call it Amin. The most 
favorable symmetric limit cycle which can be achieved in the absence of 
thrust offset consists of a coast at the rate of 1/2 44min to the specified error 
boundary, max, a minimum control impulse at that point which changes the 
vehicle rate to — 1/2 46min, and a coast to the negative max boundary. This 
limit cycle is shown in the phase plane in Fig. 7-12. The angle at which the 
control moment is switched on and off is: 


Switching angle : + (max -- 1/8 aclmin?) (Eq. 7—1) 
where a, is the angular acceleration due to the control moment. The thruster 
duty cycle is: 


2 


Duty cycle (Eq. 7-2) 


oy = 


асітіп? 

If, for example, the maximum allowable error is 1 deg, the angular accelera- 
tion due to control is 10 deg/sec? and the minimum control on-time is 10 
milliseconds, the switching angle is 0.9999 deg and the duty cycle is 2.51074. 
With this large a control acceleration the limit cycle looks rectangular on the 
phase plane. ‘The thruster duty cycle is quite favorable — the thrusters being 
on only 0.025%, of the time. The vehicle coasts for 40 sec, thrusts for 10 millisec 
and coasts for 40 sec again. This is of course an idealization which assumes 
constant input, perfect information and no disturbances. The same per- 
formance would result with a constant rate input. 

This limit cycle can be achieved in the absence of thrust offset using stan- 
dard switching logic. Figure 7-13 shows a common system configuration in 
which a linear combination of error and error rate controls the thrusters 
through a trigger circuit or switching logic which includes a dead band and 
hysteresis. The indicated derivative can be thought of either as an idealiza- 
tion of a lead network or the effect of rate gyro feedback. Given the magnitude 
of the control torque, this system is designed by choosing values for the free 
parameters Kk, 81, and 82. The switching logic is assumed symmetrical. 
Realization of the limit cycle shown in Fig. 7-12 places two constraints on 
these free parameters; the two switching lines on each side of the origin must 
pass through the corners of the desired phase trajectory. 

There remains a degree of freedom yet to be specified. This freedom can 
be used to achieve fast recovery from step changes in command of probable 
magnitude. If k is very small and à, and à> are chosen to yield the desired 
steady-state limit cycle, the response to a change in command is poorly 
damped. Such a phase trajectory is shown in Fig. 7-14. If k is very large and 
again 8; and 8» are chosen to yield the desired steady state limit cycle, the 
response to a change in command is slow and sluggish as indicated in Fig. 
7-15. For any given initial error there is a choice of k (and 61, 82) which will 
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Fic. 7-15 Step response with large rate gain 
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carry the response into the limit cycle immediately as indicated in Fig. 7—16. 
The magnitudes of command changes are not predictable, of course, but 
some are more likely than others — and & (and δι, 52) can be chosen to yield 
good response in the most probable cases. 

Having such a system designed to yield good step response for inputs of 
likely magnitude and an efficient limit cycle, it remains to be seen how the 
performance changes with thrust offset. The performance can be quite ad- 
versely affected as suggested by Fig. 7-17. This figure shows one form of 
limit cycle which may result from a positive offset moment which tends to 
drive the error rate negative. The trajectory is shown starting from the switch- 
ing line in the first quadrant. A minimum positive control impulse is com- 
manded at that point, which acting with the offset torque, drives the vehicle 
to a large negative rate. The negative acceleration then continues due to the 
offset torque alone until the trajectory hits the lower switching line. From 
that point the phase trajectory *chatters" between the switching lines moving 
to the left and approaching a limiting closed cycle. This steady-state operation 
is undesirable both because of the negative error bias and because of the 
rapid on-off cycling of the thrusters which is wasteful of fuel. 

If the amount of the thrust offset were known, it would be easy to com- 
mand a much more desirable limit cycle. The thrusters would never be used 
to add to the offset torque unless the offset were below some threshold. Rather, 
one portion of the cycle as seen in the phase plane would be the parabola due 
to the offset moment alone which just stays within the specified error bound. 
The other portion would be the parabola due to the control moment acting 
against the offset moment and which also stays just within the specified error 
bound. Such a trajectory is shown in Fig. 7-18. With the vehicle dynamics 
modeled as just an inertia, the required conditions for switching the control 
moment on and off are easily and simply expressed. The remaining require- 
ment is an indication of the offset moment in addition to the error and error 
rate. It is clear that information about the offset moment is contained in the 
time history of attitude which results from the known history of control 
moment. If, for example, one took an estimate of the offset moment and 
applied it together with the known control moment to a model of the vehicle 
dynamics and later found that the attitude indicated by the model tended to 
grow more positive than the attitude of the actual vehicle, this would be 
evidence that the estimated offset moment was in error in the positive sense. 
This information could then be fed back to adjust the estimated offset 
moment. 

This is the physical concept which underlies optimal linear estimation 
theory as formalized primarily by Kalman (2). The form of the Kalman esti- 
mating filter is shown in Fig. 7-19 where only one quantity is shown as being 
measured and several parameters may be estimated. It is also possible to 
process more than one measurement at a time. A model of the system is used 
to generate a prediction of the quantity being measured based on the current 
estimates of all parameters being estimated. The difference between the pre- 
dicted measurement and the actual measurement feeds back through gains 
to alter the parameter estimates. A gain computer varies the estimate adjust- 
ment gains in an optimal manner depending on the nature of the measure- 
ment, the statistics of the measurement errors and of the uncertainties in the 


347 





att 


j9sgo 1snuu ur ојрА2 ΠῚ 41-4 "914 


330 
300301 1081М02 





uwes gea 1odoud цим 25п0двол 4216 91—Z 914 















CONTROL MINUS OFFSET 
MOMENT 


OFFSET MOMENT ONLY 


Fic. 7-18 Desirable limit cycle with thrust offset 


CONTROLLER 





MEASURED VARIABLE 





MODEL OF PREDICTED MEASUREMENT 


SYSTEM 










PARAMETER 
ESTIMATES 






Е САІМ 
СОМРЏТЕК 


Fic. 7-19 Form of the Kalman estimator 


349 








SPACE NAVIGATION 


prior knowledge of the estimated quantities. In the present application, the 
measured quantity is vehicle attitude and the estimated parameters would 
include vehicle attitude, attitude rate, oflset moment and possibly vehicle 
inertia. Vehicle attitude is included as an estimated parameter, even though 
it is the measured variable, since the measurement is subject to noise or 
uncertainties. With an appropriate model of the system being of such simple 
form in this case, the major computational load is the gain computation. 
But the optimally varying gains converge quickly to steady-state values and 
in many mission situations little would be lost by using constant gains. If that 
is the case, then estimates of all the quantities needed to permit efficient 
control with arbitrary thrust offsets can be generated with very little required 
computation. 

The resulting system can of course be instrumented with either analog or 
digital computation. Because of the rapid response of the vehicle to control 
and offset moments, rather high sampling frequencies would be required if a 
digital computer were used in the standard way in which control action can 
be taken only when the computer samples the attitude and processes the 
control equations. For example, in a limit cycle of the form of that shown in 
Fig. 7-18 corresponding to a control acceleration of 50 deg/sec?, an offset 
acceleration of 10 deg/sec? and an error tolerance of 0.5 deg, the control 
torque is on for a period of 0.2 sec each cycle. If this time is to be resolved 
with no more than 10%, error by the basic computer samples, a sampling 
frequency of 50 samples/sec would be required. This could impose an 
appreciable load on the computer. However, if the computer is organized 
(as is the Apollo Guidance Computer) to count input pulses while processing 
other calculations and also can be interrupted briefly when a certain count 
has been reached to issue a discrete output, then control action can be taken 
at times other than the basic computer sampling times. With this capability, 
a slower sampling frequency can be used. Each time the attitude is sampled 
and the estimates of parameters updated, the computation can predict 
whether control action (either on or off ) should be taken before the next 
sampling point. If so, the time till that event or the change in attitude till 
that event can be read into a counter and counted down. Each time a thruster 
is turned on, the time it should be on is calculated and read into a counter 
so it can be turned off again between samping times. 

A fixed-position rocket engine is used in the ascent stage of the LEM. For 
the purpose of standardization the same hypergolic thrusting system used on 
the Command and Service Module is also used on the Lunar Excursion 
Module. Toward the end of the ascent boost the response of the LEM to 
this control moment is quite lively — about 50 deg/sec?. The moment due to 
thrust axis offset from the vehicle center of mass may be as much as half 
the control moment. Vehicle attitude is derived from the IMU gimbal angles 
and is indicated by the Coupling and Display Unit with a quantization of 
40 arc-sec. No rate gyros are required by the primary attitude control 
system. Simulation of this system using digital control of standard switching 
logic has indicated that a sampling frequency of about 40 samples/sec would 
be required. Even at that sampling rate the effects of timing errors are clearly 
evident. A system using a Kalman filter to estimate attitude, attitude rate, 
and thrust axis offset has also been simulated. The model of vehicle dynamics 
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situations the inaccuracy resulting from the forced guidance error is of more 
direct consequence. 

Such a forced error can be eliminated, if desired, by commanding the 
attitude control system through a closed-loop scheme in which the actual 
ar direction as indicated by the IMU accelerometers is compared with the 
desired ar direction and the vehicle commanded to rotate at a rate propor- 
tional to the angular deviation. This can be instrumented conveniently by 
noting that the cross product of the indicated unit (ar) with the desired 
unit (ar) is a vector which gives in magnitude and direction the rotation 
required to carry the indicated ar into the direction of the desired ar. If the 
command is taken to be an angular rate proportional to this angular error, 
the resulting control law is: 


W. = S(laina + lacom) (Eq. 7-4) 


where MW. is the commanded angular rate, Š a sensitivity or gain to be 
designed, laina a unit vector in the direction of the indicated ar, and lacom 
a unit vector in the commanded or desired direction for ar. If a rate-respond- 
ing autopilot is used, this rate command can be transformed into body 
coordinates and applied as the command input. Only pitch and yaw com- 
ponents of the commanded rate in body axes would be computed and used. 
If an attitude autopilot or attitude control system is used, this commanded 
angular rate is transformed into the corresponding rate of change of direction 
for the vehicle longitudinal axis using: 


b= Wet ht (Eq. 7-5) 


which is then integrated to the desired direction for the longitudinal axis. г; 
is a unit vector along the longitudinal axis of the vehicle. It is compared with 
actual vehicle attitude to provide pitch and yaw attitude errors for the atti- 
tude control systems to null. In many mission situations the computing axis 
system can be chosen favorably with respect to the general direction of 
desired ar so some of the indicated computation can be abbreviated. Toward 
the end of the powered flight phase when the cutoff condition is approached, 

the computed direction for the desired ar tends to change rapidly. However, 

We can be limited in magnitude or even clamped to zero for a brief period 
of time prior to cutoff with little loss in guidance accuracy. 

This closed-loop ar control renders the system insensitive to any static 
thrust axis offset or offset center of mass location. The vehicle is simply 
commanded to rotate until the desired condition is achieved, regardless of 
what vehicle attitude is required to achieve it. The forced guidance error is 
in this case proportional to the rate of change of the offset angle rather than 
the angle itself. It is then primarily the rate of change of vehicle center of 
mass which designs the system sensitivity, S. This sensitivity can often be 
quite low; for example, in the Apollo lunar approach configuration, a gain 
of 0.06 rad/sec/rad is adequate. 
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Fic. 7-20 Control logic for Shaefer or pulse ratio modulator 
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integrating gyros is a convenient and simple alternative. If these gyros are 
used as pulse-rebalanced instruments, communication with the central 
digital computer is particularly easy. A two-axis reorientation is accomplished 
by rotating from the reference orientation through a prescribed angle about 
one axis followed by a prescribed rotation about a second axis. The vehicle 
control system holds the third gyro at null during this process. The reference 
orientation can then be recovered by executing negative rotations in the 
reverse order. 

The sources of control moments during midcourse space flight are reaction 
jets or momentum exchange systems. Reaction jets can employ either cold or 
hot gas, hypergolic thrusters being preferable for the larger vehicles. Cold 
gas systems, most commonly employing pressurized nitrogen, have been used 
in many missions but they have a restricted specific impulse capability — about 
60 to 80 sec — and require even more weight in tankage than the weight of 
control gas stored. On-off control systems for vehicles using reaction jets are 
of the same type as those discussed in the preceding chapter under “Attitude 
Control with a Fixed Engine". As described there, the thruster duty cycle in 
steady-state limit cycling with no external moments acting on the vehicle 
depends on the minimum impulse which can reliably be commanded and the 
maximum attitude error which can be tolerated. ‘The presence of an external 
moment, such as a moment due to unbalanced solar pressure forces, can 
actually be used to advantage to further reduce the rate of control fuel con- 
sumption. But this saving can only be achieved if the control system is capable 
of recognizing the presence of the moment and only thrusting against it, 
waiting for the external moment to return the attitude error to the limit. 

Momentum exchange systems derive moments either by accelerating 
wheels about their spin axes or by precessing wheels which are maintained 
continuously spinning as gyros. In either case it is possible to design a linear 
control system around such a torque generator. Steady-state operation of 
such a system does not necessarily include a limit cycle and very accurate 
attitude control — essentially as accurate as the basic attitude reference — can 
be maintained if needed. On the other hand, there is an upper limit to the 
amount of angular momentum such a system can exchange. The saturated 
condition is represented by an inertia wheel spinning at its maximum speed 
in the case of the accelerating wheel system, and by the gyros having turned 
through 90 degrees in the case of the precessing gyro system. Control satura- 
tion must be prevented either by adjusting the attitude or configuration of 
the vehicle to prevent an external moment from acting in the same sense over 
a long period of time, or by applying a moment to the vehicle with a reaction 
jet system in such a sense as to move the momentum exchange controllers 
away from the saturated condition. 

A number of forms of control logic have been devised for use with reaction 
jet controllers in an effort to achieve some approximation to linear or pro- 
portional, control. The simplest of these are pulse rate modulation and pulse 
width modulation. In the former case, control torque pulses of constant width 
are commanded to recur at a rate proportional to a control signal which may 
be attitude error or vehicle-rate-damped attitude error. The major disad- 
vantage of this logic is the high pulse repetition rate at large errors when it 
would be less wearing on valves and more efficient in fuel use to simply leave 
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FiG. 7-22 Performance of the pulse ratio modulator 
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24 Step response with straight-line and parabolic switching curves 
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achieve this is shown in Fig. 7-24. The slope of the straight-line torque-off 
switching lines may be varied as desired to compromise between fuel used 
and response time. If a digital controller is employed, switching logic such as 
this is easy to implement. 

Choice of a momentum exchange or reaction jet system or both should be 
based on an analysis of system weight, performance and reliability. If high 
accuracy attitude control is required, such as in the case of a vehicle carrying 
a large telescope fixed to the body, a momentum exchange system would 
seem to be a clear choice. Most space missions do not require exceptional 
attitude accuracy, however, and a reaction jet system may be selected on the 
grounds of reliability. The reliability advantage would be especially signifi- 
cant if one interpreted successful operation of a momentum exchange system 
to require the operation of a reaction jet system used for desaturation as well. 
If it is understood at the outset of a system design that accurate attitude con- 
trol is costly, the vehicle and its subsystems can often be designed with a view 
to avoiding the need for accurate control. For example, it is easy to imagine 
designs for an optical measurement unit which would require precise vehicle 
control to track some reference line. But it may also be possible to design that 
unit, as in the Apollo system, to tolerate a slow drift in vehicle attitude. 
Rather than controlling the vehicle precisely to a reference condition the 
vehicle is allowed to drift through the reference condition — and the event of 
passage through the reference is noted. 

An additional factor bearing on the choice of a momentum exchange or 
reaction jet system, especially for space missions of extended lifetime, is 
difficult to assess quantitatively. This is the possibility of consuming all avail- 
able fuel for a reaction jet system. A momentum exchange system has the 
advantage of consuming a quantity which can be replenished in space — 
electrical energy. There is no obvious threat of running out. But a reaction 
jet system consumes mass which cannot yet be replenished in space. So 
although the analysis may show a very low probability of exhausting all 
control fuel, the threat of this possibility hangs over the mission during its 
entire lifetime. 

During its midcourse flight the Apollo spacecraft (4) effects attitude con- 
trol with a system of hypergolic rocket engines which are also used for 
vernier translational control when needed. ‘They employ hydrazine and 
nitrogen tetroxide or variations of them as fuel and oxidizer. ‘They are capable 
of reliable operation in pulses as short as 10 milliseconds. Sixteen of these 
engines are mounted on the sides of the service module in quadruple sets at 
four locations. They are normally fired in pairs to produce control couples. 
A variety of operational modes can be selected by the crew. These are sug- 
gested by the simplified block diagram shown in Fig. 7-25. In the primary 
mode, the Apollo Guidance Computer operates the jet solenoid valve drivers 
directly based on attitude reference information only. The analog Stabiliza- 
tion and Control System is used as a back-up mode. It employs both attitude 
reference and rate gyro information. Crew-operated modes include attitude- 
hold and rate-command modes in addition to direct actuation of the reaction 
jets by the pilot through a three-axis hand controller. 
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CHAPTER 7-3 


ATMOSPHERIC FLIGHT CONTROL 


INTRODUCTION 

A significantly different control problem is encountered in the high-speed 
atmospheric flight phase or phases of a space mission. Attention is here 
centered on flight following entry into a planetary atmosphere in which the 
path of the vehicle is controlled entirely or primarily by control of the aero- 
dynamic force acting on the vehicle. This would include the final phase of an 
earth-return mission; re-entry into earth’s atmosphere and control of the 
vehicle to a desired landing point. It would include a pass through the 
atmosphere of a planet for the purpose of reducing the energy of the vehicle’s 
orbit relative to that planet prior to a propulsive transfer into a planetary 
orbit. We do not consider in this chapter the brief period of atmospheric 
flight which occurs at the beginning of a mission, the boost from the pad out 
of earth’s atmosphere. ‘The control problem during boost is dominated 
primarily by the propulsive force rather than the atmospheric force and was 
considered earlier in Chapter 7—1. 

Control over the flight path of the vehicle as well as attitude control of the 
vehicle itself is discussed here. Flight path control is also called guidance, and 
as such could well have been treated in Part 3. However, the distinction 
between guidance and control is arbitrary, and it was thought better to 
consolidate in one section the discussion of the unique problems of guidance 
and control in the high-speed atmospheric flight situation. 


FLIGHT PATH CONTROL 

The discussion of this section will center on the re-entry and landing con- 
trol problem. An atmospheric braking pass which involves entry into and 
subsequent exit from a planetary atmosphere is in fact a truncated version of 
a landing trajectory, which often requires a controlled skip out of the at- 
mosphere to achieve the required range. The geometry of entry trajectories 
leading to a landing point is indicated in Fig. 7-26. The direction of approach 
relative to earth is constrained by the nature and timing of the mission. 
However, when the spacecraft is a substantial distance from earth its velocity 
vector is oriented nearly along the direction to the earth’s center, so it is 
possible with little expenditure of fuel to rotate the plane of the approach 
trajectory arbitrarily about the local vertical line. Thus it is possible to orient 
the trajectory plane so the vehicle will fly to any selected landing point with 
no lateral control under nominal conditions. The trajectory plane required 
to achieve this is not immediately obvious because the landing point is mov- 
ing due to the rotation of the earth and the vehicle without lateral control 
does not fly in an inertial plane. 

Prior to entering significant atmosphere, the vehicle’s trajectory does lie 
essentially in a single inertial plane. But except for winds, the atmosphere 
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rotates with the earth and the vehicle is gradually captured by the rotating 
air mass, and eventually flies essentially in a plane which rotates with the 
earth. None the less, it is possible to determine by iteration a plane for the 
approach trajectory such that no lateral control would nominally be required 
to fly to the landing point. The required range after entry is then given by the 
distance from the entry point to the landing site. The entry point is defined 
as that point at which the approach trajectory passes through an arbitrary 
altitude — often taken to be 400000 ft. The entry point thus occurs slightly 
before the perigee point for the approach trajectory computed as if there were 
no atmosphere. 

This problem is further constrained by the desire to hold the azimuth of 
the approach to the landing site within certain bounds. 'This requirement is 
due to the desire to fly over well-instrumented areas and the desire to avoid 
hostile areas. This hostility may be either natural or political. Especially in 
a manned mission one would want to avoid over-flying certain countries and 
would want to avoid the colder regions of the earth. If it were possible to 
select and reach a landing site nearly along the line of the approach direction, 
then by rotation of the approach trajectory plane about the local vertical line 
while the vehicle is some distance from earth it would be possible to approach 
that landing point with any desired azimuth. But in many cases this would 
represent a severe re-entry range requirement. 

The other extreme is a landing point near the plane normal to the ap- 
proach direction. In that case the plane of the approach trajectory must be 
taken to give a reasonable lateral range requirement after entry, and very 
little freedom remains to adjust the approach azimuth. These requirements 
may very well conflict to such an extent that it is impossible to select one or 
even several landing sites which can be reached by the vehicle with the de- 
sired azimuth or orbital inclination under all conditions of timing of the 
mission. In that case an alternative is to use a water landing and move the 
landing point continuously with the changing mission situation. In the Apollo 
mission, for example, the direction of return to earth depends on the declina- 
tion of the moon which changes from day to day. A band of possible landing 
sites is chosen at low latitudes in the Pacific Ocean so the actual landing 
point toward which the re-entry system guides is moved from day to day if a 
take-off is delayed. 

Another concept associated with atmospheric entry trajectories is that of 
the entry corridor. This is simply recognition of the fact that a given vehicle 
cannot fly an acceptable atmospheric flight for arbitrary initial conditions at 
the entry point. If the flight path angle at that point is too steep, the vehicle 
will later suffer excessive aerodynamic loading even if its maximum lift is 
directed upward. Or if the flight path angle at entry is too shallow, the vehicle 
will exit the atmosphere again with a supercircular velocity even if its maxi- 
mum lift is directed downward. These boundaries of entry flight path angle 
are often taken to define the corridor of acceptable entry conditions. ‘The 
corridor can also be specified in terms of the range of acceptable virtual 
perigees — the perigee altitude computed as if there were no atmosphere. ‘The 
corridor depends on the specific definitions of its boundaries, such as 10 g’s 
for the undershoot boundary and on the entry velocity and vehicle L/D 
(Lift/Drag) capability. For a lunar return with an entry velocity of about 


362 


КАМСЕ (пт) 


LATERAL RANGE 


Fic. 


12,000 — 





νο * 36,200 fps 
H,,= 400,000 ft 
10,000 
8,000 
4 
6,000 
E 
I 
4,000 ; 10G LIMIT 
a 
2,000 
0 
-5 -6 -7 -8 


INITIAL FLIGHT PATH ANGLE (deg) 


E 


. 7-27; Re-entry range capability for lunar return conditions, 


constant L/D 


1000 
ж * 76.4 deg 


V, * 36,200 fps 


Hy * 400,000 ft 
500 





1000 2000 3000 4000 5000 
RANGE (nm) 


7-28 Lateral range capability for lunar return conditions, 
constant L/D 








— INITIAL CONTROLLED CLIMB 
PULL- UP TO ATMOSPHERIC EXIT 


— — — 
on = — 


— 












„Ж BALLISTIC SKIP 
^" EDGE" OF ATMOSPHERE 


EARTH'S κ 
SURFACE 





M. FINAL GLIDE 
Ñ 


\ 


\ 
\ 


\ 


\ 
- LANDING 
| SITE 
| 


Fic. 7-29 Typical re-entry trajectory 


1800 


3000 nm BALLISTIC RANGE 
1400 


ALTITUDE RATE 


200 


24,000 25,000 
VELOCITY (fps) 


Fic. 7-30 Ballistic range for different exit conditions 


364 





SPACE NAVIGATION 


considered logical in nature — the decision to direct lift up or down depending 
on the indicated entry conditions and continuing trajectory. If not all the lift 
of which the vehicle is capable is required to avoid excessive g’s or skip-out 
and if substantial lateral range is required to reach the landing point, at 
least some component of lift may be used in the lateral direction. ‘To achieve 
near-maximum lateral range it is essential to begin turning the trajectory 
as early as possible. The end objective of this phase might be taken to be a 
horizontal flight path angle at a suitably low g level and a low enough 
velocity so the vehicle can maintain capture in the atmosphere. ‘This means 
the velocity and altitude at the end of pull-up must be such that the maximum 
lift of which the vehicle is capable is nearly enough to balance the excess of 
centripetal over gravitational acceleration. 

Controlled Climb to Atmospheric Exit — In most instances, if the vehicle 
is to make the required range it must climb and do an out-of-atmosphere 
skip to a new entry point close enough to the landing point so the remaining 
range can be covered in a steady glide. This is the most sensitive maneuver 
of the re-entry flight. ‘The range achieved in the ballistic portion of the flight 
is shown in Fig. 7-30 as a function of velocity and altitude rate at exit which 
is taken as 400000 ft altitude. It is clear that there is a one parameter infinity 
of exit conditions which will realize the desired ballistic range. For a given 
required range, a lower exit velocity can be compensated for by a steeper 
flight path angle resulting in a larger altitude rate. These different trajec- 
tories resulting in the same ballistic range have very different sensitivities to 
errors in knowledge of or control over exit conditions. This is indicated in 
Fig. 7-31 which shows the sensitivity of ballistic range to exit velocity and in 
Fig. 7-32 which shows the sensitivity of ballistic range to exit altitude rate. 
In each case the sensitivity decreases sharply with velocity, so a slow, steep 
exit is preferable to a fast, shallow exit from the point of view of error sensi- 
tivity. For example, if 2000 nm range is required in the ballistic portion of 
the flight, it can be achieved with an exit velocity of 24600 fps and an altitude 
rate of about 680 fps or an exit velocity of 25400 fps and an altitude rate of 
about 230 fps — among other combinations. The range derivatives with 
respect to both velocity and altitude rate are roughly three times larger in 
the second case than is the first. Since the navigation information used by 
the guidance system may have appreciable errors, due chiefly to the imperfect 
initial conditions supplied to the navigator at the end of midcourse flight, 
control over sensitivity to errors must play a dominant role in the design of 
the flight control system for this phase of the flight. 

Two fundamentally different approaches to this flight control problem are 
often considered: predicted final value control and nominal-following con- 
trol. The final value control scheme involves prediction of the effect of an 
assumed control history on the conditions at the end of flight. This trajectory 
prediction can be done analytically if possible, or otherwise by high speed 
computer runs starting from the indicated present state. If the terminal 
conditions are not as desired, in this case if the terminal range is not the 
desired range, the assumed form of the control is altered and a new predicted 
trajectory is computed. This iterative process converges on a suitable control 
history. This form of control can accommodate large off-nominal perturba- 
tions in initial conditions, it does not attempt to fly back to a pre-selected 
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26 000 ft/sec and L/D = 1, the 10 g entry corridor is about 2.5 degrees wide 
in terms of entry flight path angle. For a planetary return with an entry 
velocity of perhaps 5oooo ft/sec the same corridor shrinks to about o.7 degree. 

For lunar return conditions, the range control which is available to 
vehicles of different hypersonic L/D capability is shown in Fig. 7-27. (Data 
from Ref. 5.) For each L/D, the short range limit is determined by the 10 g 
constraint. The maximum range increases essentially without limit with de- 
creasing entry flight path angle. This is indicative of trajectories which turn 
upward after entry and exit the atmosphere for a long ballistic skip. Such long 
range performance is not necessarily usable in practice due to the extreme 
sensitivity of range to errors in exit conditions. The data of Fig. 7-27 is for 
constant L/D flight. The minimum range for a given initial flight path angle 
and L/D capability can be improved somewhat by controlling the lift during 
the flight. The gain is realized by reducing the lift as the vehicle approaches 
a 10 g acceleration so as to reduce the total aerodynamic load and prevent a 
violation of the 10 g limit. The lateral control capability of vehicles of various 
hypersonic L/D as a function of the downrange distance travelled is shown in 
Fig. 7-28 (5). 

Some of the basic requirements which must be placed on an atmospheric 
flight control system are the following: 

(a) Avoid excessive aerodynamic loads. 

(b) Avoid uncontrolled skip-out in the presence of navigation, vehicle 

and atmospheric uncertainties. 

(c) Achieve the necessary range and cross-range. 

(d) Maintain a suitably low heating load, perhaps heating rate. 

(e) Achieve adequate accuracy at landing point. 
These requirements will be considered within the context of a standard flight 
plan as indicated in Fig. 7—29. 
Pre-Entry — A large part of the responsibility for meeting the first two 
requirements above rests with the midcourse guidance system. Throughout 
the mission each guided phase has been followed by another, so the cost 
of guidance inaccuracies is measured primarily in terms of the fuel required 
to accommodate the errors in the next mission phase. A more serious cost, 
however, is associated with the last midcourse correction prior to entry into 
an atmosphere. That correction must yield entry conditions within the 
acceptable corridor or it will be beyond the capability of the atmospheric 
flight control system to fly a proper trajectory. For reasons of simplicity and 
reliability, the midcourse corrections prior to the last one may be made under 
the control of an abbreviated inertial system — such as one based on three 
body-mounted pulse-rebalanced gyros for attitude control and a single body- 
mounted longitudinal accelerometer for engine cutoff. But due to the pre- 
mium on accuracy for the last correction, it will be delayed as long as possible 
so as to benefit from the best possible navigation information, and be executed 
under the control of the primary instruments of the guidance and navigation 
system. The IMU will have been aligned for this purpose and prior to atmos- 
pheric entry the inertial navigator is provided with initial conditions. 
Initial Pull-Up — During the initial portion of the entry trajectory, attention 
may well be centered not on reaching the landing point but on avoiding 
excessive g's or uncontrolled skip-out. Control during this phase may be 
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nominal trajectory which may be a costly maneuver and with proper choice 
for the form of control history it can direct the vehicle along trajectories 
which are desirable for other reasons than terminal accuracy — such as low 
heat load. A nominal-following control scheme would be undesirable if it 
referred to a nominal trajectory selected prior to the start of the mission. 
This would be a severe constraint for a flight control system which must be 
able to bring the vehicle home under the wide variety of circumstances 
resulting, for example, from aborts at all possible times during the mission. 
However, for this climb-to-exit phase of re-entry flight it has been demon- 
strated (5) that some simplifying approximations to trajectory equations 
permit on-board calculation of a reference trajectory which is based on the 
existing conditions at the end of the initial pull-up and which reflects the 
conditions desired at exit so as to achieve the required ballistic range. With 
such an analytical reference trajectory available, the nominal-following 
scheme has complete flexibility. Moreover, with the feedback gains in the 
nominal-following system time programmed to minimize the mean squared 
range perturbation at the end of ballistic flight due to the ensemble of 
expected errors in navigation information, a surprising degree of insensitivity 
to these errors is achieved (6). In spite of a range sensitivity to altitude rate 
which is typically about 3 nm/fps, this system yields trivial control errors with 
errors in knowledge of altitude rate as large as 200 fps. This insensitivity to 
error is probably the most important criterion by which to judge the merit 
of a flight control system for this critical phase of the flight. 
Ballistic Skip — No effective aerodynamic control can be exercised during 
this phase of the flight. For a vehicle with no propulsive capability remaining, 
this skip is then uncontrolled. This just serves to emphasize the importance of 
achieving accurate exit conditions — or what is closer to the case, achieving a 
combination of errors at exit such that a desired ballistic trajectory results. 
Final Glide — Again during the final glide to the landing point either pre- 
dicted final value control or nominal-following control can be employed. If 
the vehicle has a reasonable lifting capability, say L/D of 0.5 or greater, a 
particularly simple range predictor is available for use in a final value control 
scheme. If the control history is taken to be just a constant L/D, the range to 
which the vehicle will glide is given to good accuracy by the simple equili- 
brium glide relation: 
771 

pange angle = 14 па (= 70) — 
where V; and V; are the initial and final velocities divided by the circular 
satellite velocity at some mean altitude. In fact, the form of this range 
expression is so simple as to allow direct calculation of the required L/D 
given the range to go. This expression for L/D, modified by correction terms 
to account for the fact that the initial altitude and flight path angle may not 
be consistent with equilibrium glide at the required L/D (7), results in a 
direct closed-loop flight control system for the final glide. 

The Apollo vehicle has an L/D of only 0.3. With such little lift, the as- 
sumptions underlying the equilibrium glide relations are not well satisfied, 
and the nominal-following philosophy seems preferable. This scheme 15 
especially amenable to this last phase of the flight since the ballistic skip was 
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intended to bring the vehicle into the final glide at a nominal range from the 
landing point. Thus trajectory data calculated before the start of the mission 
and stored in the on-board computer is perfectly usable in this phase. The 
nominal distance flown by the Apollo vehicle in this final glide phase is 
about 640 nm and the control capability lor accommodating range errors at 
the end of the ballistic skip is about +200 nm. It is expected that the errors 
will be no more than about 20 nm. 


VEHICLE CONTROL 

The result of the flight control schemes discussed above is a desired or 
commanded L/D. It still remains for a vehicle control system to execute these 
commands. For many reasons it would be desirable to have full aerodynamic 
control available, that is, to be able to roll to any desired bank angle and to 
trim the vehicle to any desired lift or L/D. But aerodynamic trimming poses 
a most difficult problem. This requires something like control surfaces or 
trim tabs which will not burn up when deflected into the hot gas flow, will 
not jam if heat-protecting material from the vehicle forebody flows back and 
condenses, which are reasonably small and light-weight, have modest power 
requirements for actuation and so on, It seems fair to say that this problem 
has no satisfactory solution at present. 

A perfectly reasonable alternative is the use of a fixed vehicle trim at some 
L/D and the use of roll only to control the flight. In this case the L/D referred 
to throughout the discussion of in-plane flight is interpreted as the vertical 
component of L/D. The vehicle is then rolled to whatever bank angle is re- 
quired to achieve the commanded vertical component of L/D. The resulting 
lateral component of lift can be directed either to the right or left. An evident 
logic for lateral control is to reverse the direction of rol] when the predicted 
lateral error exceeds some limit. This limit can be set large initially and 
decreased during flight — perhaps in proportion to the vehicle’s lateral control 
capability. Roll control in the Apollo mission is exercised by on-off operation 
of hypergolic thrusters using attitude information derived from the IMU 
gimbal angles. The vehicle is aerodynamically stable in pitch and yaw, 
additional control engines are used for rate damping about these axes. 

The re-entry flight control problem for lunar return missions seems well in 
hand. The problem becomes much more challenging as one looks ahead to 
planetary return missions. It may be that new techniques will be required to 
satisfactorily solve that problem. The entry corridor will be considerably 
narrowed; perhaps large area controllable drag devices may be useful to 
broaden the corridor or propulsion may be useful to rotate the flight path 
somewhat at a strategic point during entry. The vehicle energy which must 
be dissipated in the atmosphere will be much greater, thus complicating 
considerably the problem of heat protection. Perhaps different flight plans 
can be used to assist in this problem — very long flights around the earth at 
high altitude to dissipate the energy under radiative equilibrium may be 
useful. Trajectory sensitivity to error will be greater, control responsiveness 
will have to be faster and more accurate. But one thing is certain: there will 
be space missions ending with atmospheric flight to a landing point. So 
workable solutions to the re-entry flight control problem will have to be found 
for all such missions. 
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perigee, velocity collection in 
perilune guidance, 183, 184; peri- 
lune, summary, 183; powered 
flight, 169; problems, 5-7; Saturn 
functional, 169; space  co- 
ordinates, 13; systems and com- 
ponents requirements, 15; termi- 
nal state vector control methods, 
174; tracking-earth based, 77; 
variable time of arrival, 179; 
velocity to be gained methods, 
171 

GUIDANCE SYSTEM, coordinates, re- 
quirements and state of techno- 
logy, 27; failure, 82; fundamental 
tasks, 149, 151 

GYROSCOPES, basic operation in 
guidance systems, 29 

GYRO UNITS, application, basic prin- 
ciples, 47; design and construc- 
tion, 39; performance accuracy, 
45; single-degree of freedom, basic 
features, 43; two-degree-of-free- 
dom, basic features, 40 


Imu, alignment procedure, 125, 129; 
description, gyroscopes and stabi- 
lization, 199, 203; description, 
thermal and mechanical, 193, 
195, 197; description, vibration, 
197, 199; inertial measurement 
unit, 101, 103, 105 

INERTIAL GUIDANCE, alignment error, 
106; Apollo I.M.U., 193; I.M.U. 
and pulse torques, 191; inertial 
measurement, 101, 103, 105; star 
sensors, 105, 106; system align- 
ment, 105, 106 

INERTIAL SENSORS, body mounted, 
mathematical background, 151, 
153» 155 

INERTIAL SYSTEMS, system require- 
ments, 57 

INTERCONNECTIONS — СЅМ, 119; LEM, 


119 


Ir1G, Inertial Reference Integrating 
Gyroscope, 193 


KEPLER, mathematical technique, 
use in recursive navigation calcu- 


lations, 157, 158 


LAGRANGE, mathematical technique 
— use in development of terminal 
state vector control method, 175 

LEGENDRE, mathematical technique 
use in recursive navigation calcu- 
lations, 159, 160 

LEM, ascent launch, 81, 95; ascent 
rendezvous, 81; ascent trajectory, 
95; docking, 91; hover phase, 92; 
lunar descent, free fall phase, 92; 
lunar excursion module, 81, 85, 
86, 91, 92, 95, 96; powered 
descent phase, 92; terminal phase, 
92, 96 

LUNAR, orbit insertion, 86; orbital 
navigation, 91 

LUNAR LANDING, navigation, guid- 
ance and control — definitions, 63, 
64 


MsrN, manned space flight network, 
85 


NAVIGATION, computor processing, 
r3; earth based, 65, 67; earth 
horizon, artificial, 258; error 
propagation, in orbit, 235, 237; 
error sensitivities near earth and 
moon, 258; geometry, 11; in 
orbit, 235-249; known landmark 
bearing measurement, 239, 241; 
measurement and computation in 
coasting flight, 65; measurement 
comparison, 71 ; phenomena, 248; 
possible measurements in orbit, 
237, 239; possible measurements, 
midcourse, 239; recursive method, 
basic, 157; recursive method, 
measurements and data incorpo- 
ration, 161; redundancy, 143, 
144; spacecraft and ground based, 
71; spacecraft based, 68; star 
horizon measurements, 239, 247, 
248; star landmark measurement, 
239; star occultation measure- 
ment/unknown landmark, 230, 
249; bearing measurement, 248 
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FUTURE PUBLICATIONS 
AGAR Dograph 95 


"SPREAD F AND ITS EFFECTS 
UPON RADIOWAVE PROPAGATION 
AND COMMUNICATION" 


This book, edited by P. Newman of the 
U.S.A.F. Cambridge Research Labora- 
tories describes the irregularities in the 
F region observed by a number of 
workers in various parts of the world. 
Differing methods of observation were 
used including backscatter radar, top- 
side sounding, oblique frequency sweep- 
ing, etc. The recent observations of 
radio star and satellite signals and 
scintillations are included. 


AGAR Dograph 106 


“SOME EFFECTS OF RAISED 
INTRAPULMONARY PRESSURE 
IN MAN" 


This monograph by Sqdn. Ldr. S. 
Ernsting, Ph.D., B.Sc., M.B., B.S., 
R.A.F., is concerned with the effects on 
the body of raised intrapulmonary 
pressure and the reduction of these 
effects by applying compensating pres- 
sures to specific regions of the body. 
The information is of special value to 
those concerned with the protection of 
personnel engaged in high altitude or 
space flight and of considerable general 
interest to those engaged in the physi- 
ology of the respiration and circulation 
systems. 


AGARD Conference Proceedings 
Series No. 3 


"PROPAGATION FACTORS IN 
SPACE COMMUNICATIONS" 


This volume, edited by W. T. Black- 
band of the R.A.E. Farnborough, 
presents the text of papers read (and 
the ensuing discussions) at the 1965 
annual symposium dealing with the 
propagation of electromagnetic waves 
in space. The information covers a 
broad field and includes radar measure- 
ments, radio communications, propaga- 
tion in a plasma sheath and some 
information on the ionosphere of Mars. 
The frequency spectrum covered extends 
from V.L.F. to laser beams. 
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